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Preface 


At  its  73rd  meeting  in  (he  fall  of  1 99 1 .  the  Structures  and  Materials  Panel  held  a  Workshop  to  address  compression  loading  and 
fluid  effects  in  composite  materials,  two  important  topics  related  to  the  technology  development  of  these  materials.  The 
purpose  of  the  Workshop  was  to  identify  the  current  state-of-the-ar*  in  key  issues  related  to  these  subjects  that  were  of  common 
interest  between  participating  nations. 

Papers  presented  revealed  some  areas  of  common  concern.  In  the  area  of  compression  'oadmg  there  was  considerable  concern 
over  the  quite  different  results  obtained  from  various  test  methods.  It  was  agreed  that  the  jahne  modes  produced  by  the  various 
test  methods  along  with  a  better  fundamental  understanding  of  compression  failure  were  key  issues  in  the  development  of 
compression  test  methods.  In  the  area  of  fluid  effects,  a  lack  of  a  comprehensive  data  base  hampers  identification  of  key 
mechanisms  leading  to  fluid  degnaMnnt  This  is  further  complicated  by  the  fact  that  iacaMUmwdepend  on  the  fluid  and  the 
composite  under  consideration  For  example,  the  effect  of  moisture  is  often  different  than  the  effect  of  jet  fuel  for  a  given 
composite  system. 

It  is  hoped  (hat  the  Workshop,  bringing  together  the  various  experiences  of  industry,  government,  and  universities,  has  served  in 
achieving  the  goal  of  identifying  key  issues  related  to  compression  loading  and  fluid  effects  in  composite  materials. 


Preface 


Lors  dc  sa  73eme  reunion,  au  printemps  1991,  le  Panel  AGARD  des  Structures  ct  Matcnaux  a  organise  un  atelier  sur  les 
charges  de  compression  et  les  effets  fluidiques  dans  les  materiaux  composites:  deux  questions  importantes  pour  le 
devcloppement  technologique  de  ces  materiaux.  L'atclier  a  eu  pour  objcctif  de  definir  lettt  de  Tan  dans  les  domaines  des 
connexes  d'interet  commun  aux  pays  participant. 


Les  communications  ont  fait  etat  d'un  certain  nombre  domaines  d'interet  commun.  En  cc  qui  c  once  me  les  charges  de 
compression,  les  participants  ont  fait  part  de  leurs  inquietudes  devant  ('importance  des  carts  entre  les  resultats  obtenus  par  les 
differentes  methodes  d'essai.  Ils  ont  etc  unanimes  pour  reconnoitre  que  les  modes  de  rupture  engendres  par  les  differentes 
methodes  d'essai  representaient  des  elements  des  pour  le  developpement  des  methodes  d'essais  de  compression. 

Dans  le  domaine  des  effets  fluidiques,  le  manque  d'une  base  de  donnees  complete  emrave  (Identification  des  mccanismcs  des 
conduisant  a  la  degradation  des  fluides.  La  situation  est  aggravee  davantage  par  le  fait  que  les  interactions  dependent  du  fluide 
et  du  materiau  composite  en  question.  Par  exerr.ple,  les  effets  de  ITiumidite  sont  sou  vent  ties  dHfctents  des  effets  d'un  carburant 
reacteur  pour  un  systeme  de  materiaux  composites  donne. 


II  est  a  esperer  que  I'atelier.  qui  a  reuni  des  experts  de  llndustrie.  de  I'Administration  et  des  Umversites.  a  contribue  a 
I'idcntification  des  questions  cles  relatives  aux  charges  dc  compression  et  aux  effets  fluidiques  dans  les  materiaux  composites. 
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SUMMARY 

Compression  loading  causes  difficulty  in  the 
development  of  test  methods  and  failure  criteria. 
Compression  testing  has  produced  considerable 
controversy  with  a  number  of  different  experimental 
methods  being  considered.  Each  method,  however, 
often  produces  different  values  of  apparent  compression 
strength.  The  failure  mode  is  the  key  issue,  as  each  test 
method  may  produce  a  different  failure  mode.  In 
addition,  the  failure  modes  often  depend  on  fiber  and 
matrix  properties  and  on  laminate  geometry.  When  data 
is  reported  the  failure  mode  is  often  ignored.  In 
analyzing  failure  modes  one  must  consider  how  relevant 
the  test  geometry  and  load  introduction  is  to  the  actual 
application  for  which  the  data  is  being  generated. 
Development  of  failure  criteria  also  creates  difficulty 
because  of  the  various  possible  failure  modes.  This 
paper  considers  these  issues  in  detail. 

1.  INTRODUCTION 

Advancements  in  carbon  fiber  technology  have 
given  rise  to  considerable  weight-savings  potential  in 
composite  structures.  Improvements  in  fiber  tensile 
strength  and  stiffness  have  not,  however,  been  matched 
by  improvements  in  compressive  strength.  To 
understand  the  reasons  for  this  problem,  considerable 
research  is  being  done  in  the  fiJd  of  compression 
testing.  The  objective  is  to  study  the  behavior  of 
composite  components  under  compression  loading  and 
to  relate  their  behavior  and  failure  modes  to  the  intrinsic 
properties  of  the  materials.  The  final  goal  then  is  to 
develop  a  reliable  method  for  testing  the  compressive 
strength  of  composites  as  related  to  design  requirements. 

The  need  to  critically  evaluate  composite  material 
test  methods  has  increased  in  recent  years  due  to  the 
complex  nature  of  data  required  for  design 
considerations.  The  heterogeneous,  anisotropic  nature 
of  fiber  reinforced  composites  has  required  careful 
scrutiny  of  any  test  method  or  proposed  test  method 
from  an  applied  mechanics  point  of  view.  Thus,  a 
number  of  papers  have  appeared  in  the  technical 
literature  which  addressed  test  methods  from  a 
theoretical  standpoint.  Although  the  importance  of 
analysis  in  the  development  of  experimental  techniques 
is  well  recognized,  recent  attention  has  been 
concentrated  in  the  area  of  failure  modes  associated  with 
certain  test  methods  [Ref.  1].  In  particular,  the  failure 
mode  assumed  in  conjunction  with  a  given  data 
reduction  scheme  may  not  be  attained  in  practice.  The 
possibility  of  multiple  failure  modes  also  makes  it 


loading. 

In  the  present  paper  lest  methods  and  failure  criteria 
associated  with  compression  loading  of  filer  reinforced 
composites  are  scrutinized. 

2.  COMPRESSION  FAILURE  MODES 

Compression  failure  models  have  traditionally  been 
based  on  fiber  micro-budding  as  the  dominant  failure 
mode.  Such  a  model  was  originally  suggested  by 
Rosen  [Ref.  2]  and  involves  the  buckling  of  individual 
fibers  in  the  matrix.  The  lowest  compression  strength 
is  obtained  with  the  anti-symmetric  mode  as  shown  in 
Fig.  1.  The  compression  sareagth  for  this  failure  mode 


Fig.  1  Mkrohnckliag 

is  given  by  the  relationship 

Slc  =  — Qai_  (1) 

d-Vr) 

where  SLC.  ,andVf  are  the  longitudinal 
compression  strength,  matrix  shear  modulus,  and 
volume  fraction  of  fiber,  respectively.  For  current 
engineering  composites  cq.  (1)  predicts  a  compression 
strength  far  above  experimentally  measured  values. 
Lower  compression  strength  can  be  predicted  in 
conjunction  with  microbuckling  if  one  considers 
imperfections  in  the  form  of  initial  curvature  of  the 
fiber  [Ref.  3]  or  initial  fiber  misalignment  [Ref.  4],  In 
these  models  the  imperfections  are  assumed  to  be 
uniform.  In  actuality  fiber  curvature  and  misalignment 
are  likely  to  be  rather  random.  The  models  are 
valuable,  however,  in  demonstrating  the  effect  of  these 
initial  imperfections  on  compression  strength  if  failure 
is  due  to  fiber  microbuckling.  Fiber  microbuckling  as 
illustrated  in  Fig.  1  is  not  observed  in  practice  as  a 
primary  failure  mode.  Current  stttc-of-the-ait  matrix 
materials  are  stiff  enough  (at  least  at  room  temperature) 
to  provide  sufficient  support  for  the  fiber.  If 
longitudinal  splitting  (see  Fig.  2)  occurs  first,  however, 
the  fiber  loses  support  and  can  buckle  as  a  column. 
Longitudinal  splitting  can  be  initiated  by  transverse 
stresses.  Such  stresses  can  be  initiated  even  in 
compression  loading  of  a  unidirectional  composite  due 
to  a  mismatch  of  Poisson's  ratios  between  the  fiber  and 


Fig.  2  Longitudinal  Splitting 

Another  failure  mode  which  has  been  discussed  in 
detail  by  Hahn  and  Williams  [Ref.  3]  involves  local 
bending  or  buckling  of  a  fiber.  This  local  fiber 
instability  can  lead  to  the  buckling  of  adjacent  fibers  and 
the  formation  of  a  "lank-band"  which  then  leads  to  shear 
crippling.  A  kink-band  is  illustrated  in  Fig.  3.  The 
formation  of  kink-bands  can  be  initiated  in  regions  of 
voids  or  where  the  fiber.matrix  interface  is  locally 
disbonded. 


(a) 


Fig.  3  Kink-band 

The  final  failure  mode  observed  in  a  unidirectional 
composite  under  compression  loading  is  shear  failure  of 
the  fiber  (see  Fig.  4).  This  failure  mode  is  commonly 
observed  in  pitch  base  graphite  fiber  composites  and 
under  certain  conditions  can  also  be  produced  in  pan 
base  graphite  fiber  composites. 


Fig.  4  Fiber  Failure 

The  problem  in  characterizing  composite 
compression  strength  arises  from  the  fact  that  these 
failure  modes  are  all  possible  under  various 
circumstances.  Load  introduction,  free-edge  effects,  and 
specimen  alignment  are  some  of  the  factors  which  may 
influence  the  failure  mode.  In  some  cases  the  observed 
failure  mode  is  secondary  to  other  events  such  as 
delamination. 
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T 

(0 


Fig.  5  Biaxial  Loading 


The  anticipated  difference  in  longitudinal 
compression  strength  between  the  loadings  show  i  in 
Fig.  S  are  not  predictable  with  conventional  failure 
criteria.  Maximum  stress  and  maximum  strain  do  not 
recognize  coupling  between  longitudinal  and  transverse 
normal  stresses.  For  criteria  which  recognize  coupling 
between  stress  components,  such  as  the  quadratic 
interaction  criterion  introduced  by  Tsai  and  Wu  [Ref.  3], 
there  are  also  problems  which  we  will  now  consider. 
This  criterion  is  of  the  form 


_2Ll 


Slt  Slc  Stt  Stc 

_ sjzi _ +il£ 


2Y  Slt  Slc  Stt  Stc  Tlt2 


(2) 


For  multidirectional  laminates  the  0°  plies  will  be 
under  biaxial  loading  which  creates  an  interesting 
challenge  relative  to  failure  criteria.  In  particular 
consider  the  three  loading  conditions  shown  in  Fig.  3. 
One  would  anticipate  a  h’ghcr  compression  strength  in 
the  presence  of  transverse  compression  loading  (Fig.  3b) 
compared  to  pure  compression  (Fig.  5a).  However,  if 
the  transverse  load  is  tension  (Sc),  one  would  anticipate 
a  lower  longitudinal  compression  strength.  V/o  envision 
that  transverse  compression  would  provide  additional 
stability  to  the  longitudinal  compression  loading,  while 
transverse  tension  would  have  the  opposite  effect.  In 
addition  transverse  tension  could  possibly  induce 
longitudinal  splitting  followed  by  fiber  microbuckling. 


■H-L  - -J-)  CL  +  ( -  J-)  or  =  1 
Slt  Slc  Stt  Stc 

where  oL,  aT.  and  tlt,  are  the  normal  stresses  paralW 
to  the  fibers,  transverse  to  the  fibers,  and  inplane  shear 
stress,  respectively.  The  strength  parameters  SLt.  Slc. 
Stt-  Stc.  aid  Tlt,  denote  tensile  strength  and 
compression  strength  parallel  to  the  fibers,  tensile  and 
compression  strength  transverse  to  (he  fibers,  and  the 
inplanc  shear  strength,  respectively. 

The  linear  terms  and  the  interaction  term  between 
CT( and  Or  govern  the  loading  conditions  shown  in 
Fig.  Sb  and  3c.  In  particular,  let  us  consider  the  two 
inplanc  loading  conditions 
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<tl  ■  -  oa,  ot  ■  ±  Roo  ^ 

Oo,  R  >  0 

Under  these  loading  conditions  eq.  (2)  reduces  to  the 
form 

aoo2 +  bato- 1  *0  (4) 

where 

a»( — 1 — +  — ^ — t  —  E  —  > 

SltSlc  SttStc  2VSltSlcSttStc 

b  =  [-J - LtR(-l - L_)  ] 

Slc  Slt  Stt  Stc 

As  an  example,  let  us  consider  the  case  where  R  = 
±  0.02  in  conjunction  with  a  unidirectional  composite 
having  the  following  strength  properties: 


These  numerical  results  do  not  make  physical 
sense.  In  particular,  an  increase  in  longitudinal 
compression  strength  in  the  presence  of  transverse 
compression  should  not  depend  on  a  difference  between 
Stt  and  Stc.  assuming  that  Ot  <  Stc  at  failure.  In  a 
similar  man.ier,  the  sensitivity  of  the  longitudinal 
compression  strength  to  transverse  compression  load 
should  not  depend  on  Stc.  as  long  as  Ot  <  Stc  at 
failure.  In  addition,  a  cursory  examination  of  eq.  (7) 
reveals  that  the  value  of  <xa  at  failure  would  be  identical 
for  biaxial  tension  and  biaxial  compression.  In  the  case 
of  biaxial  tension,  one  would  anticipate  that  transverse 
tensile  load  would  be  detrimental  or  have  no  effect  on 
longitudinal  tension  failure  provided  <*r  <  Stt  at  failure. 
Thus,  there  are  difficulties  associated  with  using  a 
quadratic  interaction  criterion  in  conjunction  with  the  0° 
unidirectional  ply  loading  as  illustrated  in  Fig.  S.  New 
approaches  to  failure  prediction  for  this  type  of  loading 
are  required. 


Slt  =  Slc  =  36  MPa 
Stt  *  1  MPa.  Stc  =  3  MPa 


(5) 


These  strength  values  are  typical  of  state-of-the-art 
graphite/epoxy  materials.  Substituting  these  strength 
numbers  into  eq.  (2)  we  And  that  failure  would  occur  at 
<r0  =  46.7  MPa  for  the  case  of  transverse  compression 
loading  (R=-0.02).  Thus,  the  longitudinal  compression 
strength  is  enhanced  by  the  presence  of  the  transverse 
compression  loading.  If  we  reverse  the  transverse  load 
to  tension  (R=+0.02),  then  failure  occurs  when  <Jo  = 
2S.0  MPa,  indicating  that  the  transverse  tension  load 
reduces  the  longitudinal  compression  strength.  Now  let 
us  consider  the  case  where  transverse  compression  ?nd 
tension  are  equal.  i.e. 


Slc  —  Slt  =  Sl  =  36  MPa 
Stc  *  Stt  =  St  =  1  MPa 


(6) 


Equation  (4)  now  reduces  to 


2SlSt 


V 2  [2St2  +  RSl  (2RSl  ±  St)  1 


(7) 


For  the  case  of  transverse  compression  (R=-0.02). 
failure  occurs  at  Oo  3  33.4  MPa  and  for  transverse 
tension  (R=+0.02),  failure  occurs  at  o0  =  26  3  MPa. 
Thus,  we  obtain  a  lower  strength  by  applying  transverse 
compression  in  conjunction  with  longitudinal 
compression.  It  should  be  noted  that  the  transverse 
stress  at  failure  is  below  Sr  in  both  cases.  If  we  raise 
the  transverse  strength  such  that 


Stt  -  Stc  =  St  =  3  MPa  (8) 


3.  COMPRESSION  T3STING 

In  order  to  illustrate  difficulties  associated  with 
compression  test  methods,  we  will  consider  two 
configurations  of  the  IITR1  compression  test  (ASTM  D- 
3410)  which  produce  entirely  different  apparent 
compression  strength  and  failure  modes.  The 
conventional  IITRI  specimen  produces  apparent 
compression  strengths  and  failure  modes  which  are 
typical  of  current  state-of-the-art  compression  test 
methods.  The  second  conAguration  of  the  IITRI  test 
involves  a  mini-sandwich  beam  consisting  of  composite 
face  sheets  co-curcd  with  a  core  material  constructed  of 
the  same  matrix  contained  in  the  face  sheet  [Ref.  6]. 
The  mini-sandwich  beam  produces  fiber  failure,  while  a 
very  complex  failure  mode  is  associated  with  the 
standard  IITRI  specimen.  Unidirectional  data  in 
conjunction  with  AS-4/3501-6  graphite/epoxy  are 
discussed.  Consideration  is  also  given  to  the 
relationship  between  coupon  compression  data  and  needs 
of  the  designer. 

3.1  Conventional  IITRI  Specimen 

The  conventional  IITRI  specimen  ic  an  option  to 
the  Cclancsc  compression  test  method  as  described  in 
ASTM  D  3410.  For  the  present  investigation  data  is 
considered  in  conjunction  with  [0°]24,  AS-4/3501-6 
composites  [Ref.  7].  The  specimen  is  a  straight-sided 
coupon  with  3  length  of  127  mm  and  a  width  of  6.35 
mm.  An  unsupported  gage  length  of  12.7  mm  is 
utilized  in  this  test  method.  Specimens  are  gripped 
through  tapered  glass/cpoxy  end  tabs.  Compression 
strengths  as  measured  from  the  conventional  IITRI 
specimen  arc  shown  in  Table  1.  Failure  was  initiated 
near  or  in  the  end  tab  region  with  dclamination  being 
the  primary  mode  of  failure. 


then  we  obtain  a  failure  stress  <r0  =  37.2  MPa  for  3.2  The  Mini-Sandwich  Beam 
transverse  comprcssior  and  o0  =  33.2  MPa  for 

transverse  tension.  A  mini-sandwich  beam  has  been  introduced  by  Crasto 


and  Kim  (Ref.  6)  as  an  alternate  configuration  to  the 
conventional  IITRI  specimen.  The  original  sandwich 
beam  consisted  of  a  composite  face  sheet  and  a  metal 
face  sheet  bonded  to  a  honeycomb  core.  Load  was 
introduced  through  four-point  bending  with  the 
composite  face  sheet  on  the  compression  side.  This 
specimen  is  large,  expensive  to  fabricate,  and  requires  a 
large  volume  of  material  for  a  single  specimen.  In 

TABLE  1  Conventional  IITRI  Data  (Ref.  7] 

Geometry  Strength  (MPa) 

1028 

Vf  =  62%  1097 

1176 

1174 

1163 

AVG  1128 

addition,  premature  failure  often  occurs  in  the  form  of 
crushing  of  the  composite  skin  under  the  load  nose.  In 
the  nmni-sandwich  beam  the  honeycomb  core  is  replaced 
by  solid  resin  of  the  same  material  as  'he  matrix  of  the 
composite  being  tested.  Composite  ;  spreg  is  placed 
on  both  sides  of  the  resin  core  and  tne  unit  is  co-curcd 
(or  Co-consolidated),  eliminating  the  conventional 
adhesive  layer.  The  specimen  is  then  loaded  in 
compression,  using  a  standard  IITRI  fixture  rather  than 
the  four-point  loading  configuration  of  the  conventional 
sandwich  beam.  Back-to-back  strain  gages  indicate  that 
macro-buckling  docs  not  occur  in  the  mini-sandwich 
specimen. 

Sandwich  beam  data  ootained  from  Ref.  6  are 
shown  in  Table  2.  The  face  sheets  arc  [0°]2 
unidirectional  composites.  Typical  failure  modes 

TABLE  2  Mini-Sandwich  Data  (Ref,  6) 

Face  Sheet  Strength  (MPa) 

Geometry 

(0°l2  2105 

Vf  =  65%  2070 

2084 

AVG  2086 

obtained  with  unidirectional  face  sheets  arc  shown  in 
Fig.  6.  Unlike  die  conventional  IITRI  specimen  fiber 
fracture  is  the  primary  mode  of  fail  jrc.  The  angle  of  die 
fracture  path  is  at  approximately  75°  to  the  specimen 
axis. 

4.  DISCUSSION 

It  is  appaicnl  from  the  data  presented  in  Tables  I 
and  2  that  the  ultimate  composite  compressive  stresses 


obtained  with  the  mini-sandwich  beam  greatly  exceed 
those  obtained  with  the  con  entional  IITRI  specimen. 
The  key  to  this  difference  is  the  failure  mode.  As 
shown  by  Tan  [Ref.  8],  targe  interlaminar  stresses  are 
present  under  the  tab  region  in  the  conventional 
unidirectional  IITRI  specimen  making  the  specimen 
prone  to  dclamination.  The  large  loads  required  to  fail 
the  fiber  in  compression  accentuate  the  tendency  to 
delaminate. 

From  a  design  perspective  one  needs  to  question  the 
relevance  of  the  high  compression  strengths  observed  in 
the  mini-sandwich  beam.  It  is  possible  in  structural 
applications,  just  as  in  the  case  of  the  conventional 
IITRI  specimen,  that  initial  failure  may  be  in  the  form 
of  dclamination  which  will  cause  catastrophic  failure 
due  to  fiber  buckling.  However,  in  any  design  situation 
it  is  important  that  the  failure  modes  and  processes  are 
well  understood  if  an  intelligent  design  is  to  be 
performed.  It  is  of  little  consequence  that  a  structure  is 
able  to  withstand  its  design  load  if  the  failure  mode  is 
not  the  one  designed  for.  From  a  materials  standpoint  it 
docs  not  make  sense  to  attempt  to  improve  the 
compression  strength  of  the  fiber  if  the  failure  process 
involves  modes  which  do  not  invoke  fiber  failure. 
Thus,  it  is  important  to  be  able  to  measure  the  intrinsic 
compression  strength  and  to  understand  the  failure 
processes  that  occur  under  compression  loading.  In 
addition,  the  complex  failure  processes  may  cause 
considerable  difficulty  in  developing  failure  criteria,  as 
illustrated  when  a  quadratic  failure  criterion  was  utilized 
in  conjunction  with  the  loading  conditions  shown  in 
Fig,  5. 

5.  CONCLUSIONS 

Experimental  data  reviewed  in  this  paper  indicates 
that  the  intrinsic  compression  strength  of  high 
performance  composites  may  be  much  higher  than 
indicated  from  data  obtained  wiji  state-of-the-art 
compression  tests  such  as  the  conventional  IITRI 
method.  In  these  specimens  premature  failure  is  often 
induced  by  large  interlaminar  stresses  under  the  end  tabs. 
Although  the  intrinsic  compression  strength  may  be 
difficuh  to  achieve  in  structural  applications  due  to 
other  failure  modes  initialing  the  failure  process,  it  is  of 
practical  importance  to  be  able  to  determine  this 
number.  Complex  failure  modes  and  processes  make  it 
difficult  to  develop  failure  criteria  for  compression 
loading. 
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1.  SUMMARY 

The  measured  compression  strength  of  advanced 
composites  is  sensitive  to  specimen  inhomogcncities, 
loading  geometry,  and  test  conditions.  Consequently,  the 
reported  "strength"  is  not  an  intrinsic  material  property, 
but  simply  the  "failure  stress  under  compression  loading," 
and  varies  widely  for  a  given  composite  system.  To 
obtain  a  more  accurate  measure  of  the  material  property, 
premature  failure  must  be  avoided,  and  a  specimen  was 
specifically  designed  for  this  purpose.  The  specimen  is  a 
miniature  sandwich  beam  with  identical  composite  skins 
on  either  side  of  a  neat  resin  core,  and  can  be  tested  in 
axial  compression  as  well  as  four-point  flexure.  The  axial 
compressive  properties  of  epoxy  composites  reinforced 
•vith  carbon,  glass,  and  boron  filaments,  and  composites 
of  carbon  fibers  in  a  polyethcrcthcrketone  (PEEK)  matrix 
have  been  evaluated  with  this  specimen  in  an  ilTRI  test 
fixture.  Failure  occurred  predominantly  in  the  gage 
section  for  unidirectional  composites  at  composite  stresses 
and  strains  substantially  higher  than  those  observed  with 
all-composite  test  coupons  and  with  substantially  less 
variation  in  the  data.  Multidirectional  laminates  also 
displayed  higher  strengths  with  the  sandwich  specimen. 


2.  INTRODUCTION 

Improvements  in  the  strength  and  stiffness  of  reinforcing 
fibers  have  promoted  similar  improvements  in  most 
composite  properties,  an  exception  being  composite 
"compression  strength."  This  "property"  has  cither 
remained  the  same,  or  deteriorated,  promoting  extensive 
studies  to  characterize  the  response  of  a  composite  to 
compressive  loading.  A  key  requirement  in  the 
measurement  of  true  compression  strength  is  that  the 
composite  fail  in  compression,  and  n,,  as  a  consequence 
of  eccentric  loading  and/or  poor  specimen  design  or 
quality.  Hahn  and  Williams  [  I  ]  have  defined  three  modes 
of  failure  for  unidirectional  composites  under  compression 
loading,  with  true  compres'''C  failure  precipitated  by 
shear  failure  of  the  fibers.  While  this  failure  mode  is 
commonly  observed  in  composites  of  low  compression 
strength  (such  as  those  reinforced  with  lugh-modulus 
pitch-based  carbon  fibers),  it  has  never  been  reported  in 
composites  of  low  or  intermediate-modulus  PAN-based 


carbon  fibers  (such  as  AS4  and  IMS).  What  is  generally 
observed  in  careful  testing  of  composites  of  these  fibers  is 
failure  via  fiber  microbuckling,  which  implies  that  the 
full  compressive  potential  of  the  reinforcing  fiber  has  not 
been  realized. 

Over  the  years  a  number  of  compression  tests  have  been 
devised  for  composite  materials,  where  specimens  arc 
directly  end-loaded,  loaded  through  shear,  or  loaded  in  four- 
point  flexure.  Specimen  shaocs  have  also  varied  from 
straight-sided  coupons  to  tubes,  rings,  and  sandwich 
structures.  The  most  popular  test  method  is  the  shear 
loading  of  a  straight-sided  coupon  through  bonded  tabs  in 
an  IITXI  or  Cclancsc  test  fixture  (21.  Refinements  to  this 
technique  have  included  variation  of  the  specimen  gage 
length  (31,  tabs  of  different  materials  and  end  taper  angles, 
both  bonded  and  unbonded  [4],  and  modifications  to  the 
test  fixtures  themselves  (51.  The  success  of  any  refinement 
is  generally  measured  by  the  increase  in  "compression 
strength"  for  a  given  composite.  Implied  in  this  belief  is 
that  "compression  strength"  as  conventionally  reported  is 
not  an  intrinsic  material  property,  but  simply  pul,  the 
"failure  stress  under  compressive  loading."  This  failure 
stress  is  determined  by  the  failure  mode,  which  in  turn 
may  be  dependent  partly  on  composite  variables  such  as 
the  strength  of  the  interface  bond  or  the  shear  stiffness  of 
the  matrix,  and  partly  on  the  specimen  geometry  and  test 
method.  If  this  measured  "compression  strength"  is  not 
an  intrinsic  material  property  but  dependent  rather  on 
specimen  design  and  test  conditions,  the  usefulness  of  this 
data  in  ihc  design  of  structures  subjected  to  compression 
loading  is  debatable.  However,  in  an  effort  to  evaluate  die 
compressive  properties  of  fibers  and  composites,  it  is 
necessary  to  develop  a  test  technique  which  precludes 
prcmaiurc  failure  and  thereby  provides  a  belter  comparison 
of  true  compressive  strengths.  With  this  in  mind  we  have 
developed  a  miniature  sandwich  specimen  which  is  a 
variation  of  the  traditional  honeycomb  sandwich 
specimen. 


3.  DESIGN  RATIONALE 

There  arc  two  keys  to  obtaining  accurate,  reliable 
composite  compression  strengths.  The  first  is  related  to 
goixl  composite  quality  (minimum  variations  in  fiber 
alignment  and  fiber  volume  fraction)  and  precise  specimen 
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alignment  with  the  loading  axis,  and  with  sufficient  care, 
these  can  be  satisfied;  the  second  encompasses  specimen 
design.  An  ideal  design  should  minimize  stress 
concentrations  at  the  ends  of  the  gage  section  and  allow 
the  specimen  to  fail  in  compression  before  the  critical 
buckling  load  is  reached.  A  sandwich  structure,  in  which 
composite  skins  are  separated  by  a  material  of  lower 
modulus,  satisfies  the  latter  requirement:  the  specimen 
fails  at  a  lower  load  (since  it  has  fewer  composite  plies 
than  a  conventional  specimen)  and  the  geometry  provides 
greater  stability  against  buckling.  Sandwich  specimens 
have  been  proposed  in  the  past  [6],  and  a  four-point  flex 
test  method  which  employs  a  sandwich  specimen  is  also 
incorporated  in  ASTM  D-3410.  These  specimens  are 
large  and  expensive  to  fabricate  and  have  therefore  seen 
limited  use.  In  addition  a  mismatch  of  Poisson's  ratios 
between  composite  skin  and  core  (usually  an  aluminum 
honeycomb)  can  cause  premature  debonding  between  the 
two  under  an  applied  load  and  artificially  lower  strengths. 
Furthermore,  when  tested  in  flexure,  local  crushing  of  the 
composite  skin  beneath  the  loading  pins  also  occurs 
frequently,  with  consequent  premature  failure.  In  spite  of 
these  drawbacks  sandwich  specimens,  in  general,  yield 
higher  "compression  strengths"  than  other  specimen 
geometries. 

To  overcome  the  problems  described  above,  (a)  specimen 
size  should  be  reduced  to  where  it  can  be  tested  on 
conventional  test  fixtures  in  axial  compression,  (b) 
material  and  fabrication  costs  should  be  reduced,  and  (c) 
Poisson's  ratios  of  core  and  skin  should  be  better  matched. 
Accordingly,  a  miniature  sandwich  specimen  was  designed 
to  address  these  issues.  The  length  and  width  of  this 
sandwich  specimen  is  the  same  as  for  conventional 
compression  test  coupons,  while  the  volume  of  composite 
material  is  reduced  by  67%.  The  aluminum  honeycomb 
core  is  replaced  with  a  slab  of  neat  resin,  and  skin  and  core 
are  bonded  in-situ  during  composite  cure  eliminating  the 
need  for  an  intermediate  adhesive  layer.  Furthermore, 
Poisson's  ratios  of  the  resin  core  and  unidirectional 
composite  skin  are  better  matched  than  in  traditional 
sandwich  specimens.  In  comparison  to  conventional  test 
coupons,  these  miniature  sandwich  specimens  have 
significantly  lower  stress  concentrations  over  their  gage 
length  under  axial  loading,  as  determined  from  finite 
clement  modeling.  The  longitudinal  stress  <rx  is 
maximum  at  the  end  of  the  gage  section  with  a  stress 
concentration  factor  of  1.4  for  conventional  coupons  and 
only  1.2  for  the  miniature  sandwich  specimen  [7],  These 
modifications  should  allow  a  more  realistic  and  reliable 
estimation  of  composite  compression  strength. 


4.  EXPERIMENTAL 

4.1  Materials 

The  cores  of  the  miniature  sandwich  specimens  were 
fabricated  from  neat  epoxy  resins,  either  3501-6  (a  177°C- 
curc  epoxy  system  from  Hercules,  Inc.)  or  Epon  828  (an 
epoxy  resin  from  Shell  Chemical  Co.)  cured  with 
Jeffaminc  D-230  (a  polyethcraminc  from  Texaco  Inc.),  and 
polycihcrc'hcrkctonc  (PEEK),  which  was  obtained  as  a 


0.125  mm  thick  film  (Stabar  K  from  ICI  Americas,  Inc., 
The  composite  skins  were  fabricated  from  the  following 
prepreg  tapes:  AS4/3501-6,  IM8/3501-6  (Hercules,  Inc.), 
S-Glass/1034  (Fibcrite),  AS4/APC-2  (ICI/Fibcrite),  and 
boron/epoxy  5505/4  (Textron,  Inc.).  AS4  and  IM8  arc 
intermediate-modulus  PAN-based  carbon  fibers,  and  the 
matrices  1034  and  5505  arc  epoxy  systems  with  cure 
cycles  similar  to  3501-6. 

4.2  Fuhricatioa  of  thermoset  sandwich  panels 

4.2.1  Elevated-temperature  cured  core 

A  mold  was  constructed  from  two  square  glass  plates 
(2S.4  cm  x  25.4  cm)  separated  by  a  uniform  metal  spacer 
(3.18  mm  thick)  along  three  sides.  This  assembly  was 
clamped  firmly  together  to  produce  a  rectangular  cavity 
approximately  22.8  cm  x  20.3  cm  x  3.18  mm,  open  at 
one  end.  The  plates  and  the  spacer  were  liberally  coated 
with  a  release  agent  (Frekote  40)  prior  to  assembly. 
Approximately  180  g  of  3501-6  epoxy  resin  were  melted 
and  dcbulked  under  vacuum  at  120i°C  for  1  hour  to  remove 
entrapped  and  dissolved  air.  The  molten  resin  was  then 
cast  in  the  heated  mold,  heated  at  120°C  for  another  3 
hours,  and  cooled  slowly  to  room  temperature  to  yield  a 
solid  rectangular  casting.  A  15.3  cm  x  15.3  cm  square 
was  cut  from  this  plate,  and  both  faces  were  lightly  sanded 
and  rinsed  with  acetone  to  remove  residual  release  agent. 
An  equal  number  of  unidirectional  fibo/epoxy  plies  were 
placed  on  either  side  of  this  partially  cured  plate,  and  the 
assembly  was  co-cured  in  an  autoclave  with  the  standard 
composite  cure  cycle.  The  product  was  a  symmetric 
miniature  sandwich  panel  with  excellent  bonding  between 
composite  skin  and  resin  core. 

4.2.2  Rflom-ianpgamre  cured  core 

In  an  alternative  technique,  symmetric  multidirectional 
laminate  face  sheets  were  fust  fabricated  with  the  standard 
cure  cycle,  lighdy  sanded,  and  then  used  to  form  the  mold 
(replacing  the  glass  plates  in  the  assembly  detailed  above). 
Epon  828  (with  32  phr  Jeffamine  D-230)  was  then  cast  in 
this  mold  and  allowed  to  cure  at  room  temperature  for  2 
days.  The  result  was  a  symmetric  miniature  sandwich 
panel  with  good  bonding  between  face  sheets  and  core. 

4.3  Fabrication  of  thermoplastic  sandwich 
panels 

An  assembly  consisting  of  an  equal  number  of 
unidirectional  AS4/APC-2  plies  on  cither  side  of  25 
sheets  of  PEEK  film  was  consolidated  in  a  22.9  cm  x 

15.2  cm  closed  mold  under  heat  and  pressure  in  a  thermal 
press.  Under  an  initial  pressure  of  70  KPa,  the 
temperature  was  ramped  up  to  370°C  in  1  hour.  The 
pressure  was  then  slowly  increased  to  350  KPa  (at 
temperature)  over  15  minutes,  held  constant,  and  the  panel 
cooled.  Flash  was  minimal  and  the  sandwich  panels 
obtained  were  free  of  warpage  and  displayed  excellent 
consolidation  and  skin-to-corc  adhesion. 

4.4  Testing  of  sandwich  panels 

After  assuring  laminate  quality  by  ultrasonic  C-scans, 
tensile,  compressive,  and  four-point  flex  tests  were 


performed  on  specimens  cut  from  these  sandwich  panels. 
Specimen  sizes  were  in  accordance  with  ASTM  standards 
for  conventional  laminates,  and  tests  were  also  conducted 
under  similar  conditions.  Four-point  flex  tests  were  run 
with  quarter-point  loading  on  17.7  mm  wide  sandwich 
beams  with  a  span-to-depth  ratio  of  20: 1  and  a  loading  rate 
of  1.2S  mm/min,  and  strains  were  measured  on  both 
composite  skins  (undergoing  tension  and  compression). 
To  prevent  premature  failure  from  local  crushing  under  the 
line  loading  of  the  contact  pins,  thin  rubber  -ads  were 
placed  between  these  pins  and  the  specimen.  Axial 
compression  testing  was  performed  in  an  IITRI  fixture  on 
specimens  127  mm  long,  and  6.4  mm  wide.  Specimens 
mere  gripped  through  bonded  tapered  glass/cpoxy  tabs  with 
a  gage  length  of  12.7  mm.  Strain  gages  were  bonded  to 
both  faces  of  each  specimen  to  monitor  any  bending  or 
buckling  resulting  from  eccentric  loading.  An  additional 
strain  gage  was  bonded  to  the  side  of  selected  specimens  to 
simultaneously  measure  axial  strain  in  the  core.  Tensile 
tests  were  also  performed  on  specimens  from  these  panels. 
Failed  specimens  were  examined  in  an  optical  microscope 
and  also  in  a  JEOL  JSM  840  scanning  electron 
microscope. 


5.  RESULTS  AND  DISCUSSION 

By  simultaneously  consolidating  or  curing  the 
components  in  a  miniature  sandwich  panel,  excellent 
adhesion  is  obtained  between  skin  and  core  without  the 
necessity  of  an  intermediate  adhesive  layer.  From  an 
optical  ex.  jnination  of  sandwich  cross-sections  in  Figure 
1 ,  it  can  be  seen  that  the  maim  material  is  continuous 
from  skin  io  core  with  no  discernible  interface  between  the 
two.  This  is  not  unexpected  in  the  thermoplastic 
sandwich  whe  c  core  and  prepreg  resin  fuse  together  during 
panel  consolidation.  The  continuity  in  the  epoxy 
sandwich  is  due  to  the  fact  that  the  starting  resin  core  is 
gelled  (at  120°C)  and  not  fully  cured.  This  partial  ly-cured 
core  softens  during  final  cure  in  the  autoclave  (at  1770O  - 
as  determined  from  a  measurement  of  dynamic  shear 
modulus  as  a  function  of  temperature  -  and  blends  with  (he 
matrix  of  'he  prepreg. 

When  ,.  symmetric  sandwich  specimen  is  subjected  to 
direct  axial  compression,  the  compressive  stress  (os)  on 
the  composite  skm  can  be  calculated  from  the  rule  of 
mixtures  and  is  written  as: 

<*s  =  (°t  *  6iEcVc)/Vs  (1) 

where  e,  E  and  V  are  the  compressive  strain,  compressive 
modulus  and  volume  fraction,  respectively,  and  the 
subscripts  t,  s,  and  c  refer  to  the  total  specimen,  skin 
(composite),  and  core  (resin),  respectively.  This 
expression  assumes  perfect  skin-core  bonding  with 
identical  axial  strains  (Et)  throughout  the  specimen.  Axial 
compression  of  the  neat  resin  core  revealed  nonlinear 
stress-strain  behavior  for  both  PEEK  and  3501-6  with  the 
modulus  decreasing  with  increasing  stress.  Figure  2 
shows  average  stress-strain  curves  for  neat  3501-6  and 
PEEK  specimens  up  to  the  strains  at  which  they  buckle 
(as  determined  from  the  divergence  of  back-to-back  strain 


gages).  An  epoxy  specimen  with  a  reduced  gage  length 
(7.6  mm)  gives  essentially  the  same  curve  but  extends  out 
to  about  3.5%  strain  before  buckling.  The  data  for  both 
PEEK  and  epoxy  cores  can  be  fit  by  quadratic  equations, 
and  differentiation  of  these  lead  to  linear  expressions  for 
the  compression  modulus  as  a  function  of  strain.  These 
variable  core  moduli  (Ec)  were  used  in  the  above  equation 
(1)  to  calculate  composite  compressive  stresses. 

Composite  compressive  stresses  (os)  in  the  four-point 
flex  test  (at  quarter-point  loading)  were  calculated  from  the 
following  expression  [81: 

<Tj  *  PL  /  8bh  (l  +  h)  (2) 

where  P  is  the  load.  L  is  the  span,  b  is  the  specimen 
width,  and  t  and  h  are  the  thicknesses  of  the  core  and  skin, 
respectively. 

To  verify  the  validity  cf  the  results  obtained  with  these 
specimens,  miniature  sandwich  beams  were  also  tested  in 
tension.  Calculated  composite  tensile  strengths  and 
moduli  were  identical  to  those  obtained  from  conventional 
composite  coupons.  Furthermore,  the  measured  strains  in 
the  skins  and  core  were  identical  whci.  these  beams  were 
loaded  in  either  tension  or  compression,  verifying  the 
assumption  underlying  equation  (1).  The  results  of  the 
axial  compression  and  four-point  flex  tests  on  these 
miniature  sandwich  specimens  are  summarized  in  Table  1. 
Also  included  in  this  table  are  the  average  compression 
strengths  obtained  for  all-composite  coupons  tested  under 
similar  conditions. 

5.1  Compression  of  Unidirectional 
Graphite/Epoxy  Composites 

AS4/3501-6  unidirectional  composite  coupons  tested  in 
axial  compression  usually  fail  prematurely,  cither  via 
global  specimen  buckling  or  from  stress  concentrations  in 
the  gripped  region.  Figure  3  illustrates  one  such  case, 
where  stress  concentrations  result  in  intralaminar  splitting 
originating  under  the  lab.  As  a  result  of  premature  failure, 
reported  compressive  strengths  for  this  composite  system 
are  in  the  neighborhood  of  1300  to  1500  MPa  which  is 
considerably  lower  than  the  value  obtained  from  the 
miniature  sandwich  specimen.  Figure  4  shows  a  typical 
composite  stress-strain  curve  from  a  sandwich  specimen 
with  unidirectional  2-ply  skins.  The  strains  arc  the 
average  from  back-to-back  strain  gages,  while  the  stresses 
arc  calculated  frem  equation  1.  What  stands  out  in  this 
plot  is  the  nonlinear  behavior  of  this  material  in 
compression  and  the  relatively  high  failure  stress  and 
strain  compared  to  conventional  composite  specimens. 
This  softening  in  compression  is  attributed  to  a  reversible 
reduction  in  fiber  stiffness  with  increasing  strain. 
Examination  of  failed  specimens  revealed  fracture  of  the 
skin  in  the  gage  section  with  the  fracture  path  at  an  angle 
of  approximately  75  degrees  to  the  specimen  axis  (Figure 
5).  This  fracture  was  accompanied  by  dclamination  and 
core  cracking. 

Specimens  with  unidirectional  4-ply  skins  displayed 
composite  stress-strain  curves  similar  to  those  of 
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FIGURE  1.  Photomicrographs  of  cross-sections  of 
(A)  (02/±30)  AS4/APC-2  and  (B)  (0/902/0)  AS4/3501-6 
sandwich  panels,  displaying  excellent  adhesion  between 
skin  and  cote.  (Arrows  show  skin/core  interface  region). 


FIGURE  2.  Avenge  compressive  stress-strain  curves 
for  neat  PEEK  and  epoxy  (3501-6)  resins. 


FIGURE  3.  Intnlmunw  fracture  (originating  under 
the  tab)  of  a  24-ply  unidirectional  AS4/3501-6  composite 
specimen  tested  in  compression. 

(Specimen  width.-6J5  ami) 


FIGURE  4.  Stress-strain  curve  for  the  2-ply 
composite  skin  of  a  unidirectional  AS4/3501-6 
sandwich  specimen  tested  in  axial  compression. 


FIGURE  5.  Flat  and  side  views  of  the  gage  section  of  a 
failed  2-ply  unidirectional  AS4/3501-6  sandwich  specimen 
tested  in  axial  compression.  (Specimen  width  :  6.35  mm) 


specimens  with  2-ply  skins.  Two  such  compression 
stress-strain  curves  arc  shown  in  Figure  6  for  the  same 
specimen.  This  specimen  was  initially  loaded  to  a  strain 
of  l.S%.  unloaded  to  zero,  and  then  loaded  again  to  failure. 
The  second  stress-strain  curve  is  almost  identical  to  the 
first,  demonstrating  the  reversible  nonlinear  behavior  of 
this  composite  in  compression.  The  plotted  data  follow  a 
quadratic  fit,  and  hence  the  compression  modulus  varies 
linearly  with  strain,  dropping  from  an  initial  value  of  144 
GPa  to  100  GPa  at  a  strain  of  1%.  This  is  in  contrast  to 
the  tensile  stress-strain  behavior  of  these  composites, 
where  a  stiffening  is  noted  with  increasing  strain  (9|.  The 
magnitude  of  the  skin  failure  stress  for  some  of  these 
sandwich  specimens  (>2140  MPa)  is  of  the  same  order  as 
the  composite  tensile  strength,  implying  that  this 
composite  is  at  least  as  strong  in  compression  as  it  is  in 
tension. 

The  4-ply  sandwich  specimens  also  failed  in  the  gage 
section  (Figure  7)  in  a  manner  similar  to  that  observed  in 
the  2-ply  specimens.  A  microscopic  examination  of  the 
skin  fracture  surface  revealed  fiber  fracture  morphology 
uncharacteristic  of  microbuckling  near  the  outer  surface  of 
the  composite  skin.  A  section  of  this  surface  is  shown  in 
Figure  8.  The  hackles  across  the  fiber  cross-sections,  all 
oriented  the  same  way.  suggest  a  shearing  of  the  fibers 
induced  by  the  compressive  loading.  In  the  absence  of  any 
published  micrographs  on  the  compression  fracture 
morphology  of  AS4,  it  is  suggested  that  these  fracture 
features  reflect  true  compressive  failure  of  the  fibers.  On 
the  same  composite  fracture  surface,  but  closer  to  the  core, 
there  was  evidence  of  failure  via  fiber  buckling.  In  this 
case  each  fiber  cross-section  exhibited  a  dual  tensile  and 
compressive  fracture  morphology  with  a  distinct  neutral 
axis  and  with  the  neutral  axes  of  all  fibers  aligned  in  the 
same  direction.  These  observations  suggest  that  the 
initial  compressive  failure  on  the  outer  surface  of  a  skin 
produces  an  eccentricity  in  the  applied  stress,  promoting 
instantaneous  buckling  and  catastrophic  global  failure. 
With  an  increase  in  each  composite  skin  thickness  to  6 
(unidirectional)  plies,  the  considerably  higher  applied  loads 
promoted  global  buckling  of  the  specimen  and  premature 
failure,  though  at  composite  stresses  still  significantly 
higher  than  observed  for  all-composite  coupons.  For  the 
core  thickness  employed  in  this  study  (3.18  mm), 
therefore,  a  skin  consisting  of  2  to  4  plies  is 
recommended. 

IM 8/3 50 1-6  unidirectional  composites  displayed  a  similar 
response  to  axial  compressive  loading  as  AS4/3501-6. 
Typical  stress-strain  curves  frr  all-composite  and  2-ply 
sandwich  specimens  are  shown  in  Figure  9.  Both  curves 
demonstrate  a  pronounced  nonlinearity,  and  the  difference 
in  slopes  is  due  to  differences  in  fiber  volume  fractions. 
The  average  ultimate  compression  strength  for  this 
composite  system  is  2300  MPa,  which  is  almost  10% 
greater  than  the  corresponding  value  for  AS4/3501-6. 
This  result  was  unexpected,  since  in  general  an  inverse 
correlation  is  observed  between  carbon  fiber  stiffness  and 
composite  compression  strength.  (Moduli  of  AS4  and 
IM8  aie  225  and  310  GPa,  respectively.) 


In  the  four-point  flex  testing  of  these  miniature  sandwich 
specimens,  failure  initiated  in  the  brittle  epoxy  co.c, 
presumably  in  that  section  of  the  core  in  tension.  The 
crack  then  bridged  the  two  composite  skins  followed  by 
skin/core  dciamination  in  the  gagr  section.  These 
premature  failures  resulted  in  lower  ultimate  skin  stresses 
than  observed  for  the  same  panel  in  axial  compression, 
although  these  failure  stresses  and  strains  still 
significantly  exceed  the  corresponding  values  for  all¬ 
composite  coupons  tested  similarly  (sec  Table  I). 
Successful  testing  in  flexure  may  require  a  core  material 
less  sensitive  to  flaws. 

5.2  Compression  of  Unidirectional 
AS4/APC-2  Composites 

AS4/APC-2  miniature  sandwich  panels  were  fabricated 
with  unidirectional  2-ply  skin*  on  cither  side  of  a  PEEK 
core.  In  direct  axial  compression  of  these  specimens, 
failure  occurred  at  composite  stresses  lower  than  obtained 
with  the  correspond!  ig  epoxy  sandwich,  although 
substantially  greater  th-ui  obtained  with  similar  (24-ply) 
all-composite  coupons  (sec  Table  1).  The  composite 
stress-strain  curve  also  exhibits  reversible  nonlinearity 
similar  to  that  seen  with  AS4/3501-6,  but  failure  occurs 
at  significantly  lower  strains  (Figure  10).  Some 
specimens  failed  in  the  gage  section  with  the  skin 
fractured  at  approximately  75  degrees  to  the  specimen  axis 
(Figure  1 1).  Under  SEM  examination  some  Fibers  had  a 
shear  fracture  morphology  similar  to  that  seen  in 
AS4/3501-6  sandwich  panels  (see  Figure  8).  while  others 
displayed  the  dual  tcnsilc/compressivc  fracture 
morphology  typical  of  Fiber  buckling  In  other  specimens 
die  composite  skin  buckled  at  a  number  of  locations 
below  the  tab.  Differences  in  compressive  strengths 
between  thermoplastic  and  thermoset  composites 
reinforced  by  the  same  carbon  fiber  have  been  noted 
before.  In  our  tests  the  difference  in  compressive 
strengths  between  AS4/3501-6  and  AS4/APC-2 
(normalized  to  the  same  Fiber  volume  fraction)  is  less  than 
15%.  At  least  part  of  this  difference  may  be  attributed  to 
the.  significantly  higher  residual  stresses  in  the 
thermoplastic  composite. 

These  sandwich  specimens  were  also  tested  in  four-point 
flexure,  and  typical  stress-strain  curves  for  the  skins  in 
tension  and  compression  arc  shown  in  Figure  12.  The 
divergent  curves  emphasize  the  stiffening  of  the  composite 
in  tension  and  softening  in  compression.  Initial  failure 
occurred  vip  f.arturc  of  the  composite  skin  between  the 
loading  pins  on  the  surface  in  compression  at  an  angle  of 
approximately  75  degrees  to  the  specimen  axis  (Figure 
13A).  This  was  accompanied  by  interlaminar  failure 
between  the  two  skin  plies.  No  other  specimen  damage 
was  evident.  SEM  examinations  of  the  composite  fracture 
surfaces  revealed  Fiber  shear  as  the  primary  failure  mode 
with  skin  buckling  evident  at  some  distance  from  this 
failure  site  (Figure  13B).  The  sheared  faces  rubbed  against 
each  other  following  fracture,  and  not  much  information 
could  be  gleaned  from  their  examination.  Because  of  the 
toughness  of  this  core  material  and  its  lower  sensitivity  to 
crack  propagation  than  the  brittle  epoxy,  the  core  did  not 
fracture  prematurely  in  this  test.  Compressive  strengths 
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FIGURE  10.  Stress-strain  curve  for  the  2-ply  skin  of 
of  a  unidirectional  AS4/APC-2  sandwich  specimen  tested 
in  axial  compression. 


FIGURE  11.  Flat  and  side  views  of  the  gage  section 
of  a  failed  2-ply  unidirec’ional  AS4/APC-2  sandwich 
specimen  tested  in  axhi  compression. 

(Specimen  width  r  5.35  mm) 
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FIGURE  12.  Siress-strain  curves  for  the 
composite  skins  of  a  2-ply  unidirectional 
AS4/APC-2  sandwich  specimen  tested  in 
four-point  flexure. 
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FIGURE  13.  (A)  Flat  view  of  the  gage  section  of  a 
unidirectional  AS4/AFC-2  sandwich  specimen  failed  in 
four-point  flexure,  showing  the  surface  in  compression. 
(Specimen  width  :  12.7  mm) 

(B)  SEM  micrograph  of  the  composite  fracture  surface 
of  the  specimen  in  (A). 
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from  this  test  therefore  match  those  obtained  from  the 
axial  compression  test  (Table  1)  and  are  in  fact  slightly 
higher. 

5.3  Compression  of  Unidirectional 
S-Glass/1034  Composites 

Miniature  sandwich  panels  were  fabricated  with  4-pty 
unidirectional  S-gIass/1034  skins  and  a  3501-6  core.  The 
skins  displayed  a  linear  stress-strain  relationship  in  direct 
axial  compression  and  failed  catastrophically  at  composite 
strains  approaching  4%.  The  stresses  at  failure,  in  excess 
of  2200  MPa,  are  believed  to  be  the  highest  measured  for 
a  unidirectional  glass/epoxy  composite.  Failure  occuired 
via  a  combination  of  fiber  fracture,  longitudinal  splitting 
and  delamination,  with  subsequent  core  cracking.  In 
contrast,  urudirr-’tonal  all -composite  coupons  tested  under 
similar  conditioiis  buckled  globally  at  approximately 
2.5%  strain,  yielding  considerably  lower  failure  stresses 
(see  Table  1).  Representative  composite  stress-strain 
curves  for  both  types  of  specimens  are  shown  in  Figure 
14.  This  comparison  illustrates  the  influence  of  specimen 
and  test  variables  on  the  composite  failure  stress.  It  also 
clearly  indicates  the  error  in  misrepresenting  any  failure 
stress  under  compressive  loading  as  the  intrinsic 
composite  compressive  strength  without  first  examining 
the  specimen  stress-strain  behavior  and  failure  mode.  The 
linear  stress-strain  behavior  of  the  composite  is 
characteristic  of  the  glass  fiber  reinforcement.  In 
conjunction  with  the  nonlinear  stress-strain  behavior 
observed  in  carbon-fiber  composites,  these  results  suggest 
that  composite  stress-strain  behavior  is  indeed  a  function 
of  fiber  stress-strain  behavior.  In  the  four-point  flex  test, 
the  considerable  bending  strains  experienced  by  these 
specimens  resulted  in  premature  core  cracking  beneath  the 
loading  pins,  with  attendant  skin/core  dclamination  and 
longitudinal  splitting  of  the  composite.  As  a  result 
compressive  stresses  at  failure  were  not  as  high  as  those 
obtained  in  direct  axial  compression. 

5.4  Compression  of  Unidirectional 
Borcn-Epoxy  Composites 

Boron  is  known  to  be  stronger  in  compression  than 
tension,  and  this  high  compression  strength  makes  it 
difficult  to  avoid  premature  failure  in  compression  tests  on 
the  corresponding  composites.  Consequently,  this  fiber 
property  has  never  been  accurately  determined.  Data  from 
conventional  composite  tests  give  a  filament  compression 
strength  of  850  Ksi  [10].  A  miniature  sandwich  panel 
was  fabricated  by  employing  a  single  layer  of  tape  on 
cither  side  of  an  epoxy  core.  Specimens  from  this  panel 
behaved  linearly  under  compressive  loading  up  to  failure, 
and  had  an  average  compression  strength  of  525  Ksi, 
which  translates  to  a  filament  compression  strength  of 
1050  Ksi.  Failure  occurred  in  the  gage  section,  and  was 
accompanied  by  longitudinal  splitting. 

5.5  Testing  of  Multidirectional 
AS4/3501-6  Laminates 

Initial  attempts  to  f?Vicatc  min.aturc  sandwich  panels 
with  multidirectional  AS4/3501-6  laminate  skins  and  a 


3501-6  epoxy  core  were  ^successful,  as  multiple  cracks 
developed  in  the  core  due  io  residual  stresses  brought  on 
by  the  elevated  tempera irre  cure.  To  circumvent  this 
problem  the  skins  were  firs’  cured  independently,  and  a 
room-temperature  cure  epoxy  system  subsequently  cast 
between  them  to  form  tfv*  core. 

S.S.l  rVrKC-Ply  TjmJ 

A  sandwich  panel  wiu  .  -0/90/0]  cross-ply  skins  was 
prepared  in  the  manner  described  above.  Direct  axial 
compression  of  specimens  from  this  panel  gave  an  average 
laminate  compression  strength  of  1080  MPa.  A  number 
of  specimens  were  subjected  to  multiple  loadings  to 
progressively  higher  loads  and  examined  after  each  loading 
to  identify  the  primary  failure  site.  These  examinations 
revealed  initial  faitare  via  fracture  of  the  outer  0°  ply  near 
or  under  the  tab  and  delaminatioo  between  the  outer  0°  and 
90°  plies.  The  two  90*  plies  as  well  as  the  O'-  ply  in 
contact  with  the  core  appeared  undamaged.  For 
comparison,  coupons  from  a  [(V90J4S  all-laminate  panel 
were  also  tested  in  axial  compression.  Failure  in  most 
specimens  occurred  in  ibe  gage  section  at  an  average  so  css 
of  805  MPa,  which  is  significantly  lower  than  that 
obtained  with  the  sandwich  specimen.  Detailed  test 
results  are  shown  in  Table  1,  and  a  comparison  of  typical 
stress-strain  curves  is  shown  in  Figure  15.  The 
coincidence  of  the  two  laminate  stress-strain  curves  in  this 
figure  validates  the  test  results  obtained  with  this 
sandwich  specimen.  In  these  laminates  almost  all  the  load 
is  carried  by  the  0°  plies.  Since  there  is  an  equal  number 
of  0°  and  90°  plies,  the  compression  strength  should 
therefore  be  almost  half  that  of  a  unidirectional  composite. 
A  comparison  of  the  lest  results  for  sandwich  panels  with 
these  skin  orientations  shows  this  relationship  to  be  true. 
From  the  data  it  apnrrns  that,  contrary  to  popular  belief, 
conventional  test  specimens  also  underestimate 
multidirectional  laminate  compression  strengths. 

s.5.2  Ouasi-Isoironc  Laminates 

Further  laminate  compression  studies  were  conducted  on 
two  sandwich  panel;  fabricated  with  quasi-isotropic  skins. 
The  first  panel  had  My  [0/45/90/-45/-45/90/45/0]  skins, 
and  for  comparison,  a  32-ply  all-laminate  panel  (with 
identical  ply  configuration)  was  also  fabricated  and  tested. 
Test  results  are  summarized  in  Table  1.  Surprisingly, 
laminate  compression  strengths  from  the  sandwicn  paid 
are  marginally  lower  than  those  of  the  all-laminate 
coupons.  On  examining  the  same  specimen  after  multiple 
loadings  to  successively  higher  stresses,  it  was  apparent 
that  initial  failure  occuired  in  the  outer  two  plies.  This 
failure  took  the  form  of  surface  ply  separation,  surface  ply 
fracture  in  the  gage  section,  cracks  within  the  neighboring 
45s  ply,  and  dc  lam  ration  of  die  45°  ply  from  the  90°  ply 
below  it.  Figure  I6A  shows  a  section  of  the  edge  of  one 
such  failed  specimen  where  all  these  fracture  features  are 
apparent.  Figure  16B  shows  the  flat  view  of  a  specimen 
after  final  failure.  Here,  the  fracture  path  in  the  0°  ply  is 
seen  to  follow  the  angle  of  the  adjacent  45°  ply, 
suggesting  the  following  sequence  for  the  failure  events: 
initial  shear  failure  of  the  45°  ply,  subsequent  fracture  of 
the  outer  0°  ply,  and  finally,  dclamination  between  the 
outer  0°,  45°  and  90*  plies.  In  the  side  view  of  a  rpccimcn 
after  ultimate  failure  (Figure  I6Q,  dclamination  between 


FIGURE  14.  Typical  stress-strain  curves  for  unidirectional  S-G  lass/1 034  composites  tested  in  ax-al  compression : 
24-ply  all-composite  coupon  (LEFT);  sandwich  specimen  with  4-ply  skins  (RIGHT). 


FIGURE  15.  Typical  compressive  stress-strain  curves 
for  an  AS4/3501-6  cross-ply  laminate  from  a  miniature 
sandwich  specimen  and  an  all-lam inaae  coupon. 


FIGURE  U.  Photographs  of  three  IQ/+45/901 
AS4/3 501-6  sandwich  specimens  loaded  in  axial 
compression.  (A)  Edge  view  showing  initial  damage 
and  fracture  of  outer  0"  and  45®  plies;  (B)  Flat  view 
of  gage  section  showing  fracture  of  outer  0°  ply; 

(Q  Edge  view  after  final  failure  showing  separation 
of  skin  from  core. 
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skin  and  core  is  clearly  apparent  in  addition  to  the  other 
fracture  events.  Initial  failure  of  the  all-laminate 
specimens  occurred  in  a  similar  fashion,  within  the  outer 
two  plies.  Figure  17  shows  the  side  view  of  an  all¬ 
laminate  specimen  where  the  load  was  arrested  and  released 
after  observation  of  initial  failure.  An  examination  of  this 
photograph  shows  delamination  between  the  45°  and  90° 
plies  under  the  tab  and  extending  into  the  gage  section, 
fracture  of  the  45°  ply,  and  separation  of  the  outer  0°  and 
45°  plies  over  most  of  the  gage  length.  After  complete 
failure,  multiple  fractures  and  delaminations  can  be  seen, 
extending  into  the  tabbed  region.  From  the  compression 
strengths  generated  for  this  quasi-isotropic  laminate  by 
both  specimen  types,  it  appears  that  the  miniature 
sandwich  specimen  offers  no  advantage  over  the 
conventional  laminate  coupon. 

The  results  from  the  second  sandwich  panel  (w  ith  quasi- 
isotropic  6-ply  [0/60/-60/-60/60/0)  skins)  differ 
dramatically  from  those  of  the  fest  quasi-isotropic  panel. 
Again,  a  24-ply  lam  nate  with  similar  ply  orientations 
was  tested  for  comparison.  Compression  strengths  for 
both  are  summarized  in  Table  1.  For  this  quasi-isotropic 
ply  orientation,  sandwich  specimens  registered  a  35% 
higher  laminate  compression  strength  than  corresponding 
all-laminate  coupons.  Initial  failure  was  once  again 
discerned  in  the  outermost  plies  of  *Jn  sandwich  specimen, 
and  surface  ply  separation  was  predominant.  In  this 
specimen,  the  First  signs  of  failure  were  splitting, 
delamination  and  fracture  of  a  narro,<'  strip  of  the 
outermost  ply  near  a  free  edge.  This  occurred  at 
approximately  75%  of  the  ultimate  stress.  In  the  laminate 
coupon,  on  the  other  hand,  failure  was  more  catastrophic 
with  multiple  delaminations  and  ply  fractures,  and  the 
failure  initiation  site  could  not  be  identified.  In  these 
coupons,  failure  appeared  to  be  preferentially  located  near 
the  base  of  the  tab.  Comparison  of  sandwich  and  coupon 
test  results  with  this  laminate  mirror  the  results  from  tests 
on  the  cross-ply  laminates  and  point  to  the 
underestimation  of  laminate  compressive  strengths  from 
conventional  specimens.  The  coincidence  of  sandwich  and 
coupon  compression  strengths  for  the  first  quasi-isotropic 
panel  is  likely  due  to  the  occurrence  of  a  premature  failure 
event,  such  as  delamination,  common  to  specimens  of 
both  types. 

5.5.3  Frec-Edge  Stress.Analysis 
The  delaminations  observed  in  compression  tests  on 
multidirectional  laminates  arise  from  interlaminar  stresses 
acting  in  the  free-edge  region.  The  magnitude  and 
distribution  of  these  interlaminar  normal  and  shear  stresses 
vary  widely  according  to  the  stacking  sequence  and 
laminate  type.  The  initiation  and  growth  of  dclamination 
under  load  may  cause  a  progressive  reduction  in  strength, 
or  alternatively,  catastrophic  failure  of  the  laminate. 
V.  nen  a  laminated  composite  containing  a  dclamination  is 
subjected  to  a  compressive  load,  the  delaminated  section 
buckles,  resulting  in  a  high  interlaminar  stress 
concentration  at  the  delamination  front  (crack  tip).  As  the 
lo  >  is  increased  the  buckled  area  increases  to  a  critical  size 
wliich  may  result  in  a  loss  of  global  stability  or  total 
collapse  of  the  plate. 


A  stress  analysis  was  conducted  to  calculate  the 
interlaminar  stresses  at  the  free  edges  of  sandwich 
specimens  using  the  global-local  model  developed  by 
Pagcno  and  Soni  [111,  and  determine  if  they  were 
sufficient  to  initiate  dclamination  prior  to  compressive 
failure.  From  an  examination  of  the  results,  the 
interlaminar  stresses  at  each  layer  of  the  cross-ply  and 
[0/+60]  quasi-isotropic  laminates  were  found  to  be  too 
small  to  induce  interlaminar  failure  prior  to  ultimate 
failure  of  the  specimen.  For  the  [0/+45/9Q)  quasi- 
isotropic  laminate,  however,  the  interlaminar  shear  stress 
tgz  of  the  second  layer  (between  the  outermost  45°  and 
90°  plies)  exceeds  the  corresponding  interlaminar  shear 
strength  (93  MPa)  at  the  applied  failure  strain.  This 
interlamina,  shear  stress  and  the  normal  stress  for  this 
layer  are  plotted  in  Figure  18.  In  this  figure,  the  negative 
ordinate  denotes  compressive  stress  in  the  laminate  skin. 
In  line  with  this  calculation,  initial  failures  observed  in 
tests  on  this  laminate  included  dclamination  of  the  surface 
(0°)  and  adjacent  (45®)  plies  (see  Figures  16  and  17). 
Premature  failure  via  delamination  in  both  sandwich  and 
coupon  specim...s  of  this  laminate  would  explain  the 
comparable  compression  strengths  and  the  apparent  lack  of 
an  advantage  in  the  use  of  the  former. 


i.  SUMMARY  AND  CONCLUSIONS 

The  miniature  sandwich  beam  is  a  novel  adaptation  of  the 
conventional  honeycomb-core  sandwich  without  the 
disadvantages  of  the  latter.  It  is  simple  and  inexpensive  to 
fabricate,  requires  a  smaller  volume  of  composite  than  an 
all-composite  coupon,  and  can  be  tested  with  the  same 
grips  and  fixtures  used  for  conventional  composite  testing. 
The  ultimate  composite  compressive  stresses  and  strains 
obtained  with  this  specimen  greatly  exceed  those  measured 
with  conventional  composite  coupons  and  have  much  less 
variation.  The  ability  to  achieve  these  higher  strains 
dramatizes  the  nonlinearity  of  the  stress-strain  curves  and 
the  significant  drop  in  composite  compressive  modulus 
with  increasing  strain.  For  epoxy  sandwich  specimens 
with  a  brittle  core  sensitive  to  premature  cracking  under 
tensile  loading,  direct  axial  compression  tests  arc  preferred 
to  four-point  flex  tests.  For  specimens  with  tough,  less- 
sensitive  PEEK  cores,  the  reverse  is  true.  With  cither 
unidirectional  or  multidirectional  laminate  skins,  failure 
modes  from  carefully  prepared  specimens  arc  consistent, 
and  premature  failure  via  global  buckling  or  stress 
concentrations  under  the  grips  is  eliminated.  As  a  result 
measured  composite  compressive  strengths  arc  both 
reliable  and  reproducible  and  less  influenced  by  composite 
and  test  variables  than  conventional  coupons.  These 
sandwich  specimens  have  also  demonstrated  that,  contrary 
to  wide  belief,  multidirectional  laminate  compression 
strengths  are  also  underestimated  by  conventional  laminate 
coupons  and  test  methods.  Depending  on  the  ply  stacking 
sequence,  interlaminar  stresses  generated  in  laminate 
specimens  loaded  in  compression  can  cause  dclamination 
and  premature  failure,  as  seen  in  quasi-isotropic 
[0/±45/90)  laminates.  Consequently  it  is  important  to 
report  the  failure  mode  along  with  compression  strength 
data.  It  must  be  borne  in  mind  that  the  data  reported  here 
were  obtained  under  precisely-controlled  rest  conditions. 
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FIGURE  17.  Edge  views  of  ihc  gage  sections  of  (0/±45/90]  AS4/3501-6 
ail-laminate  coupons  tested  in  axial  compression  :  (A)  after  initial  failure  via 
dclamination  of  outer  0°  and  45°  plies;  (B)  after  final  failure. 


FIGURE  18.  Stress  distribution  at  the  outermost  45/90  ply  interface  of  the 
|0/45/90/-45/-45AI0/45/0/CORE]s  sandwich  specimen  under  an  applied  failure 
strain  of  1.3rf. 


and  caution  should  be  exercised  in  using  these  strengths  to 
predict  compressive  failure  in  engineering  composite 
structures. 
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TABLE  1.  Composite  Compression  Strengths  from  Miniature  Sandwich  Specimens  and  AU-Composite  Coupons. 


MINIATURE  SANDWICH  SPECIMEN 

j  ALL-COMPOSITE  COUPON 

COMPOSITE 

Compression 

Strength 

Compression 

Strength 

Skin  Layup 

Fiber 

Volume 

(*> 

Axial 

Loading* 

(MPa) 

Four-Point 

Flexure 

(MPa) 

Layup 

Axial 

Loading** 

(MPa) 

AS4/3501-6 

0  (2  and  4  plies) 

62 

2070- 

1780 

0  (20  and  24  plies) 

1400 

[0/90/90/0] 

1080 

[0/90]  4S 

805 

[Q/60/-60]  S 

935 

[((V6(Y-60)  S  ]4 

685 

[0/45/90/-45]  S 

605 

[(Q/45/90/-45)  S  ]4 

645 

AS4/APC-2 

0°  (2  and  4  plies) 

57 

1570 

1630 

0*  (24  plies) 

1100 

IM8/3501-6 

0°  (2  plies) 

62 

2300 

QT  (24  plies) 

1600 

S-G  lass/1034 

0°  (4  plies) 

60 

2280 

1430 

0*  (24  plies) 

1400 

Boron/cpoxy 

0°(1  ply) 

50 

3625 

0° 

2930 

*  1ITR1  Test  Fixture;  average  strengths  from  5-10  specimens,  coeff.  of  variation  <5% 

**  IITRI  Test  Fixture;  average  strength.:  from  5-10  specimens 


AD-P006  810 


TMHIlfj 

Ill 


!r  n 

till  ial 


'*11  I'llj  Mt 

liiiiii 


92-16960 


ASPECTS  or  COMPRESSION  IN  AEROSPACE  COMPOSITES  -  FUTURE  REQUIREMENTS 
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SUMMARY 

The  significance  of  structural  mass  in 
combat  aircraft  cannot  be  overstated,  as 
it  affects  all  aspects  of  performance, 
particularly,  turn  rate,  climb  rate, 
acceleration,  range  and  payload. 

To  keep  the  overall  mass  of  combat 
aircraft  to  a  minimum  level  and  optimise 
performance,  designers  have  over  recent 
years  exploited  the  benefits  offered  with 
advanced  polymer  composite  materials. 

These  can  offer  specific  mechanical 
properties  which  exceed  those  of  more 
conventional  aircraft  materials,  for 
example  the  alloys  of  aluminium.  In 
particular,  significant  benefits  can  be 
gained  in  relation  to  tensile  strength  and 
modulus. 

The  ability  to  resist  loads  in  compression 
is,  however,  particularly  important  in 
3ome  aircraft  structures,  for  example  the 
wing.  For  minimum  mass  design,  the 
material  chosen  for  such  structures  should 
provide  superior  specific  compression 
properties.  This  is  particularly  true 
following  low  energy  impact,  which  in  many 
cases  is  barely  visible,  but  which  can 
lead  to  significant  strength  reductions 
and  limit  the  design  allowable  strains. 

This  paper  will  highlight  the  advantages 
in  terms  of  reduced  mass  and  increased 
performance  to  be  gained  with  composite 
materials,  and  give  a  general  overview  of 
the  materials  science  aspects  of 
compression  and  compression  after  impact. 
Some  of  the  recent  developments  aimed  at 
improving  the  reliability  of  compression 
test  data  will  be  reviewed,  and  recent 
advances  in  materials  technology  and  the 
requirements  for  the  future  will  be 
discussed,  though  this  paper  does  not 
represent  a  rigorous  treatment  of  the 
subject. 


1.  INTRODUCTION 

Since  the  dawn  of  the  aerospace  age, 
developments  in  materials  and  production 
processes  have  led  to  the  design  and 
manufacture  of  highly  efficient  aircraft 
structures  (1).  For  reasons  of  improved 
performance,  current  and  future  advancoa 
combat  aircraft  require  to  be 
light-weight.  In  general,  a  11  saving  in 
the  overall  mass  of  the  aircraft  can  yield 
an  Increase  in  specific  excess  power 
(which  can  be  related  to  climb  rate)  of 


It,  an  increase  in  subsonic  sustained  turn 
rate  of  It  and  an  increase  in  sustained 
supersonic  turn  rate  of  about  0.5*, 
though,  obviously,  the  particular  gains  in 
aircraft  performance  depend  on  the  aircraft 
design.  Other  benefits  gained  by 
minimising  thu  mass  of  the  aircraft 
include  reduced  fuel  consumption  rate, 
which  leads  ;.o  increased  range;  reduced 
drag  because  the  wing  and/or  the  frontal 
area  of  the  aircraft  can  be  smaller; 
increased  payload  and  so  on.  High 
performance  combat  aircraft  can  now  be 
produced  lighter  than  could  be  achieved 
previously,  using  modern  materials  and  by 
adopting  design  practices  which  take 
advartage  of  the  new  materials  and 
processes  available.  A  major  class  of 
materials  which  has  emerged,  and  has  been 
developed  considerably  over  the  last 
thirty  or  so  years,  is  carbon  fibre 
reinforced  polymer  composites,  or  CFC's. 

Compared  with  other  common  aerospace 
materials,  CFC's  offer  significant 
benefits  in  terms  of  their  high  specific 
mechanical  properties,  as  illustrated  in 
Figure  1.  Based  on  these  data,  the  use  of 
CFC's  in  design  would  seem  to  lead  to 
significant  savings  in  structura’  mass, 
especially  if  intermediate  modulus  fibres 
are  used  such  as  T800  or  IM7.  However,  it 
should  be  noted  that  the  data  shown  in 
Figure  1  relate  to  a  unidirectional  carbon 
fibre  reinforced  composite  material.  In 
practice  multi-angular  fibre 
configurations  are  employed,  resulting  in 
quasi-isotropic  mechanical  properties, 
which  are  required  to  resist  combined 
loading  conditions.  Multi-angular  fibre 
configurations  lead  to  a  reduction  in  the 
maximum  specific  properties,  as  does  the 
introduction  of  bolt  holes  (notches) ,  heat 
and  moisture.  Figure  2  summarises  this. 
However,  even  though  the  mechanical 
performance  is  lowered  because  of  these 
factors,  mass  savings  remain  achievable. 

Table  1  illustrates  the  real  mass  savings 
achieved  for  a  range  of  major  structural 
aircraft  components  when  a  metallic  design 
is  replaced  with  a  carbon  fibre  composite 
design.  It  will  be  seen  that  mass  savings 
of  the  order  of  9-30*  can  be  achieved. 

This,  coupled  with  the  fact  that  the 
properties  can  be  ta  red  to  suit  by 
predetermining  the  fibre  orientation,  has 
aided  the  widespread  application  f  CFC's 
in  aerospace  structures. 
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The  Boat  significant  composite  structure  on 
an  aircraft  is  the  wing,  and  it  is  this 
structure  which  forms  the  basis  of  the 
following  discussions.  Table  1  shows  that 
CFC's  can  lead  to  a  mass  saving  of  about 
13%  on  the  wing  torsion  box  alone,  and 
about  15%  on  a  co-bonded  wing  assembly 
overall.  Much  of  the  weight  saving  is 
achieved  through  redesign;  multi-spar 
rather  than  multi-rib  configurations  being 
preferred.  This  design  results  from  the 
fact  that,  at  the  present  time,  post 
buckling  strength  cannot  be  accounted  for. 
As  a  result,  wing  skin  buckling  must  be 
avoided,  which  leads  to  the  multi-spar 
configuration . 

One  major  problem  with  polymer  composites 
is  that  the*'  are  susceptible  to  impact 
damage,  in  which  strength  is  lowered 
through  the  introduction  of  regions  of 
impact  induced  delamination.  Strength 
reduction  is  a  particular  problem  when  the 
material  is  loaded  in  compression.  The 
type  of  impact  ihich  is  of  particular 
concern  is  low  energy  impact,  which 
visibly  is  difficult  to  detect  (barely 
visible  impact  damage,  or  BVID) ,  but  which 
can  significantly  lower  the  compression 
strength  (or  strain  to  failure)  of  the 
composite  material. 

Ouring  normal  flight  the  wings  of  an 
aircraft  are  loaded  such  that  the  top  skin 
is  in  compression  and  the  bottom  skin  is 
under  tension,  though  during  3ome 
manoeuvres,  such  as  inverted  flight,  or 
during  landing,  this  loading  pattern  is 
reversed.  This  means  that  for  both  the  top 
and  bottom  wing  skins,  impact  Induced 
compression  strength  reduction  factors 
have  to  be  taken  into  account  at  the 
design  stage. 

The  actual  mass  saving  achieved  with  a 
composite  design  depends  upon  the  design 
allowable  mechanical  properties.  These  are 
obtained  from  a  statistical  treatment  of 
the  mechanical  test  results,  taking  into 
account  the  mean  values  and  the 
variability  of  the  test  data  obtained  in 
the  material  testing  laboratory.  This 
means  that  the  data  obtained  from  coupon 
tests  must  be  accurate,  reliable  and 
reproducible,  and  they  mu3t  be  obtained  by 
methods  which  are  representative  of  the 
loading  mode  being  investigated.  This  is 
required  to  be  true  fer  all  environmental 
conditions  likely  to  be  encountered  by  the 
aircraft  in  service.  To  achieve  this,  the 
coupon  test  procedures  adopted,  including 
the  specimen  geometry,  the  method  of 
introducing  the  load  and  the  rate  of 
loading  must  be  refined  to  a  high  level. 

In  the  case  of  simple  tension  or 
in-plane-shear  testing  this  is  relatively 
straightforward.  It  is  not  so 
straightforward  when  testing  in 
compression.  It  should  be  noted,  though, 
that  coupon  testing  is  only  satir  factory 
for  simple  loading  requirements.  For 
complex  loading  conditions,  structural 
test  elements  are  needed. 


2 .  TEST  METHOD* 

2.1  Compremiom  Test leg 

Compression  testing  is  generally 
considered  to  be  inaccurate  and  not 
reproducible.  In  consequence  compression 
loaded  composite  structures  may  often  be 
over  designed  to  gain  a  secure  margin  of 
safety;  that  is,  they  may  not  be  optimum 
mass  structures.  For  minimum  mass  design, 
it  is  important,  therefore,  that 
procedures  are  developed  which  yield 
accurate  and  reliable  data. 

One  of  the  simplest  tests  to  determine  the 
compression  strength  of  unidirectional 
composite  materials  requires  parallel 
sided  coupon  with  adhesively  bonded  end 
pads.  In  suen  a  test  the  load  is 
introduced  into  the  specimen  as  a  shear 
load  from  the  grips,  through  the  end-pads 
and  the  adhesive.  However,  such  methods 
yield  inconsistent  results.  Instability 
and  a  low  out-of-plane  shear  modulus  are 
significant  problems.  Variations  in  the 
test  procedure  include  changes  i.?  specimen 
geometry,  sometimes  with  the  adoption  of 
wasted  specimens,  and  changes  the  the 
method  of  introducing  the  load.  Specimens 
may  be  with  or  without  end-pads,  which  may 
be  flat  or  may  be  machined  with  a  radius. 
Sometimes  self  stabilising  honeycomb  cored 
sandwich  specimens  are  used,  but  these 
specimens  suffer  from  high  cost. 

Many  factors  can  lead  to  inaccurate  or 
variable  data,  including  the  choice  of 
teat  method  (2)  and  specimen  preparation 
(3).  Even  the  choice  of  adhesive  required 
to  bond  the  end  pads  can  affect  the 
result.  Specimen  alignment  and  fibre 
alignment  within  the  specimen  are  crucial 
in  determining  the  reliability  of  the 
results.  Fibre  misalignments  as  little  as 
3  degrees  car:  lead  to  compression 
properties  somewhere  between  13  to  20% 
below  expected  values  for  uniaxially 
aligned  specimens  (4).  All  of  these 
factors  contribute  towards  making  it 
difficult  to  achieve  the  necessary  levels 
of  reliability  with  compression  data. 

With  the  aim  of  overcoming  some  of  the 
problems  with  testing  in  compression,  BAe 
have  developed  test  techniques  to  measure 
the  compression  strength  of 
unidirectional,  axially  aligned  specimens 
and  the  compression  strength  and  modulus 
of  specimens  employing  multi-angular  fibre 
arrangements.  For  unidirectional 
specimens,  this  has  involved  the 
production  of  a  modified  'Celanese*  rig, 
employing  nominally  2  mm  thick  specimens 
made  from  16  plies  of  prepreg  with  bonded 
end  pads.  An  example  of  the  specimen  used 
with  this  rig  is  illustrated  inFigure  3. 
The  test  rig  is  illustrated  in  Figure  4, 
where  it  will  be  seen  that  it  comprises 
two  cylindrical  specimen  grips  with  a 
tubular  steel  sleeve  to  aid  accurate 
alignment  and  provide  lateral  stability. 
The  problem  with  this  technique,  however, 
is  that  the  specimens  are  difficult  to 
prepare,  as  often  the  adhesive  used  to 
bond  the  end  pads  spreads  into  the  gauge 
length.  This  has  to  be  removed  prior  to 
thu  test.  Failure  to  do  so  can  influence 


the  result.  Work  is  ongoing  in 
conjunction  with  other  European  aerospace 
companies  to  develop  specimens  which  do 
not  suffer  from  this  problem. 

For  specimens  with  multi-angular  fibre 
arrangements,  which  yield  quasi- isotropic 
properties,  BAe  have  developed  test 
procedures  which  employ  unique  edge 
stabilisation,  as  shown  in  Figure  5.  Pare 
the  specimen  is  parallel  sided,  280  mm 
long,  36  mm  wide  and  usually,  though  not 
exclusively,  3  mm  thick.  The  stabiliser 
configuration  ensures  specimen  alignment 
and  allows  for  the  use  of  specimens  which 
do  not  have  end-pads  and  which  are, 
therefore,  relatively  simple  to  produce. 

In  consequence,  these  specimens  are 
relatively  cheap.  An  additional  feature 
with  this  test  method  is  that  whilst  the 
specimen  is  in  the  compression  rig,  it  may 
be  fitted  with  a  clip-on  extensometer  to 
enable  the  compression  modulus  to  be 
measured  along  with  compression  strength. 

More  recently,  other  workers  have 
developed  a  load  transfer  device  which 
employs  specimens  with  cylindrical 
geometry  (5).  It  is  claimed  that  this 
design  provides  an  accurate,  controlled 
and  reliable  means  of  load  transfer. 
However,  specimens  of  cylindrical  geometry 
are  not  easily  made  using  prepreg 
materials,  with  which  flat  specimens 
geometry  is  preferred. 

Given  the  difficulties  with  compression 
testing,  work  in  this  area,  in  general,  is 
likely  to  continue  with  the  development  of 
new  specimen  geometries  and  new  methods 
for  introducing  the  load  to  yield  optimum 
values  for  both  compression  strength  and 
modulus. 

2 . 2  Compresslon-Af ter- Impact  Testing 

There  are  a  number  of  compression  after 
impact  tests.  The  three  common  tests  are 
the  NASA/Aircraft  Industry  Standard 
Specification  (6),  the  SACHA  Recommended 
Method  SRM  2  (7)  and  a  similar  method,  the 
Boeing  Specification  Support  Standard 
(BSS)  72eO  (8).  All  rely  on  using  a  snail 
impactor  to  impart  energy  to  the 
composite,  one  of  the  chief  problems  with 
testing  in  this  way  is  that  the  tests  do 
not  generate  design  allowables  (9),  and 
the  results  obtained  depend  upon  the  test 
method  and  equipment  (10,11). 

3.  MODES  OP  FAILURE  IN  COMPRESSION 

Unidirectional  carbon  fibre  reinforced 
composite  materials,  with  the  fibres 
aligned  parallel  to  the  load  axis,  can 
demonstrate  several  modes  of  failure  when 
tested  compression.  The  two 
principally  demonstrated  are  the 
micro-buckling  and  shear  modes  of  failure, 
although  often  variations  including 
transverse,  branched  transverse,  split 
transverse  and  brooming  modes  are  featured 
(12).  It  is  worth  noting  that  -  a 
microscopic  level,  thermoset  t- 
thermoplastic  composites  show  .ilar 
features  (13). 


The  particular  failure  mode  exhibited  by  a 
composite  and  the  resulting  stress  at 
failure  depend  strongly  upon  the 
properties  of  the  fibre  and  matrix,  the 
fibre  volume  fraction,  the  properties  of 
the  fibre/matrix  interface,  the  specimen 
geometry  and  the  uethod  of  loading  (2,12). 
Improvements  in  the  compression 
performance  of  composite  materials  can 
only  be  brought  about  sensibly  if  the 
influence  and  interaction  of  the 
constituents  is  understood.  Here  only  the 
role  of  the  fibre  and  matrix  will  be 
considered. 

3.1  Role  of  the  Fibre 

The  role  of  the  fibre  in  compression  has 
been  examined  in  previous  work  (14,15). 
Experiments  involving  single  embedded 
fibres  (14)  suggest  that  compression 
failure  initiates  at  a  micro  crack,  which 
then  propagates  as  a  shear  failure  within 
the  fibre.  The  results  from  such 
experiments  indicate  that  improvements  in 
fibre  compressive  properties  will  require 
changes  in  the  micro-crystalline 
conformation;  changes  which  may  be  brought 
about  by  heat  treatment  (16).  However, 
single  fibre  experiments  ar»  in  direct 
contrast  with  tests  conducted  using 
composite  laminate  specimens,  which 
demonstrate  different  modes  of  failure,  as 
indicated  above.  It  has  been  suggested 
(15)  that  the  compressive  properties  of 
the  fibres  limit  the  performance  of 
composites  only  when  fibres  with  low 
compressive  strength  are  employed.  For 
composites  which  contain  fibres  with  a 
moderate/high  compressive  strength,  for 
example  T300  and  AS4  fibres,  compression 
properties  are  strongly  influenced  by  the 
matrix  and  fibre/matrix  interface 
properties,  and  depend  upon  fibre  geometry 
and  modulus. 

It  is  worth  noting  that  for  a  given  fibre 
modulus,  PAN-based  fibres  show  a  higher 
compressive  strength  than  pitch-based 
fibres  (Figure  6) .  In  terms  of  composite 
stress, 'strain  behaviour  in  compression,  it 
can  be  shorn  (17)  that  highly  non-linear 
deformation  occurs  ii  tests  employing 
mesophase  pitch  based  • ibres,  whilst 
PAN-hased  fibres  exhibit  linear 
deformation.  However,  whereas  the  results 
in  reference  17  indicate  that  non-linear 
deformation  is  reversible,  other  works 
(18)  have  demonstrated  that  this  form  of 
deformation  ma>  be  irreversible  for 
composites  with  similar  pitch-based 
fibres,  suggesting  that  it  is  as  a  result 
of  damage  accumulation  in  the  form  of 
fibre  failure.  Clearly,  the  true 
mechanisms  leading  to  failure  have  yet  to 
be  understood. 


3.2 


Role  of  the  tutrix 


The  mode  of  failure  in  compression 
exhibited  by  a  composite  .s  strongly 
influenced  by  the  shear  odulus  of  the 
matrix  (19).  Principally,  the  matrix 
provides  stability  against  fibre  buckling; 
the  onset  of  which  is  delayed  with 
increasing  matrix  stiffness.  For  a 
particular  fibre/resin  combination,  it  can 
be  demonstrated  that  a  transition  from  a 
buckling  to  a  shear  mode  of  failure  occurs 
at  a  particular  test  temperature,  as  the 
matrix  stiffness  changes.  Clearly,  if 
future  aerospace  ^'<mposites  are  to  benefit 
from  improved  fibre  compression 
properties,  then  improvements  in  matrix 
shear  capabilities  must  be  achieved,  such 
improvements  are  not  a  feature  with 
currently  available  epoxy  matrices,  which 
show  now  the  same  shear  modulus  as  they 
did  in  the  past. 

4.  COMPRESS ION- AFTER- IMPACT  (CAX) 

Critical  structures,  for  example  aircraft 
wing  skins,  must  be  designed  to  account 
for  any  reduction  in  strength  which  may 
occur  following  low  level  impact,  such  as 
that  that  may  occur  from  runway  debris  or 
from  a  dropped  servicing  tool .  Any 
reduction  in  composite  strength 
necessarily  results  in  increased  aircraft 
mass.  Clearly  it  is  desirable  that  the 
composite  material  chosen  has  a  high 
resistance  to  impact  damage.  It  is 
perhaps  the  post  impact  compression 
performance  which  presents  the  greatest 
scope  for  improvement  with  composite 
materials. 

The  kinetics  of  damage  mechanisms  in 
laminated  composites  have  been  considered 
(20)  and  several  forms  of  damage 
accumulation  have  been  identified 
including:  matrix  microcracking, 
delamination  and  fibre  breakage.  Of 
these,  delamination  is  considered  to  be 
the  most  important. 

It  is  difficult  to  identify  which  material 
properties  truly  dictate  the  impact 
performance  of  a  laminated  composite. 
Attempts  to  correlate  matrix  fracture 
toughness  with  impact  performance  have 
proved  to  be  only  partially  successful, 
though  the  toughness  of  the  matrix  is  an 
important  factor  (21). 

4.1  Materiel  Developments  to  Improve 
the  impact  Performance 

For  reasons  of  improved  toughness,  leading 
to  improved  compression  after  impact 
performance,  recent  years  have  seen  the 
development  of  multi-phase  toughened 
thermoset  polymer  matrices,  usually 
involving  the  addition  of  thermoplastic  or 
rubber  modifiers.  However,  this  approach 
often  leads  to  problems  with  their  solvent 
sensitivity,  handling  characteristics  and 
morphology.  The  morphological  nature  of 
the  toughening  agent  affects  the  toughness 
performance  of  the  matrix  and,  generally, 
this  is  sensitive  to  the  processing 
conditions.  More  recently,  some  effort  has 
gone  into  developing  two  phase  (22)  and 
single  phase  (23)  tough  epoxy  resins, 
which,  it  is  claimed,  overcome  the  problem 


of  morphology  contro1 .  Other  works  have 
sought  to  improve  the  elevated  temperature 
performance  of  thermoset  resins,  whilst 
still  maintaining  toughness  (24).  In  this 
respect,  new  resins  based  on  cyanate 
chemistry  have  been  developed  (25), 
including  toughened  cyanates  (26) 
principally  yielding  a  higher  temperature 
performance  than  epoxies,  but  which  also 
retain  respectable  levels  of  toughness. 

The  requirement  for  a  composite  with  a 
higher  service  temperature  than  that 
achieved  with  epoxies  has  also  led  to  the 
development  of  bisualeimide  ( BMI )  resins, 
and  improved  toughness  BMI's  (27). 

It  is  generally  accepted  that  the  best 
post  impact  compression  results  are 
achieved  with  thermoplastic  composites, 
particularly  those  with  amorphous  matrices 
such  as  polyetherimide  (PEI).  However, 
amorphous  thermoplastics  suffer  from  low 
solvent  resistance.  In  consequence,  much 
of  the  research  and  development  effort  on 
thermoplastics  for  aerospace  has  focused 
on  semicrystalline  thermoplastics  such  as 
polyether  ether  ketone  (PEEK) ,  which 
resist  deterioration  by  all  aerospace 
fuels,  hydraulic  fluids  and  solvents. 

Though  the  impact  performance  of  PEEK 
based  composites  is  considered  to  be 
excellent  compared  with  toughened  epoxies 
in  general,  it  can  be  shown  (21)  that  some 
of  the  newest  toughened  epoxies  have 
similar  post  impact  properties  to  PEEK 
composites.  This  point  is  emphasised  in 
Figure  7  which  illustrates  the  compression 
strength  after  impact  performance  for  a 
range  of  thermoset  composites,  compared 
with  IM6  fibre  reinforced  PEEK.  These 
data  were  obtained  mainly  at  an  impact 
energy  of  9  Joules  using  4  mm  thick 
quasi-isotropic  laminates.  The  test  was 
based  on  the  Boeing  7260  CAI  test, 
employing  specimens  101  mm  x  152  mm.  It 
will  be  seen  from  Figure  7  that  compared 
with  T800/5245 ,  PEFK  offers  a  significant 
advantage  in  terms  of  enhanced  post  impact 
compression  strength,  though  it  will  also 
be  seen  that  IM7/977-2  and  T40/1983-2  show 
similar  levels  of  post  impact  compression 
strength  to  PEEK.  Damage  diameter, 
determined  by  c-scan  ultrasonic 
non-destructive  testing,  as  a  function  of 
impact  energy  for  PEEK/IM6  and  5245/T800 
is  illustrated  in  Figure  8.  Here  it  will 
be  seen  that  at  low  levels  of  impact 
energy,  the  diameter  of  the  delaminated 
region  is  significantly  less  for  IM6/.EEK. 
It  appears  that  for  this  material  there  is 
a  threshold  level,  below  which  no 
delamination  is  detecting  using  the  c-scan 
method  adopted.  In  this  case  the  threshold 
level  is  about  17  Joules. 

In  an  attempt  to  improve  the  impact 
performance  of  composites,  some  workers 
(28)  have  introduced  thermoplastic  layers 
into  the  composite,  the  so  called 
interleaving  concept.  Although 
improvements  can  be  gained  using  this 
method,  there  is  an  unacceptable  decrease 
in  general  mechanical  properties. 


At  the  present  tine,  theraoplasti.es  are 
not  widely  used  throughout  the  aerospace 
industry  even  though  they  are,  in  general, 
aore  resistant  to  iapact  daaage  than 
theraosets.  This  can  be  explained  partly 
by  the  fact  that  high  processing 
teaperatures  and  pressures  are  usually 
required  (Figure  9),  and  partly  by  the 
fact  that  theraoplastic  prepregs  have  no 
or  little  tack  and  have  liaited  drape 
(except  for  the  various  forms  based  on 
blended  fibres).  Thermoplastics  do, 
however,  present  certain  advantages  in 
that  they  require  no  refrigeration,  they 
can  be  reworked,  and  can  be  welded. 

Though  iapact  daaaqe  can  significantly  limit 
the  compression  performance  of  a  polymer 
composite  aaterial,  it  should  be 
reaeabered  that  the  strength,  in  both 
tension  and  compression,  is  lowered  by  the 
introduction  of  notches,  and  as  a  result 
of  fibre  nisei ignaent  and  waviness 
(29-34) .  In  practice,  notches  take  the 
fora  of  bolt  holes,  and  fibre 
aisalignnent,  however  small,  is  a  feature 
of  composite  components  aanufactured  in 
the  production  environment.  Fibre  waviness 
is  governed  by  the  form  and  quality  of  the 
prepreg  The  effect  of  these  factors  on 
the  performance  of  composites  is 
documented  in  the  literature  and  will  not 
be  discussed  here. 

S.  COHCLODXM  MBBIU 

Future  combat  aircraft  may  fly  faster  and, 
in  consequence,  be  hotter  than  current 
aircraft  (Figure  10) ,  or  they  may  have 
local  'hot-spots'  caused  by  local  jet 
efflux.  Future  aerospace  materials  may  be 
required  to  perform  at  teaperatures  in 
excess  of  200  degrees  centigrade,  and  may 
be  required  to  demonstrate  similar  levels 
of  post  impact  compression  strength  as  the 
best  currently  available  epoxies.  The  aia 
aay  also  be  for  lighter  aircraft  for  an 
efficient  vertical  take-off  or  landing 
capability  or  for  high  agility,  placing 
greater  mechanical  performance  demands  on 
the  materials  used. 

It  is  probably  safe  to  say  that  whatever 
other  criteria  are  placed  against  a 
particular  material,  improved  compression 
performance,  particularly  post  impact  will 
be  a  priority  requirement. 

It  is  evident  from  the  above  discussion 
that  improvements  in  these  properties  will 
require  matrices  with  improved  shea* 
capabilities,  to  gain  benefit  from  the 
compression  strength  of  the  reinforcing 
fibres,  and  with  a  high  fracture  toughness 
for  improved  damage  tolerance. 

From  an  engineering  viewpoint,  a  greater 
understanding  of  the  mechanisms  of  damage 
formation  is  needed,  as  is  a  method  of 
predicting  the  level  of  damage  and  the 
resulting  strength  reduction  following  an 
impact  of  multiple  impacts. 

In  addition,  from  a  production  point  of 
view,  the  matrix  should  be  'user  friendly’ 
(non-toxic)  and  be  cheap  enough  to  yield 
low  cost  prepreg.  Ideally,  it  should  be 
capable  of  being  processed  at  a  relatively 


low  temperature  (somewhat  below  177 *C)  in 
order  to  reduce  processing  costs.  The 
prepreg  should  possess  good  tack,  good 
drape,  have  a  long  (preferably 
indefinite)  shelf  life  and  be  easily 
repairable  as  a  cured  laminate. 
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Properties  comparison  for  a  tuber  of  coaaon  aerospece 
eater lala.  The  CPC  data  relate  to  a  unidirectional  laminate. 
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Tension  and  coopresslon  strength  reduction  through  the 
Introduction  of  a  notch  and  as  a  result  of  heat  and  eoisture 
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ABSTRACT 

The  analysis  of  failure  i  thsniims  for  IsmiasMd  enmpaatM 
materials  depends.  ia  the  Pint  place,  oa  obtaining  a  three- 
dimensional  analysis  of  the  elastic  stress  and  deformation  in 
the  material,  with  particular  retard  to  inserlanunar  sucassa. 
The  anthor  and  coileafusa  have  developed  a  procedure  for 
the  mMm  of  tbt  c  14m item  of  tfiiftiiiOMl 

elasticity  tar  the  determination  of  stress  and  deformation  in 
I — pines.  The  plate  is  SMtxned  to  be  composed  of 
anisotropic  elastic  material  comaming  any  number  of 

onhotropic  plies  with  any  specified  orientations. 

A  traaenr  matrix  method  is  used  which  determines,  to  any 
desired  degree  of  accuracy,  the  siren  and  displacement  at 
any  point  in  tha  plain  in  terms  of  the  stress  and 
displacement  at  a  reference  surface,  for  example  the  mid- 
piaae.  The  two-dimensional  differential  equations  (overruns 
these  reference  surface  values  are  found  to  bn  the  tame  aa 
those  for  an  equivalent  homogeneous  plate  whoaa  constant 
elastic  moduli  are  appropriately  weighted  through  thickness 
averages  of  the  ply  elastic  moduli.  Them  standard 
two-dimensional  equations  may  be  solved  by  any  available 
technique,  including  numerical  methods.  The  appropriate 
two-dimensional  solution  then  generates  the  three- 
dimensional  solution  in  a  straight-forward  manner. 

In  title  paper  wo  apply  this  approach  to  the  investigation  of 
elastic  buckling  of  placet  subject  to  pre -stress  which  may  be 
due  to  applied  initial  stress  residual  stress,  thermal  load  or 
moisture  abaorptioo.  Buckling  is  treated  in  the  usual  way 
as  a  bifurcation  from  the  initially  stressed  sate,  giving  tire 
10  an  eigenvalue  problem.  Specific  examples  for  particular 
plate  geometries  are  described. 

1  INTRODUCTION 

Mott  studies  of  buckling  of  laminated  plates  have  been 
bated  on  classical  laminate  theory,  which  is  described  by, 
among  others,  Jones  (1),  Christensen  (2)  and  Whitney  (3|. 
In  effect,  classical  laminate  theory  appro  si  mates  the 
behaviour  of  e  laminated  plate  by  that  of  a  homogeneous 
plate  whom  mechanical  properties  are  suitably  weighted 
averages  of  the  properties  of  the  laminate.  As  such, 
classical  laminate  theory  is  an  esccilenl  theory  which  has 
been  successfully  applied  to  numerous  problems  in  the  street 
analysis  of  laminates. 

However,  like  all  theories,  classical  laminate  theory  has 
limitations.  Since  it  deals  with  through-thickness  avenged 
quantities,  it  cannot  directly  determine  through-thickness 
variations  of  stress  and  displacement,  which  include 
important  quantities  such  as  interlaminar  shear  stresses.  It 
is  also  based  on  the  Euler-Bernouilli  bending  hypothesis, 
which  exact  solutions  have  shown  [4)  tj  be  1  very  coarse 
•porovi matron  for  strongly  aniiotropic  laminates,  and  which 
neglects  transverse  shear  deformation. 

Va-srua  refinements  of  classical  laminate  theory  have  been 
proposed,  such  as  the  so-called  higher  order  theories  (2J. 
The  point  of  view  adopted  here  is  that  rather  than  develop 
such  theories  it  is  preferable  to  revert  to  three-dimensional 
elasticity  theory ,  the  validity  of  which  is  not  in  question. 
Significant  advances  have  been  made  recently  15.6)  in 
three-dimensional  stress  analysis  of  laminated  plates  and 


sheila,  using  propagator  or  transfer  matrix  methods.  In  this 
paper  we  apply  such  methods  to  the  buckling  of  laminated 
plates,  treating  buckling  at  a  bifurcation  from  a  stale  of 
initial  stress  (an  a  (tentative  approach  is  to  use  energy 
methods  (3)  but  these  are  not  considered  here).  The  initiel 
stress  may  be  due  to  mechanical  loading,  but  may  also  aria* 
from  thermal  or  hygroscopic  expansion  stress  (3.3). 

2.  EQUILIBRIUM  OP  A  PLATE  WITH  INITIAL 
STRESS 

The  theory  of  equilibrium  of  elastic  bodies  with  initial  stress 
was  developed  by  Blot  (7).  A  concise  account  of  the 
theory  is  given  in  Whitney  (3|. 

The  system  is  described  in  terms  of  a  set  of  rectangular 
cartesian  coordinates  Ox,x,x,,  and  vector  -ad  tensor 
components  are  referred  to  this  system.  We  employ  suffix 
notation  and  the  usual  summation  convention. 

We  romjdrr  a  body  which  in  its  reference  configuration  is 
in  a  sute  of  initial  stress  S  with  components  Sy.  The 
body  undergoes  a  small  incremental  displacement  u 
(components  iq)  from  this  reference  configuration,  which 
gives  rise  to  aa  incremental  stress.  The  equilibrium 
equation  io  this  deformed  configuration  are  cxpteaaou  n 
terms  of  the  KJrchhoff  stress  tensor  Sjj  ♦  Ujj  aa 

g|j-  {<slk4*ik>(*Jk+uJ.k)}  ”  0  •  <2->> 

where  4jg  is  the  Krooecker  delta  and  (  )  k  denotes 
differentiation  with  respect  10  xg.  We  assume '  the  initial 
Stress  S  to  be  in  equiibrium.  so  that 

Sg j. ,  -  0  .  (2.2) 

Then,  for  small  incremental  stress  and  displacement 

*IJ,I  ♦  (slk“J,k>.l  "  0  <2  3> 

We  now  consider  1  flat  plaM  of  thickness  2b.  bounded  by 
the  planes  x,  ■  th.  The  plate  is  assumed  to  be  in  a  sum 
of  initial  stress  S  of  the  form 


For  simplicity  we  assume  that  S  is  uniform  in  the  x  and  y 

directions,  but  allow  it  to  vary  through  the  thickness.  Thus 

?  -  S(x j)  .  (2.5) 

Clearly  S  is  an  equilibrium  stress  field  and  the  faces 

s,  *  :L  ste  traction-free. 

Upon  this  initial  sum  of  siren,  we  superpose  an  additional 
incremcnui  stress  field  g.  wish  corresponding  small 

displacement  u.  Then,  with  5  given  by  (2.4)  and  (2.3). 
(2.3)  becomes 
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The  condition  that  the  faces  a ,  =  sh  of  the  plate  are 
traction  free  is 

j  -  0  .  -  0  .  <*jj  -  0  •  <2  •*) 


To  recover  the  equilibrium  equations  of  classical  plate 
theory  we  introduce  the  stress  resulunts  and  moments 


(M..N,)  -  | 

-h 

(tr.j.tr,,)  dx,  . 

(2.9) 

(M, ,  ,M,  ].M]]) 

-  1  »|(«.i.f.i.4n)  <**j  • 

-h 

h 

(2.10) 

(T.i.T,,,!,,) 

“  J  <S|1.S12'SJl)  dxi 

-h 

(2.11) 

We  have  to  assume  that 

(a)  S,,,S,,  and  S,,  are  even  functions  of  a,; 

(b)  u,and  u,  are  even  functions  of  x}; 

(c)  u,  can  be  approaimated  by  its  value  w(x,,x3)  at  the 
n.iJ-plane  a,  =  0. 

Assumption  (a)  is  plausible  if  the  plate  is  symmetric  about 
the  mid-plane  with  respect  to  its  elastic  properties  and  the 
initial  stress  arises  from  in-plane  loading.  It  would  not  be 
eapected  to  apply  if  the  plate  were  non-symmetric  or,  for 
example,  if  the  initial  stress  arose  from  non-unifcini 
heating.  Assumption  (b)  is  appropriate  for  incremental 
bending  of  symmetric  plates  under  edge  moments,  but  not 
for  non-symmetric  plates.  Assumption  (c)  is  conventionally 
made  in  plate  theory  and  is  usually  considered  adequate  for 
thin  plates. 


where  the  cjj  are  moduli  for  incremental  deformations  from 
the  initially  -tressed  slate,  and  form  the  incremental  stiffness 
matris.  Various  special  cases  of  (3.2)  are  of  interest.  If 
the  material  is  orthotropic  the  thirteen  c,j  can  be  expressed 
in  terms  of  nine  moduli  required  for  description  of  ortho¬ 
tropic  symmetry  and  the  angle  defining  the  orientation  of 
the  orthotropic  axes  with  respect  to  the  coordinate  axes.  If 
the  material  is  transversely  isotropic  five  independent  moduli 
and  an  angle  suffice,  and  if  it  is  isotropic  only  two  moduli 
are  required.  All  of  these  cases  can  be  dealt  with  by 
appropriate  specialisation  in  (3.2);  details  are  given  in  the 
standard  texts,  such  as  [t|,  (2).  [3], 

In  a  laminate,  each  of  whose  plies  has  at  least  elastic 
reflectionai  symmetry  with  respect  to  planes  x,  «  constant, 
the  stress-strain  relation  is  of  the  form  (3.2)  in  each  ply, 
but  the  Cjj  differ  from  piy  to  ply.  To  avoid  having  to 
discuss  individual  plies  at  this  stage,  we  adopt  the  useful 
device  of  regarding  the  Cjj  as  specified  functions  of  x,.  In 
a  laminate  the  Cjj  are  piecewise  constant  functions  of  x,. 
and  later  we  shall  specialise  to  this  case.  However  at 
present  we  may  proceed  generally  and  assume  arbitrary 
inhomogeneity  in  the  x,  direction. 

To  cnmplete  the  formulation  of  plate  theory  we  now  inte¬ 
grate  (3.2),  and  (3.2)  weighted  with  the  first  and  second 
powers  of  x ,,  through  the  plate  thickness,  adopt  the  Euler- 
Bernouitli  hypothesis,  and  thus  express  the  stress  resulunts 
and  moments  in  terms  of  the  mean  strains  and  mid-plane 
curvatures.  However,  this  procedure  ineviubly,  through  the 
integrations,  loses  deuils  of  the  solution,  and  also  involves 
further  approximation.  To  avoid  these  restrictions,  we 
continue  the  analysis  in  terms  of  three-dimensional  elasticity 
theory. 


With  these  assumption,  multiplying  (2.6)  by  x,  and 
integrating  from  x,  >  -i  to  x,  >  h,  and  integrating  (2.7) 
from  x,  =  -htox,  =  h  gives,  with  (2.8) 


OX ^  ox  ^ 


N. 


(2.12) 
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0. 


These  are  the  classical  plate  equilibrium  equations  in  the 
presence  of  initial  stress,  as  given  in,  for  example,  8iot  (7), 
Jones  (1]  and  Whitney  (3]  However,  it  is  important  to 
realise  that  (2.12)  depend  on  the  assumptions  detailed  above 
and  that  if  these  assumptions  do  not  apply  then  (2.12)  can 
at  best  be  regarded  as  approximations. 


3  CONSTITUTIVE  EQUATIONS 


We  assume  the  incremenul  stress-strain  behaviour  of  the 
material  to  be  linear  elastic,  witn  a  linear  relation  between 
the  incremental  stress  <7ji  and  the  incremenul  strain  ijj. 
where 

"Ij  -  }(U|,j+uj  ,)  (3.1) 

The  only  material  symmetry  assumed  is  that  of  reflectionai 
symmetry  with  respect  to  the  surfaces  x ,  =  consUnt.  Then 
the  stress-strain  relation  uses  the  form 


ff.i 

*11 

c. » 

*.  i 

0 

0 

c.« 

c.» 

cu 

*71 

0 

0 

c  r« 

*77 

<*n 

cu 

cn 

C11 

0 

0 

ci« 

*11 

°n 

0 

0 

0 

4 

'«s 

0 

2*?i 

0 

0 

0 

"as 

C55 

0 

2*1. 

'i. 

C7« 

0 

0 

2*  1  2 

(3.2) 


4  THREE-DIMENSIONAL  ELASTICITY  ANALYSIS 

The  full  three-dimensional  svxtem  of  equations  comprises 
(2.6).  (2.7)  and  (3.2);  these  represent  nine  equations  for  me 
three  displacement  components  tq  and  six  increments'  stress 
components  <7jj.  The  coefficients  Sjj  and  cjj  in  these 
equations  are  specified  functions  of  x,,  but  are  independent 
of  x,  and  Xj.  No  approximation  is  involved  in  formu¬ 
lating  these  eruations.  other  than  the  usual  ones  of 
linearised  elasticity  theory. 


After  some  manipulation, 
written  in  the  matrix  form 
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l*«s 

lcas 

cssJ 

Q.j  - 

C'J  * 

CllCJl 

CJ. 

I.J  -  1.2.6 

(4.*) 

L.  K,, 

•  K„. 

K,,  are 

the  differential  operators 

L  "  s"  357  *  Js*»  357377  * s”  srj  •  <4  9) 

,t«  ’  “  (Q>'+S")^  *  2^,.*S,,)  g^gj- 

+  <Q,,+S,,)  gjj  . 

*' »  "  Q>  ‘  357  *  (Q*»+<,«*>  357357  +  Q»«  35J  • 

K„  -  (Q.,*s,,)  fV  2(Q„*St,)  g^j- 

*  (Oa^S.a)  §^7  «  >0) 

In  this  formulation,  (4.1),  may  be  regarded  as  a  system  of 
six  first  otder  linear  homogeneous  ordinary  differential 
equations,  albeit  with  coefficients  that  are  differential 
operators  in  a,  and  a,,  for  the  six  variables  which  form 
the  vector  y.  We  note  that  these  are  the  variables  that  are 
required  to 'be  continuous  through  the  plate  thickness.  If  a 
solution  for  these  variables  is  obtained,  it  is  a  matter  of 
simple  substitution  in  (4.1  )2  to  determine  the  remaining 
stress  components  The  dependence  on  a,  and  a,  can  be 
removed  by  taking  Fourier  transforms  in  these  variables,  but 
this  gives  rise  to  the  problem  of  eventually  inverting  the 
transforms,  and  we  do  not  proceed  in  that  way. 
Formulations  of  the  type  (4.1)  seem  to  have  first  been  used 
by  Bufler  (8)  in  the  context  of  isotropic  elasticity  without 
initial  llreis.  Related  formulations  have  been  employed  in 
problems  of  elastic  wave  propagation  in  layered  media,  as 
for  example  in  Kennett  |9|. 

The  advantage  of  the  formulation  (4.1)  is  that  we  can  write 
down  an  exact  formal  solution,  namely 

y(x,)  -  P(x,.x7)  y(x7)  ,  <4  11) 

where  1,  »  r*  is  some  chosen  reference  plane  (normally 
the  upper  or  lower  plate  surface,  or  the  midplane)  and 
P(s,.x7)  is  the  transfer  matrix  or  propagator  matrix,  given 

-  ?  P  .  P(x7)  -  I  (4.(2) 

Formally,  P  can  be  expressed  in  the  series  form. 


P(x,.x7)  -  I+P,(x,.**)  P,(xJ,x7)*PJ(x,.x7)+.... 


where 

(4.13) 

?.  ' 

1”: 

?({)  d{  . 

(4.14) 

Pr  * 

r: 

f« 

[  R(£)  R||J)  dT)  d£  . 

(4  15) 

** 

X 

fXJ 

ff  f’ 

j  J  '?(b'R(  •')  df  d!)  d{ 

x,  x7 

**>  '  ] 

(4  16) 

and  so  on.  For  a  homogeneoua  material  with  uniform 
initial  stress,  so  that  Cjj,  0,j  anc  Sgj  are  constants,  P  takes 
the  exponential  form 

P(x,,x7>  -  *xp{(x,-x7>?)  ■  (4.17) 

We  note  that  successive  terms  in  the  series  (4  13)  are  of 
successively  increasing  orders  in  the  plate  thickness  2h. 

In  principle,  (4.11)  determines  the  full  elasticity  solution  if 
the  variables  which  lorm  the  elements  of  y  are  known  on 
the  reference  plane  x,  3  i*r  In  general,  'of  course,  these 
quantities  are  not  known  a  priori;  for  example,  if  the 
lateral  surfaces  are  trac:ion-free.  no  rmuld  have 

d,j  -  0  .  9, j  -  0  .  9}1  -  0  on  x,  -  th 

but  no  initial  information  about  u,,  u,  and  u,,  other  than 
information  that  might  be  inferred  from  any  physical  and 
geometrical  symmetry  properties. 

5  laminate  treatment 

For  simplicity,  we  consider  a  symmetric  laminate;  the 

procedure  readily  extenos  to  the  non -symmetric  case.  We 
consider  each  lamina  to  be  of  homogeneous  linear  elastic 
material  with  the  material  symmetry  described  by  (3.2). 
The  laminae  in  the  half-thickness  0  <  x,  <  h  are 
numbered  0  to  N,  so  that  the  whole  laminate  comprises 
2N*1  laminae.  The  interface  between  lamina  r-1  and 
lamina  r  is  at  x,  =  t,,  so  that  lamina  0  lies  between 

а,  =  sz0,  and  for  r  >  1  lamina  r  is  in  the  region 

zr-l  <  <,  <  zr  w*  also  denote  h  =  rN. 

The  elastic  moduli,  reduced  elastic  moduli  ;nd  initial  stress 
in  lamina  r  are  denoted  by  c|‘>.  Qj'1  and  Sj'*  respectively, 
and  the  matrices  R.  A,  B  and  C  correspondingly  by  1^, 
A,.  Br  and  Cr.  The  transfer  matrix  P  in  lamina  r  is 
denoted  by  Pr(x and  is  o burned  by  substituting  the 
lamina  values  of  Cjj,  Qj,  and  Sjj  in  the  expression  for  P. 
Clearly  we  have  (in  the  general  case) 

P(x,.x7*)  -  PfXj.xJjPfxJ.x")  (S.l) 

and  so,  in  lamina  r,  uking  the  mid-plane  x ,  3  0  as 
reference  plane 

P(x j ,0)  -  P^x,.!,.,  )Pt.,(*r.|.*t.|).... 

P,(z, ,za)P,(zc.O)  .  (5.2) 

which  determines  P(x,,0)  for  the  entire  laninate.  With 
(4.17),  we  may  express  this  at 
P(x j ,0)  -  exp{(x,-zT_,  )?r)*’<"(hr-l  ?i-l  > 

*xp(hr  .jR,.!,  .  •xp(li,._.,)»xp(h0R0X5.3) 

where  hr  3  ar-it_,  is  the  thickness  o'  imina  r  (r=l.2,...N) 
and  h0  =  t„. 

б.  DETERMINATION  OF  MID-PLANE  VARIABLES 

Again  for  brevity,  we  consider  symmetric  laminates  and 
symmetric  initial  stress,  although  the  general  case  is  of 
interest  and  is  tracuble.  We  also  restrict  consideration  to 
bending  mode  deformations,  in  which  u , .  u ,  and  <r , ,  ate 
odd  functions  of  x,,  and  o,  ,,  a , ,  and  >1,  are  even 
functions  of  x,.  We  uke  the  mid-plane  x,  «  0  as 
reference  plane.  Then  u,  =0.  u,  *  0.  cr,,*0  at 

x,  =  0,  and  (4.11)  becomes 


u,(x,) 

P.a 

P.s 

P.. 

r, 

u,(x,) 

- 

P|a 

Pis 

P>. 

T> 

P,,(x,) 

P,a 

P3, 

Pts 

w 

(6.1) 


,<*>> 

P.a 

Pa, 

Pas][ri 

d,,(x,) 

-  psa 

P,s 

P,s  T> 

u,(x,) 

p.. 

Pv, 

P.s  >« 

where  P,j  are  the  elements  of  P(x,.0),  and  r,.  1,  and  w 
are  values  of  it,  ,  it,,  and  u,  respectively  at  the  midplane, 
and  are  functions  of  1,  and  x,. 
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The  boundary  conditions  (2.8)  tlien  give 


(6.2) 


where  P,j  are  elements  of  the  transfer  matrix  from  the 
mid-plane  to  the  surf  sc  to  that 


0  -  P(h.O)  -  P(xM,0)  .  (6.3) 


Eliminating  r ,  and  r ,  from  (6.2)  then  gives 

Aw  -  0  .  (6.4) 

where 


F.« 

P,4  P,S  P5.  .  (6-5) 

B14  Pjt 

and  (6.4)  is  the  equation  that  determines  wfx,.*,)  and  from 
which  the  rest  of  the  solution  follows.  The  difficulty  is 
that  A  is  an  infinite-order  differential  operator,  so  the 
solution  of  (6.4)  poses  some  problems.  Nevertheless, 
progress  can  be  nt.td e. 


(6.10).  The  coefficients  Aijk  f mn  a,e  ,0°  complicated  to  be 
written  here;  their  calculation  is  greatly  facilitated  by  use  of 
symbolic  algebraic  manipulation  software,  and  with  this  aid 
does  not  picsent  a  real  oostacle. 

7  CYLINDRICAL  BENDING  OF  A  THREE-PLY 
LAMINATE 

To  illustrate  the  effect  of  the  higher-order  terms  i:i 
(6.12)  we  consider  cylindrical  bending  of  a  thr:e-ply 
cross-ply  laminate  with  the  orthotropic  axes  parallel  to  the 
x,  and  x,  directions.  Thus  we  seek  solutions  with  N =1 
and 

U,  -  0  .  <r j j  “  0  .  (7.1) 

ctt  -  c,,  -  cJ6  -  c.5  -  0.  S,,  -  S„  -  0  (7.2) 

We  also  suppose  that  c , ,  takes  the  same  value  in  each 
lamina,  and  normalise  the  stress  and  stiffness  component, 
with  respect  to  cJa;  that  is.  we  choose  units  of  stress  such 
that  c},  =  1.  We  also  take  h0  =  h,  =  )h. 

It  is  emphasised  that  these  simplifications  are  made  purely 
for  illustration,  and  that  it  it  perfectly  possible  to  proceed 
generally. 


The  solution  requires  the  calculation  of  P,  or  at  least  those 
elements  of  P  that  appear  in  (6.3).  This  is  most  easily 
carried  out  using  (3.3),  from  which 

P  -  •xp(hNRN)«xp(t  Rn_,  ) - 

exp(h,R,)exp(h0R0) .  (6.6) 

To  obtain  approximate  solutions  we  expand  the  exponentials 
as.  for  example 

exp(hR)  -  1+hR  4-  ^h,R1  +  $hJR3  ♦  -Jeh4R4  +  .  .  . 

(6.7) 

(noting  that  successive  terms  are  of  successive  orders  in  h) 
and  truncate  the  series  at  an  appropriate  point.  The 
expansions  are  simplified  by  the  form  of  each  R 

f°  *1 

?  -  .  (6.8) 

(B  OJ 

which  gives 


If  the  series  (6.7)  are  truncated  at  the  h>  terms,  and  Sjj 
are  neglected  compared  to  Qjj,  it  can  be  shown  that  (6.4) 
recovers  the  classical  laminate  theory  equation 

Ql  I I  I  1  1  +4Q  1  *w,  I  I  I  24  2  (Ql  2+2Q, , )w,  I  I  32 

*4^2tW.IJ2l+^32*. 2233 

“  7 , ,w. , | s2T , , j4T j 3w , ? 7  ,  (6.10) 

where 


9|J  “  2j  XlQlj  dx3  ■ 
o 


(6.11) 


This  result  in  itself  is  significant,  as  it  shows  that  the 
laminate  theory  equation  can  be  derived  systematically  from 
three-dimensional  elasticity  theory,  without  the  use  of  any 
arbitrary  assumptions  such  as  the  Euler-Bernouilh 
hypothesis. 


To  develop  the  next  order  approximation  n  is  necessary  to 
retain  terms  up  to  h*  in  (6.7).  This  leads  to  an  equation 
for  w  of  the  form 

h,*ljkCnrnw.ljkfmn+Bljkf*.ljkJ-Tlj».ij  -  0  .<6. 12) 

where  summation  convention  is  used  with  the  indices  taking 
values  1,2.  and  Bjjfcp  are  t:.e  coefficients  on  the  left  of 


Adopting  these  simplifications,  and  neglecting  Sjj  in 
comparison  to  Cjj  and  Ojj.  we  find  that  (6.12)  reduces  to 

*£¥*0..  &-0  •  <7  3> 


-  ^  {-by  M?>W?)Qi:)4<o<,!;,>] 

C  S  5 

--by  |.SQi?),4’0Qi:,Q<;)+62oi!>J] 

css 

4  *  44*;>q<;>|. 


8  BUCKLING  IN  UNIAXIAL  COMPRESSION  - 
SIMPLE  SUPPORT 


As  a  simple  application  we  consder  buckling  in  the 
cylindrical  bending  mode  o!  the  plate  described  in 
Section  7,  with  simple  support  at  x,  =0.  x,  =  a.  Thus 
we  seek  non-trivial  solutions  of  (7.3)  such  tnat 

w  -  0  ,  dJw/dx|  -  0  ,  x,-  0.  x,-  a  (8.1) 

The  appropriate  solutions  are  of  the  form 


(n-1.2,. . .) 


Then  from  (7  3)  the  critical  loads  T,,  are  given  by 

Vi  I 


The  effective  mode  is  deadly  n  =  1 .  We  note  the 
following 


(a)  the  leading  term  (given  by  setting  h  =  0  in  (8  1)) 
gives  th<  result  according  to  classical  laminate  theory, 

(b)  the  resuit  (8.3)  involves  the  shear  mo  lulus  c5S.  and 
so  includes  effects  of  transverse  shear. 


(c)  the  expression  (8  3)  is  not  dissimilar  (but  not  iden¬ 
tical)  to  the  result  quoted  by  Whitney  (3]  using  a 
shear  deforma,  jn  theory. 


ACKNOWLEDGEMENT 

In  preparing  this  paper  1  have  maoc  substantial  use  of 
results  presented  by  Mr.  P.  Watson  in  a  forthcoming  Ph  D. 
thesis  to  the  University  of  Nottingham.  I  am  grateful  to 
Mr.  Watson  and  Professor  T  G.  Rogers  for  many 
discussions  on  thi;  and  related  subjects. 


5-5 


REPBKENCU 

1.  Jones,  R.M.  ‘Mechanics  of  composite  msteriaU*. 
Hemisphere  Publishing  Corp,  1975. 

2.  Christensen,  R.M.  ‘Mechanics  of  composite 
materials'.  Wiley.  1979. 

3.  Whitney,  J.M.  ’Structural  Analysis  of  LarJnated 
Anisotropic  Plates'.  Technomic  Publishing  Co.  1987. 

4.  Pagano,  N.J.  'Exact  solutions  for  composites  !n 
cylindrical  bending'.  J.  Comp.,  Mater.  3  (1969). 

398. 

5.  Basi,  S.,  Rogers,  T.G.  and  Spencer,  A.J.M. 
'Hverothermoelastic  analysis  of  anisotropic  inhomo- 
ge:  ous  and  laminated  plates'.  J.  Mech.  Phys.  Solids 
39  (1991),  I. 


6.  Spencer.  A.J.M..  Waaoo.  P.  and  Rogers,  T.G. 

'Stress  analysis  of  anisotropic  Laminated  circular 
cylindrical  shells*.  In  ‘Recent  Developoments  in 

Composite  Materials  Structures',  (eds.  O.  Hut  and 
C.T.  Sun)  ASME,  New  York  1990. 

7.  Biot.  M.A.  ‘Mechanics  of  incremental  deformations*. 
Wiley.  1965. 

8.  Bufler,  H.  Theory  of  elasticity  of  a  multilayered 
medium'.  J.  Elasticity  1.  1971.  125. 

9.  Kennett.  B.LN.  'Seismic  wave  propagation  in 
stratified  atedii*.  Cambridge  U.P.  1983. 


AD-P006  812 


92-16962 

iHiaSBBil 


A  REVIEW  OF  RAE  SPONSORED  WORK  ON  THE  COMPRESSIVE  BEHAVIOUR  OF 

COMPOSITE  MATER I Al S 


P.T.  Curtis 

Materials  and  Structures  Department 
DRA  Aerospace  Division 
RAE  Famborough 
Hants  GUI 4  6TD ,  UK 


SUMMARY 


The  Non-metallic  Materials  Division  at  RAE 
Farnborough  has  mounted  a  major  programme 
of  work  to  study  the  compressive 
behaviour  of  composite  materials  and  seek 
improvements  in  compressive  strength. 

This  is  being  done  by  developing  improved 
compressive  test  techniques,  studying 
failure  processes  fractographlcally , 
investigating  the  effect  of  notches  and 
Impact  damage  and  modelling  behaviour 
mathematically  to  develop  predictive 
capability.  In  this  paper  an  overview  of 
this  work  Is  presented,  with  critical 
results  and  conclusions,  and  references  to 
fuller  treatments  are  cited. 


INTRODUCTION 


In  recent  years  the  tensile  properties  of 
composite  materials  have  increased 
dramatically,  mainly  due  to  significant 
Increases  in  fibre  strength  and  stiffness, 
but  also  to  improvements  In  polymer  matrix 
toughness  and  ductility.  Unfortunately 
there  has  been  no  parallel  Improvement  in 
compressive  properties  with  the  conse¬ 
quence  that  the  vast  majority  of  strength 
critical  designs  are  now  compression 
limited. 

The  Non-metalllc  Materials  Division  at  RAE 
Famborough  has  mounted  a  major  programme 
of  work,  both  intramural  and  extramural, 
to  address  this  problem.  This  Is  being 
done  by  developing  improved  compressive 
test  techniques,  studying  failure 
processes  fractographlcally,  Investigating 
the  effect  of  notches  and  impact  damage, 
modelling  behaviour  mathematically  to 
develop  predictive  capability  and  seeking 
material  improvements.  In  this  paper  an 
overview  of  this  work  is  presented,  with 
critical  results  and  conclusions,  and 
references  to  fuller  treatments  are  cited. 

COMPRES S ION  FAILURE  PROCESSES 


In  attempting  to  Improve  the  compressive 
properties  of  composite  materials  there  is 
an  urgent  need  for  a  greater  understanding 
of  the  way  the  materials  behave  under 
compressive  loading  and  how  they  fall.  Ir. 
an  attempt  to  Improve  our  understanding  of 
the  way  these  materials  behave,  RAE 
Famborough  has  supported  work  at 
Cambridge  University  aimed  at  modelling, 
experimentally,  the  behaviour  of  'unidirec¬ 
tional  composite  materials  (Ref  1). 


The  early  models  of  compressive  failure 
derived  from  Rosen  and  his  fellow  workers 
in  the  USA  (Ref  2).  They  argued  that 
compressive  strength  was  determined  by 
fibre  mlcrobuckling  Involving  elastic 
matrix  deformation.  By  applying  a  strain 
energy  balance  to  this  mode  of  failure  an 
expression  for  UD  compressive  strength  was 
obtalned:- 


Sc 


Gm  (pi)2Efd2 

-  ♦ - -  Vf 

1  -  Vf  3  L2 


where  Vf  and  Er  are  fibre  volume  fraction 
and  modulus.  6_  Is  the  matrix  shear 
modulus,  d  the  fibre  diameter  and  L  the 
buckling  wavelength.  Given  a  composite 
that  truly  falls  by  the  elastic  micro- 
buckling,  good  agreement  can  be  obtained 
with  experiment.  Fig  1  shows  data 
generated  by  Cambridge  University  on  a 
model  spaghetti /elastomer  system,  which 
undergoes  true  elastic  mlcrobuckling, 
which  agrees  well  with  the  Rosen  equation. 


In  general,  the  Rosen  expression  has  been 
found  to  greatly  overestimate  the 
compressive  strength  of  the  more  usual 
polymer  based  composites.  This  is  perhaps 
partly  because  it  makes  no  allowance  for 
plastic  yield  of  the  matrix.  Argon  and 
Budlansky  (Refs  3,4)  identified  the  shear 
yield  stress  k  of  the  matrix  and  the 
Initial  fibre  misalignment  4  of  the  fibres 
as  the  main  factors  controlling  the 
compressive  stress  when  plastic  micro- 
buckling  occurs.  For  a  perfectly  rigid 
plastic  body  Budlansky  showed  that  the 
compressive  strength  can  be  approximated 
by:- 


Most  of  the  high  performance  composites  in 
use  exhibit  some  degree  of  plasticity  and 
thus  this  model  generally  gives  quite 
reasonable  agreement  with  experiment 
(Fig  2).  It  dees,  of  course,  rely  on  a 
knowledge  of  the  fibre  misalignment,  which 
is  not  an  easy  parameter  to  measure  or 
indeed  control. 


The  last  major  nechanlsm  of  compressive 
failure  is  by  failure  of  the  fibres  either 
by  crushing  or  by  shearing.  The  latter  is 
frequently  observed  in  high  modulus  carbon 
fibres.  *f  failure  is  by  shear,  then  a 
reasonable  estimate  cf  compressive 
strength  can  be  made  by  assuming  tens  le 
and  compressive  strength  are  equal.  J.'c 
models  currently  exist  to  predict  the 
columnar  crushing  failure  cf  'he  fibr»s. 
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Clearly  in  all  this  there  are  four  key 
materials  variables  which  we  could  e:  ect 
to  Influence  the  rate  of  degradation  and 
failure  of  polymer  matrix  composites. 

These  are:- 

1  Fibre  geometry  (diameter, 
misalignment,  cross-section  etc). 

2  The  fibre/matrix  interface. 

3  Fibre  mechanical  properties. 

4  Matrix  mechanical  properties. 

The  work  being  supported  by  RAE 
Famborough  is  seeking  to  optimise  these 
key  variables  without  detriment  to  othe«' 
properties. 

TEST  METHODS 

One  of  the  major  obstacles  to  turthering 
our  knowledge  of  compressive  failure 
processes  and  improving  compressive 
strength  has  been  the  difficulty  of 
testing  composite  mat irials  in  compressive 
loading  and  obtaining  true  compressive 
failures.  Recognising  this  problem,  RAE 
Famborough  has  participated  in  a  Garteur 
round  robin  exercise  to  compare  standard 
te3t  methods,  the  results  of  which  are  to 
be  presented  later  in  this  meeting  by 
'  t  Hart  (Ref  5).  In  addition,  RAE  has 
also  suppi  rted  work  at  Imperial  College, 
London  University  studying  the  effect  of 
test  variables  on  compressive  strength 
(Ref  6).  As  a  result  of  this  work,  RAE 
has  developed  an  Improved  test  method  by 
modifying  slightly  the  test  configurations 
that  gave  the  highest  failure  stresses 
and  yielded  failures  that  appeared  to  be 
mostly  compressive  in  nature  in  the 
Imperial  College  and  Garteur  work. 

RAE  has  modified  the  standard  Celanese 
test  method  based  on  a  16  ply  unidirec¬ 
tional  test  coupon  (Re'-  7.8).  A  test 
piece  based  on  a  35  ply  coupon,  having 
8  plies  of  ±45*  material  on  each  side  has 
been  developed.  A  waist  is  machined 
through  this  and  through  l!$  plies  of  the 
unidirectional  material  (Fig  3).  On 
loading  this  coupon,  splits  form  under  the 
moulded  tabs  and  these  reduce  the  stress 
concentrations  at  the  tab  ends.  Failures 
then  no  longer  occur  at  the  tabs  and  much 
greater  compressive  strengths  are 
recorded.  A  mean  value  of  1816  MPa  was 
measured  by  RAE  for  a  standard  CFRP  using 
the  new  technique,  compared  with 
1156  MPa  for  the  standard  Celanese  type 
coupon,  which  clearly  better  reflects  the 
true  compressive  strength  of  the  material. 

NOVEL  FIBRES 

Hollow  ana  non-circular  fibres  offer  the 
possibility  of  improved  compressive 
strength  due  to  greater  fibre  stability 
and  thus  resistance  to  the  microbuckl ing 
failure  mode  characteristic  of  these 
materials.  Owens-Corning  have  produced 
hollow  glass  fibres  that  do  indeed  lead 
to  improved  specific  compressive  strength 
(Table  l)  (Ref  9).  Although  the  tensile 
strength  (UTS)  is  understandably  reduced, 
compressive  strength  (UCS)  remains 
unchanged,  emphasising  that  this  is 
clearly  a  stability  problem.  Allowing 


for  the  lower  density  of  the  hollow 
fi  ires,  the  specific  properties  of  the 
hollow  S-glass  material  looks  very 
attractive,  with  only  a  slight  reduction 
in  UTS  but  a  desirable  improvement  in  UCS. 
Since  these  fibres  are  not  currently 
available  in  the  UK,  RAE  is  supporting 
work  to  manufacture  both  hollow  glass  and 
carbon  fibres  and  to  assess  their 
performance  in  composites. 

Other  fibre  manufacturers  have  been 
experimenting  with  large  diameter  fibres 
and  with  non-circular  fibre  cross-sections 
aimen  at  improving  fibre  stability  and 
increasing  compressive  strength.  With 
carbon  fibres  there  is  a  realistic  upper 
limit  on  fibre  diameter  of  about 
10  microns,  dictated  by  gaseous  diffusion 
requirements  during  fibre  production. 
Non-circular  fibres,  such  as  trilobal 
cross-se'  tlons,  offer  potentially 
increased  fibre  stability.  Unfortunately, 
the  principal  UK  fibre  supplier, 

Courtaulds  Grafil,  with  whom  RAE  had  been 
collaborating  in  thl3  area,  has  recently 
announced  that  it  is  withdrawing  from 
carbon  fibre  manufacture  in  the  UK. 

Sadly  our  work  in  th?  s  area  has  thus 
ceased,  although  RAE  continues  work  on 
composites  with  hollow  fibres. 

FIBRE/MATRIX  INTERFACE 

It  would  be  a  reasonable  assumption  that 
the  level  of  adhesion  between  the  fibres 
and  the  resin  matrix  should  have  a 
significant  effect  on  the  compressive 
strength  of  these  materials.  Premature 
disbonding  due  to  poor  adhesion  would  be 
expected  to  result  in  fibre  instability 
and  thus  reduced  compressive  strength. 

In  the  case  of  carbon  fibres,  the  level  of 
flbre/matrix  adhesion  is  determined  by  the 
degree  of  oxidative  surface  treatment 
applied  to  the  fibres.  In  general  the 
adhesion  increases  with  treatment,  but  a 
plateau  is  usually  reached  at  moderate 
levels  of  treatment,  above  wnich  the  shear 
strength  of  the  interface  is  not  Improved 
(Ref  10). 

RAE  funded  work  at  Imperial  College, 

London  University  (Ref  6),  however,  has 
shown  that  carbon  fibre  surface  treatment 
has  relatively  little  effect  on  the 
unidirectional  compressive  strength  of 
CFRP.  Intramural  work  at  RAE  has  also 
shown  that  fibre  surface  treatment  has  a 
relatively  small  effect  on  compressive 
strength  (Ref  11).  Fig  4  shows  RAE  data 
for  compressive  strength  as  a  function  of 
fibre  surface  treatment  for  a  standard 
laminated  CFRP  material,  in  two  different 
layups.  At  low  levels  of  surface 
treatment  the  compressive  strength  rises 
rapidly  at  first,  reaching  a  maximum  at 
10-30%  of  the  standard  level  of  treatment. 
Further  increases  in  the  level  of  fibre 
surface  treatment  lead  to  a  small 
reduction  in  compressive  strength,  but  it 
is  unclear  why  this  should  be.  The  lack 
of  sensitivity  of  compressive  strengtn  to 
fibre  surface  treatment  is  an  important 
finding  and  has  permitted  the  exclusion  of 
this  variable  from  further  work. 


TABLE  1 


Cwens-Corning  Data  for  Unidirectional  GRP 
comparing  hollow  and  solid  glass  fibres 
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S2  H-  low 

S2  Solid 

E  Hollow 

E  Solid 

Density 

1.63 

2.02 

1.44 

2.10 

UTS  -  MPa 

1450 

2000 

450 

1100 

Modulus  GPa 

47.7 

58.6 

29.0 

44.8 

UCS  -  MPa 

1260 

1240 

990 

1001 

Specific  UTS 

888 

990 

313 

524 

Spec.  Modulus 

29.2 

29 

20.2 

21.3 

Specific  UCS 

770 

614 

688 

481 

RESIN  DEVELOPMENT  AND  MODIFICATION 

Since  the  predominant  mode  of  degradation 
and  failure  in  these  materials  has  been 
shown  to  be  based  on  fibre  microbuckling, 
the  properties  of  the  matrix  resin  would 
be  expected  to  have  a  major  effect  on 
compressive  stungth.  To  improve 
stability  the  resin  matrix  should  be 
stiffened  to  better  resist  fibre  buckling. 
This  might  be  achieved  either  by 
modification  of  the  resin  chemistry  or  by 
the  use  of  resin  additives.  Some  resin 
suppliers  are  researching  resins  with 
improved  stiffness,  but  generally  Improved 
stiffness  equates  with  Increased 
brittleness,  not  a  desirable  trait  in 
modem  composite  materials. 

Fig  5  shows  a  collection  of  RAC  and  RAE 
sponsored  data  on  how  composite  unidirec¬ 
tional  compressive  strength  varies  with 
composite  shear  strength,  the  latter  being 
a  very  resin  dependent  property.  Clearly 
compressive  sv^ength  increases  with 
increasing  composite  and  thus  resin  shear 
strength.  The  only  exception  is  the 
thermoplastic  based  system,  which  has  a 
poorer  compressive  strength  than  expected. 
This  is  believed  to  be  because  in  all  the 
thenroset  systems  the  general  degree  of 
fibre  misalignment  is  very  similar, 
typically  around  t2*,  but  in  the  thermo¬ 
plastic  based  composite  the  fibre 
misalignment  is  greater,  typically  ±4*. 
This  results  in  a  reduced  compressive 
strength  and  indeed  emphasises  the 
importance  of  fibre  alignment  on 
compressive  strength. 

RAE  is  currently  engaged  in  a  programme  of 
work  of  modifying  standard  resin  matrices 
aiming  to  gain  improvements  in  compressive 
strength,  but  currently  few  results  are 
available.  However,  work  by  Narkis  and 
Chen  (Ref  12)  has  shown  that  the  simple 
addition  of  glass  microspheres  to  the 
matrix  resin  can  lead  to  a  noticeable 
increase  in  compressive  strength  (Fig  6). 

PREDICTIVE  MODELLING 

The  lack  cf  predictive  capability  in 
general  is  limiting  the  apoiicaticr.  cf 
composite  materials  in  aerospace 
structures,  partly  because  of  the 


prohibitive  costs  of  having  to  generate 
all  data  experimentally  and  partly  because 
of  the  Inefficient  exploitation  of  the 
materials  capabilities.  The  problem  is 
particularly  acute  for  the  case  of 
compressive  loading,  especially  for  the 
design  critical  cases  of  notched 
compression  and  compression  after  Impact. 

To  tackle  this  problem,  RAE  has  supported 
work  aimed  at  developing  a  predictive 
model  for  the  notched  compressive  strength 
of  CFRP  (Refs  13,14).  The  model  developed 
assumes  that  compressive  failure  is 
dominated  by  fibre  microbuckling  from  the 
notch  and  this  has  been  verified  exper¬ 
imentally  for  a  range  of  polymer  based 
laminates.  Unlike  the  tensile  case,  in 
compression  microbuckles  usually  grow 
without  initiating  a  significant  damage 
zone,  thus  the  problem  is  actually  simpler 
than  tension  and  does  Indeed  lend  itseif 
to  the  application  of  fracture  mechanics. 
The  model  treats  the  mlcrobuckle  as  a 
crack,  making  allowance  for  the  material 
crushed  in  the  microbuckle  zone,  and 
applies  fracture  mechanics.  The  Inputs  to 
the  model  at  present  are  the  unnotched 
strength  plus  a  fracture  toughness 
parameter  measured  on  the  actual  laminate. 
However,  current  work  is  aimed  at  reducing 
these  requirements  to  the  unidirectional 
compressive  strength  and  toughnesses 
measured  on  unidirectional  material.  The 
comparison  with  experiment  is  shown  in 
Fig  7  for  6  different  laminates  and  as  can 
be  seen  is  remarkably  good.  The  model 
holds  ''e  prospect  of  becoming  a  true 
desig.  .ool,  capable  of  predicting  notched 
compressive  strength  for  any  composite 
system. 

Work  is  also  in  progress  to  model  all 
aspects  cf  impact  behaviour  (Ref  15). 

This  includes  trying  to  predict  the  type 
and  amount  of  damage  produced  in  an 
impacting  event,  the  effect  this  h3S  on 
residual  mechanical  properties  and  whether 
the  damage  will  subsequently  grow.  An 
example  is  shown  in  Fig  8,  for  the  growth 
cf  delaminaticns  in  compression.  In  this 
an  FE  me  del  has  teen  used,  with  toughness 
inputs  for  !ic  and  Gj;  ,  tc  predict  the 
extent  cf  subsequent  delanir.atic.n  growth 
as  a  resu.t  cf  an  applied  compressive  lead. 
The  model  predicts  the  experimental 
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delamination  growth  well.  This  model  Is 
being  further  developed  to  cope  with  fibre 
fracture  and  splits  as  well  as 
delamination,  and  their  interaction,  and 
thus  cope  with  complex  interacting  areas 
of  damage  similar  to  those  produced  during 
impact . 

CONCLUSIONS 

A  brief  survey  of  work  sponsored  by  the 
Royal  Aerospace  Establishment,  Farnbo rough , 
UK,  on  the  compressive  behaviour  of 
composite  materials,  has  been  described. 

Compressive  strength  has  improved  little 
in  recent  years  despite  dramatic  increases 
in  composite  tensile  strength.  This  has 
been  partly  because  of  a  lack  of 
understanding  of  the  failure  processes  in 
these  materials  and  perhaps  also  because 
of  difficulties  in  testing  in  compression. 
An  improved  test  method  has  been  described 
in  this  work  that  yields  significantly 
increased  coupon  compressive  strengths 
with  failure  modes  that  appear  to  be 
material  b..sed  rather  than  associated  with 
mac ro-instability . 

Recent  detailed  micromechanical  studies 
have  been  described  that  reveal  that 
plastic  mlcrobuckling  is  the  predominant 
failure  process  in  advanced  polymer  matrix 
composites.  Matrix  properties  and  fibre 
misalignment  appear  to  be  key  factors  in 
determining  composite  compressive  strength. 
The  fibre/matrix  interface  has  little 
effect  on  compressive  strength;  relatively 
small  degrees  of  fibre  surface  treatment 
being  sufficient  to  realise  standard 
levels  of  compressive  strength. 

Modified  fibres  with  non-circular  and 
hollow  cross-sections  and  stlffer  or 
modified  matrix  resins  appear  to  offer  the 
prospect  of  improved  composite  compressive 
strength. 

Predictive  techniques  capable  of 
estimating  notched  compress  ve  strength 
and  determining  the  onset  of  delamination 
growth  have  been  described.  With  further 
development  these  offer  the  prospect  of 
becoming  composite  design  tools. 
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Figure  3 
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PLAIN  COUPON  WITH  ALJULLOY  TABS  -  1156  Ml 
RAB  MODIFIED  COUPON  (ABOVE)  -  1816  M 
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FIGURE  4  -  THE  EFFECT  OF  FIBRE  TREATMENT 
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Figure  5  -  UD  Compressive  Strength 
v.Shear  Strength 
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INFLUENCE  OF  EDGE  EFFECT  ON  COMPRESSION-TENSION  FATIGUE 
OF  TOUGHENED  GRAPHITE/EPOXY  LAMINATES 
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abstract 

Results  are  teported  of  fahgue  tests  on  a  toughened 
graphite/epoxy  (IM6/5245C)  using  a  specimen  and  grip  design 
that  allows  a  relatively  large  volume  of  material  to  be  tested. 
The  loading  wjs  compression  dominated  (R--3.75).  Two 
different  stacking  sequences  of  an  18  ply  laminate  were  tested. 
The  lamination  was  typical  of  an  aircraft  wing  skin  (0/43  W)  - 
(44.4%,44.4%,1 1.1%).  The  specimens  were  23.4mm  wide. 
290mm  long  with  a  gauge  length  of  130  mm.  During  the  test 
program  specimen  stiffness  and  residual  strength  were 
measured.  In  parallel.  local  damage  development  was 
monitored  using  ultrasonic  C-scans,  photoelastic  coatings  and 
optical  microscopy.  The  use  of  thin  (.23  mm)  photoelastic 
coatings  to  observe  in-situ  damage  initiation  and  growth  is 
new.  It  is  based  on  the  sensitivity  of  coatings  to  the  change  in 
mechanical  properties  of  specimens  due  to  damage.  The  C- 
Scan  inspection  results  correlate  closely  with  photoelastic 
observations. 

Results  indicate  that  fatigue  in  composite  specimens  is 
dominated  by  the  edge  effect.  Differences  in  the  fatigue  lives 
of  the  two  stacking  sequences  used  were  close  to  two  orders  of 
magnitude.  The  proper  selection  of  stacking  sequence  is 
crucial  to  achieving  long  fatigue  lives.  Under  compression 
dominated  loading  fatigue  damage  is  a  local  process.  Damage 
always  initialed  at  the  edge  and  could  be  related  to  edge 
interlaminar  shear  stresses.  The  fatigue  process  consists  of  a 
relatively  long  period  before  initiation,  usually  in  several 
locations,  followed  by  a  period  of  growth  from  one  initiation 
site  that  finally  leads  to  rapid  compressive  failure. 


It  is  recognised  that  the  i—rlaininar  stresses  can  be 
significantly  influenced  by  the  laminate  stacking  sequence*4** 
and  that  their  magnitude  can  increase  very  rapidly  near  the  free 
edge*7-**.  The  natrow  region  dose  to  an  edge  (the  sides  of  a 
laminate,  holes  or  cutouts)  are  thus  very  susceptible  to  damage 
initiation  and  can  acceleraae  the  failure  process.  The  details  of 
the  microscopic  events  and  the  way  in  which  the  matrix-related 
damage  modes  influence  the  growth  of  delaminations  are  not 
well  understood. 

The  wotk  reponed  here  is  pan  of  a  research  program 
investigating  the  mechanical  behav.orof  graphite/epoxy 
(IM6/5245Q  laminates  subjected  to  static  and  cyclic  loading. 
The  lay-up  far  all  specimen  was  (0f45*/9fr) 

(44.4%/44.4%/l  1.1%)  18  ply  symmetric .  The  purpose  of  the 
investigation  is  to  determine  how  edge  effects  influence  the 
static  strength,  fatigue  resiaanrr  and  damage  growth  in 
laminates.  This  was  done  by  altering  the  stacking  sequence 
which  directly  controls  the  edge  effects**19. 

A  finite  element  model  was  employed  to  obtain 
numerical  results  for  the  stress- field  distribution  for  seventeen 
different  stacking  sequences.  In  this  paper,  the  results  of 
com  press  ion-tension  cyclic  loading  tests  are  reported  for  two 
laminates  with  the  following  stacking  sequences: 

Laminate  2  [+45/-45AMV9(VWV-45/+4511 

Laminate  12  :  [90W+45/0/+45/0/-45AV-451, 

These  were  selected  hreausr  under  loading,  normal  stresses  at 
the  flee  edge  of  opposite  signs  were  calculated.  The 
dependence  of  the  static  strength  on  these  laminate  stacking 
sequences  was  examined  in  reference  13. 


Advanced  composite  materials  for  aircraft  structures 
have  not  been  used  to  their  fell  potential  due  to  their  sensitivity 
to  low  energy  impact  damage.  The  low  design  allowables 
preclude  impact  damage  growth  under  cyclic  loading.  This  has 
lead  some  researchers  to  suggest  that  fatigue  is  not  an  issue  in 
composite  structures  While  this  may  be  true  at  present,  future 
requirements  and  progress  in  NDi  technology  will  certainly 
allow  the  design  allowables  to  be  increased*'*.  Both  the  edge 
effect  and  fatigue  have  received  considerable  mention  in  the 
literature  and  analytical  and  experimental  pa  pen  on  the  subject 
are  numerous  as  reviewed  in  references  G  **. 


The  free -edge  interlaminar  stress  problem  is  3-D  in 
nature.  Following  the  initial  work  of  Pipes  and  Pagano*7*  and 
numerous  other  investigators.  Wang  et  al/3**  studied  the  tensile 
behavior  of  a  {0/90.J  graphite/epoxy  la  unite.  They 
demonstrated  that  matrix  CT'lung  in  the  narrow  region  close  to 
the  edges  at  the  0*/90»  inter  .1  and  at  the  90»  plies  resulted 
from  the  combined  actions  o!  the  normal  and  shear  stresses  o,. 
t„  and  xyt  respectively  (Figure  1). 


Despite  the  high  fatigue  resistance  of  fiber  dominated 
graphite/epoxy  laminates  under  cyclic  loading,  physical 
evidence  of  damage  such  as  matrix  cracking,  fiber  matrix 
interface  failure  and  delamination  is  well  documented  A 
good  understanding  of  various  aspects  of  the  fatigue  behavior 
of  laminates  (influence  of  the  sucking  sequence  and  testing 
variables  such  as  stress  levels,  mean  stress,  cycling  mode,  etc) 
will  certainly  assist  the  engineer  in  designing  fahgue  resistant 


A  variety  of  failure  entrna  have  been  proposed  to 
predict  the  suhe  failure  strength  of  multidirectional  laminates 
fiom  a  knowledge  of  the  strength  of  unidirectional  laminates 
and  the  nominal  stresses  in  the  laminae  at  a  given  load.  They 
range  from  the  very  simple  to  the  rather  complex.  None,  as 
yet,  has  been  found  to  be  entirely  satisfactory  because  the 
classical  laminated  ptac  theory  only  provides  accurate  stress 
values  in  laminae  far  from  the  free  edges.  Sun  and  Zhou*'4* 


laminae,  the  stress  states  at  O.St,  t.  1  5t.  2t,  2.5t  and  3t  from  the 
free  edge  (t=nly  thickness).  They  showed  that  with  the  Tsai- 
Hill  and  Hasnin-Rotem  strength  criteria,  the  stress-sta>c 
calculated  at  2t  from  the  free  edge  gave  the  best  correlation 
with  experimental  observations. 

Computed  Laminate  Strengths 

A  finite  element  program  developed  by  La!ioud«,s>  was 
used  to  account  for  the  different  lamina  orientations  and  to 
define  the  stress  distributions  within  the  laminates  2  and  12 
under  a  uniaxial  tensile  or  compressive  strain  of  +  1%.  The 
stress  values  computed  at  2t  f.om  the  free  edges  were  chosen 
as  representative  of  the  stress-jtate  at  the  free  edges  as 
suggested  by  Sun  and  Zhou<u>.  The  distance  2t  was  equal  to 
0.28  mm  for  these  laminates.  As  an  example,  the  stress 
distributions,  Ot  and  tu ,  at  the  free  edges  and  at  a  distance  2t 
are  shown  for  the  laminate  2  under  tensile  loading  (Figure  2). 
Detailed  stress  analysis  for  both  laminates  can  be  found  in  Ref. 
18.  The  failure  strengths  of  laminates  2  and  12  were  predicted 
using  the  modified  Tsai-Wu,  Tsai-Hill  and  Hashin-Rotem 
failure  criteria*14'14171.  The  values  of  the  mechanical  properties 
of  an  IM6/5245C  lamina  are  reported  in  Table  1  and  these 
were  used  with  each  criterion  expression.  The  failure  strengths 
of  the  0°  and  90°  plies  are  presented  in  Table  2.  The  calculated 
strengths  can  be  compared  to  the  values  determined 
experimentally*1  ]>. 

Under  a  compressive  strain  e=- 1  %,  the  interlaminar 
stresses  computed  in  each  laminate  at  the  free  edge  and  at  2t 
from  the  edge  are  given  in  Table  3.  It  can  be  observed  that,  at 
the  free  edge,  maximum  positive  normal  stresses  az  and  shear 
stresses  txz  are  at  the  45°/-45°  interfaces  (8th/9th  ply)  in 
laminate  2.  At  2t  (0.28mm)  from  free  the  edge  the  stresses  are 
of  a  significant  magnitude  at  the  0°/45°  and  0°/-45°  interfaces 
(3rd  to  9th  ply)  and  the  maximum  is  between  the  6th  and  7th 
ply. 

On  the  basis  of  these  calculations,  the  delamination  of 
laminate  12,  in  a  mixed  mode,  would  occur  due  to  the  presence 
of  a  tensile  value  of  oz,  and  a  positive  shear  stresses  (as 
calculated  at  a  distance  2t  from  the  free  edge  in  the  0%45° 
interface).  Delamination  in  Mode  II  in  laminate  2  could  also 
occur  but  because  the  shear  stress  level  (x„)  is  smaller  than  in 
laminate  12  it  is  unlikely  that  the  delamination  would  grow  to 
the  same  extent.  Initiation  and  propagation  of  delaminations 
during  fatigue  loading  is  complex  process  which  in  simple 
cases  can  be  modeled  using  strain  energy  release  rate 
calculations00*. 

Eawrimcntal 

The  specimens  used  in  this  investigation  were  prepared 
and  tested  in  the  Structures  and  Materials  Laboratory  of  the 
Institute  for  Aerospace  Research  (IAR).  Large  panels  (61  -m  x 
30.5  cm)  of  the  IM6/5245C  graphite/epoxy  were  fabricated 
with  stacking  sequences  2  and  12.  The  2.5  mm  thick  panels 
were  cut  into  specimens  290  mm  long  by  25.4  mm  wide.  Prior 
to  testing  the  specimens  were  inspected  using  an  ultrasonic 
C-scan  and  were  found  to  be  free  of  detectable  flaws. 

The  specimens  were  tested  using  an  MTS  100  kN 
servo-hydraulic  testing  machine  under  stroke  control.  The  load 
was  transferred  to  the  specimens  through  a  hydraulic  gripping 
system*191  which  maintained  a  con.iant  pressure  of  about  35 
MPa  over  a  60  mm  length  at  each  extremity.  The  gripping 


areas  of  both  the  specimen  and  the  jaws  were  lightly  sand¬ 
blasted  to  prevent  slippage  during  loading.  Aluminium  anti- 
buckling  guides  ( 12.6  mm  wide  x  152.4  mm  long)  supported 
the  central  ponton  of  the  specimens  tested  in  compression.  A 
thin  Teflon  sheet  was  insened  between  >he  ..pecimen  and  the 
anti-buckling  guide  to  minim  -.c  the  friction. 

Tension-compression  fatigue  tests  were  conducted 
using  load  control  with  a  sinusoidal  wave  form,  under  a  load 
ratio  R  =  Pmax/  Pm,n  =  -3.75.  The  Pmj„  load  varied  from  a 
low  of  0.6PUC  (Puc  being  the  static  strength  in  compression)  to 
a  high  of  0.9PUC.  The  Puc  load  for  each  laminate  was 
determined  from  a  number  of  static  tests.  The  values  were  - 
43.5  kN  and  -35.9kN  for  laminate  2  and  12  respectively.  The 
number  of  cycles  to  failure  recorded  in  the  test  data 
corresponded  to  the  final  fracture  of  the  specimen. 

Specimen  deformation  was  measured  using  an  MTS 
clip  gauge  extensometer.  A  12.7  mm  distance  separated  the 
pointers  of  the  clip  gauge  mounted  on  ">ne  side  of  the 
specimen.  The  maximum  range  of  the  gauge  was  15%  strain. 

Following  failure,  sections  of  laminate  2  specimens 
outside  the  fracture  zone  were  convened  into  a  shon  gauge 
length  specimens.  These  were  tested  to  determine  their 
residual  compressive  strength.  Given  the  gauge  length  >f  5mm 
the  specimen  could  be  tested  in  compression  without  any  need 
to  use  anti-buckling  guides.  Side  loading  wedge  type  MTS 
hydraulic  grips  were  used  in  these  tests.  Sand-blasted 
aluminum  alloy  tabs  were  placed  between  the  specimen  and  the 
wedges,  to  protect  the  specimens  from  damage  by  the 
serrations  on  the  wedges.  A  total  of  twelve  specimens  were 
tested,  four  from  each  selected  fatigue  load  level.  Another  1? 
virgin  specimens  were  also  tested  to  verify  that  the  shon  gauge 
length  static  test  corresponds  to  the  long  gauge  (with  anti- 
buckling  guides)  used  predominantly  in  this  project.  The 
coefficient  of  variation  of  recorded  strength  in  these  1 3 
specimens  was  15.2%  versus  7.2%  in  long  gauge  specimens. 
However,  the  average  strengths  measured  using  the  two 
methods  were  less  than  0.5%  different. 


A  travelling  microscope  was  used  to  observe  the 
development  of  edge  interlaminar  damage  during  the  cyclic 
tests.  In  addition,  two  inspection  techniques.  Shadow  Moire 
interferometry  and  photoelastic  coatings  were  employed. 
Shadow  Moirf  was  used  to  observe  out  of  plane  deformations 
due  to  delamination  or  specimen  buckling  in  compression  (to 
test  the  design  of  the  antibockling  guides).  Phctoclasiic 
coalings  were  used  to  observe  the  progression  of  damage,  in 
real  time,  during  testing.  The  method  is  especially  effective  in 
laminates  with  residual  curing  stn-sscs.  The  coatings  (typically 
0.25  mm  thick)  are  applied  before  testing.  Since  the  specimens 
used  are  coupons  subjected  to  uniform  strain  loading  any 
nonuniformitics  in  the  observed  r:  ochromatic  patterns  are 
related  to  damage  accumulation  and  the  associated 
redistribution  of  residual  stresses  in  the  nccimcn.  The 
coatings  are  sensitive  to  the  difference  in  ttie  principal  normal 
strains.  Due  to  (he  accumulating  damage,  stiffness  and 
Poisson's  ratio  will  change  and  affect  the  response  of  the 
coating  during  loading.  The  damage  development  during  the 
fatigue  testing  w  as  observed  ,.ith  a  reflection  pol.iriscopc 
model  031  inamii.ieturcd  hv  Measurements  Group.  Still 
photography  at  selected  intervals  gave  a  permanent  record  of 
damage  growth.  Periodically  thesv  observations  were  verified 
by  removing  the  test  specimens  Irom  the  load  frame  and 
carrying  out  an  ultrasonic  (‘  scan  inspection. 
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HmuIh  and  Discussion 

The  long  gauge  length  static  test  results  ate  summarized 
in  Table  2.  The  tensile  strength  P„  and  the  compressive 
strength  Px  are  defined  as  the  load  recorded  at  ply  failure.  The 
Young's  modulus  was  computed  at  half  the  maximum  load 
using  the  secant  drawn  on  the  stress-strain  curve. 

Results  of  fadgue  tests  are  presented  in  Fig.  3  as  a  plot  of  the 
applied  load  (S)  against  number  of  cycles  to  failure  (N).  The 
data  scatter  is  characteristic  of  the  fadgue  behavior  of 
composites.  However,  the  r;sults  clearly  show  that  for  any 
cyclic  loading  corresponding  to  a  precise  percentage  of  static 
strength  in  compression  of  each  laminate  the  logarithmic 
lifedme  of  laminate  2  is  much  greater  than  that  of  laminate  12. 
For  example,  at  a  cyclic  stress  level  S=  0.7  the  nominal 
average  fadgue  life  of  laminate  2  was  approximately  800,000 
cycles  and  only  8.000  cycles  for  the  la>  nate  1 2.  Another  way 
of  comparing  the  fadgue  strength  ~f  b>.^i  laminates  is  to 
estimate  their  respective  cyclic  stress  level  (relative  to  the  static 
compression  strength)  yielding  a  common  logarithmic  lifetime. 
For  example  at  Log  N  =  3.9  (N  =*  8.000  cycles),  the  cyclic 
loading  level  for  laminate  2  was  S*  0.9  P^  but  corresponding 
only  to  S*»  0.7  P^  for  laminate  12.  The  difference  in  the  stress 
level  is  rather  striking  since  the  corresponding  Pmln  values  are 
-39.15  kN  and  -25.13  kN  for  laminate  2  and  12  respectively. 

Local  delaminations  observed  at  the  free  edge  of 
laminate  12  grew  towards  the  interior  of  the  test  specimen 
rather  than  longitudinally  along  the  free  edge.  The 
delaminations  were  located  at  the  0°/45°  interfaces  (6th/7th 
ply).  In  laminate  2  damage  initiated  in  the  45°  plies  at  the  free 
edge.  The  damage  had  the  appearance  of  erosion  sites  in  'the 
laminae  (not  cracks)  and  were  partly  filled  with  small  dust  like 
particles.  This  form  of  damage  appeared  at  specimen  midlife 
close  to  the  45°/-45°  interfaces  where  the  shear  strains  are  the 
highest  (see  Table  3).  In  laminate  12  both  the  oz  and  xxz  seem 
to  drive  the  damage  growth  while  in  laminate  2  only  txz  is 
significant  at  2t  from  the  edge.  Since  the  shear  stresses 
responsible  for  damage  in  laminate  2  ate  nearly  half  the 
stresses  in  laminate  12,  the  significant  difference  in  the  fatigue 
lives  seems  to  correlate  well  with  the  calculated  stress 
magnitudes. 

Post-failure  short  gauge  length  test  results  for 
laminate  2  are  shown  in  Figure  4.  While  the  trend  for  lower 
residjal  compressive  strength  is  consistent,  only  the  specimens 
tested  at  70%  show  a  statistically  significant  static  strength 
reduction  from  that  of  the  virgin  material.  At  the  70%  load 
level,  specimens  were  on  average  subjected  to  800,000  cycles 
and  it  should  be  noted  that  their  'global'  strength  was  reduced 
only  by  i0%. 

Figure  5  shows  damage  development  as  recorded 
with  photoclastic  coatings  in  a  laminate  2  specimen.  Four 
images  taken  at  0,  350,000.  744,000  and  797,000  cycles 
represent  respectively  0, 0.44, 0.94  and  I  life  time  (LT) 
(specimen  failed  at  797,794  cycles).  The  particular  images 
•.vere  selected  for  their  significance  in  the  damage  evolution. 
The  0.41LT  image  shows  the  first  signs  of  damage  and 
nominally  ends  the  period  of  damage  initiation.  The  0.94LT 
image  shows  slow  damage  growth.  It  is  interesting  that  most 
of  the  damage  is  generated  in  the  last  stage  of  specimen  life 
(6%),  which  is  contrary  to  the  characteristic  required  for 
damage  tolerant  design.  The  photoelastic  coatings  and  Cscan 
results  show  that  there  are  usually  several  damage  initiation 
sites  at  the  edges  One  of  these  shows  a  pronounced  growth  in 


the  second  stage  of  the  specimen  life  and  is  the  cause  of  final 
failure.  The  post-failure  residual  strength  rests  demonstrating 
high  strength  retention  outside  the  final  failure  affected  zone 
correlate  well  with  the  damage  growth  observations.  It  can  be 
concluded  that  under  the  compression  dominated  fatigue 
loading  used  in  these  tests,  the  fatigue  damage  is  a  local 
process. 

Conclusions 

Experimental  observations  during  fatigue  confirmed 
that  the  stresses  computed  u  2t  from  the  free  edge  may  be 
regarded  as  critical  for  the  determination  of  fatigue  damage 
initiation. 

Stacking  sequence  selection  can  affect  the  fatigue  life 
of  composite  specimens  by  a  factor  of  100. 

Under  compression  dominated  compression-tension 
cycling  fatigue  damage  growth  seems  to  be  a  local  process. 
Most  of  the  damage  is  generated  during  the  last  6%  of  the 
specimen  life. 

The  photoelastic  coating  technique  is  effective  in  the 
real-time  monitoring  of  damage  growth  in  composites. 
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Figure  1.  Reference  axes  and  stress 
representation  in  a  laminate. 


Figure  2.  FEM  calculated  normal  and  shear  stresses  at  the  free  edge  and  2t  away  from  die 
edge.  Laminate  stacking  sequence  2. 


Figure  3.  Laminates  2  and  12.  Load  level  versus  number  of 
cycles  to  failure  (R=-3.75,  f=5Hz). 


Figured  Post  failure  residual  compression  strength  in  laminate  2.  Smaller  bars  show 
standard  deviation  (STD)  observed  in  tests. 


N-  0  350.000  744.000  797.000 


Figure  5.  Laminate  2  specimen  with  photoelastic  coating.  Center  of  specimen  is  obscured 
by  antibuetting  guides.  Specimen  failed  after  797,794  cycles  so  the  images  represent  0. 

0.44.  0.94  and  0.999  life  time  (LTV  The  white  area  in  the  lower  left  comer  of  specimen  seen 
at  0.94  and  0.999  LT  indicates  damaged  zone. 
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Table  3.  Interlaminar  messes  at  tree  edge  and  at  2t  <Q.2fcam) 
from  free  edge  in  laminates  2  and  12  under  compressive  loading 

<e,-l%). 
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SUMMARY 


1.  INTRODUCTION 


This  paper  describes  an  experimental  investigation  into 
damage  progression  in  compressively  loaded  quasi-isotropic 
laminates  with  a  circular  hole  and  the  prediction  of  damage 
initiation  using  3D  finite  element  failure  analysis.  Notched 
laminated  plates  were  fabricated  from  Narmco  IM6/3245C 
with  three  stacking  sequences;  [+45/0/-45/90L, 
K + 45)  j/  (0)  j/  (-45)j/  (90)Jk  and  [(+45)4/(0)4/(-i5)4/(90)Jt. 
Most  specimens  were  tested  to  ultimate  failure  but  some 
were  stopped  prior  to  failure.  The  criterion  for  stopping  the 
test  was  the  detection  of  audible  acoustic  emission.  The 
tests  revealed  that  the  notched  strength  decreased  as  the  ply 
group  thickness  increased.  An  examination  of  the  hole 
surface  of  those  specimens  not  taken  to  ultimate  failure 
revealed  delaminations  at  the  +45°/(P  and  -45°/0P 
interfaces  and  failure  of  the  -*-15°  and  0“  ply  groups.  For 
the  specimen  where  six  plies  with  the  same  fibre  orientation 
were  grouped,  the  midplane  of  the  0“  ply  group  also 
contained  a  delamination.  A  tensor  polynomial  failure 
criterion  which  used  all  the  six  stress  states  determined  from 
the  3D  finite  element  analysis  at  the  laminate  characteristic 
dimension  was  used  to  predict  initial  laminate  failure. 
Although  this  failure  criterion  was  able  to  predict  the  strain 
at  initiation  for  the  laminate  [(+45)4/(0)6/(-45)t/(90)sk  •* 
could  not  distinguish  between  the  different  ply  group 
thicknesses.  Therefore  another  failure  criterion  based  on 
the  interlaminar  stresses  was  proposed  to  predict  strain  at 
initiation.  This  criterion,  when  used  in  conjunction  with  the 
nodal  stresses  at  the  hole  edge,  predicted  the  strain  at 
initiation  reasonably  well. 

Based  on  the  numerical  and  experimental  results,  a 
mechanism  for  damage  initiation  and  prog'ession  was 
proposed.  However,  considering  that  damage  initiation 
occurred  at  over  90%  of  the  ultimate  load,  a  damage 
progression  model  would  not  be  practical  for  the  material 
systems  presently  used  in  aircraft  As  the  material  systems 
are  improved,  it  may  be  possible  to  apply  such  a  model  in 
the  near  future. 
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characteristic  dimension 
applied  axial  strain 
strength  tensors 
load  factor 

compressive  notched  strength 
far  field  applied  stress 
in-plane  stresses 
interlaminar  normal  stress 
interlaminar  shear  stresses 


Structures  manufactured  from  carbon  fibre  reinforced 
polymer  composites  have  significantly  lower  compressive 
strengths  when  holes  are  present  It  appears  that  the 
toughness  of  the  polymer  matrix,  the  properties  of  the 
fibre/matrix  interface  and  the  stability  of  the  fibres  are  the 
major  factors  influencing  the  compressive  notched  strength. 
The  importance  of  these  factors  is  manifested  by  the 
complex  failure  modes  which  involve  matrix  cracking, 
delamination,  localized  buckling  and  shear  failure. 

In  the  early  stage  of  model  development,  semi-empirical 
approaches  based  on  the  point  stress  or  average  stress 
failure  criteria  were  adopted  to  predict  the  compressive 
notched  strength."4’  These  macroscopic  models  require 
two  empirical  parameters,  -ne  characteristic  dimension  and 
the  ultimate  unnotched  strenpth  of  the  laminate,  for  notched 
strength  prediction.  Although  these  models  are  simple  and 
practical  to  apply  in  design  ng  composite  structures  with 
notches,  they  are  limited  to  uniaxial  loading  cases  and 
cannot  address  failure  modes.  Further  development"*’  had 
extended  the  earlier  models  to  handle  general  in-plane 
loading  cases  and  to  predict  the  location  of  failure  on  the 
hole  boundary  and  the  critical  ply  within  the  laminated 
plate  based  on  a  first  ply  failure  hypothesis.  The  major 
deficiency  in  the  first  ply  failure  models  is  that  the  ultimate 
failure  of  a  notched  laminate  does  not  usually  occur 
immediately  following  the  failure  of  the  first  ply. 

The  progressive  nature  of  failure  in  compressively  loaded 
liminates  contairing  a  circular  cutout  was  investigated 
o  nerimentally  by  Waas,  et  al.(T)  Using  real  time 
holographic  interferometry  and  in-situ  photomicrography, 
they  observed  that  failure  was  initiated  as  a  localized 
instability  in  the  0°  plies  at  the  hole  surface  at 
approximately  right  angles  to  the  loading  direction. 
Subsequent  to  the  (f  ply  failure,  extensive  delamination 
cracking  was  observed  with  increasing  load.  The 
delaminated  regions  propagated  to  the  undamaged  areas  of 
the  laminate  by  a  comuination  of  delamination,  buckling 
and  growth  of  damage,  the  buckling  further  enhancing  the 
growth  of  damage.  Analytical  models  for  the  prediction  of 
damage  progression  were  not  developed. 

A  two  dimensional  model  was  developed  by  Chang  and 
Lessard1”  to  predict  damage  progression  and  failure  modes 
of  notched  laminated  plates  under  compressive  loading. 
Using  a  nonlinear  finite  element  method,  stresses  and 
strains  were  calculated  based  on  finite  deformation  theory 
with  consideration  of  material  and  geometric  nonlinearities. 
The  types  and  extent  of  damage  in  the  material  were 
preJic  ed  by  a  set  of  proposed  failure  criteria  and  material 
degradation  models.  Numerical  results  from  the  model 
were  compared  with  data  obtained  from  an  experimental 
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predictions  and  test  results.  Because  of  the  two  dimensional 
analysis  used  in  the  model,  interlaminar  normal  and  shear 
stresses  were  not  determined. 

Failure  models  must  be  able  to  predict  delamination  since 
it  is  a  major  progressive  failure  mode  in  compressively 
loaded  laminated  plates  with  holes.  In  order  to  predict 
delamination,  interlaminar  normal  and  shear  stresses  must 
be  determined  and  incorporated  into  appropriate  failure 
criteria.  However,  the  calculation  of  these  interlaminar 
stresses  requires  three  dimensional  analysis  which  is 
complicated  and  costly.  Consequently,  very  few  papers 
concerning  three  dimensional  analysis  are  reported  in  the 
literature. 

Barboni  et  al<10>  recently  reported  an  investigation  into  edge 
effects  in  composite  laminates  with  circular  holes.  A  quasi- 
3D  analysis  was  performed  to  study  the  importance  of 
stacking  sequence  and  geometric  parameters  on  the  stress 
field  around  the  hole.  In  the  numerical  tests  a  power  series 
e.rpansion  for  displacement  in  the  z-direction  was  adopted 
to  satisfy  ’.he  equilibrium  conditions  of  the  stresses  at  ply 
interfaces.  No  attempts  were  made  to  develop  criteria  for 
failure  predictions. 

Bums  et  al(11>  developed  an  efficient  3D  finite  element 
failure  analysis  of  compressively  loaded  angle-ply  laminates 
with  holes.  The  tensor  polynomial  failure  criterion  was  used 
to  predict  the  location  and  mode  of  failure.  They  found 
that  failure  initiated  at  the  interface  between  layers  on  the 
hole  edge  and  the  angular  location  of  the  initial  failure  was 
a  function  of  the  fibre  orientation. 

The  compressive  response  of  notched  and  unnotcheri 
laminated  plates  has  been  investigated  at  the  Institute  fer 
Aerospace  Research.0113'  The  long  term  objective  is  <o 
improve  the  understanding  of  the  failure  mechanisms  of 
compressively  loaded  laminates  with  holes  or  impact 
damage.  The  present  paper  describes  an  experimental 
investigation  into  damage  progression  in  compressively 
loaded  quasi-isotropic  laminates  with  a  circular  hole  and  the 
prediction  of  damage  initiation  using  a  3D  finite  element 
failure  analysis. 


2.  EXPERIMENT 

2.1  Specimen  Preparation 

The  laminated  plates  used  in  the  tests  were  fabricated  from 
a  composite  material  consisting  of  Hercules  IM6  graphite 
fibres  preimpregnated  with  Narmco  5245C  resin.  The  IM6 
fibre  is  a  continuous  graphite  fibre  with  a  tensile  modulus 
of  280  GPa  and  a  tensile  ultimate  strain  of  1.5%.  The 
5245C  is  a  177°C  cure  modified  bismaleimide  resin  with  an 
intended  wet  service  capability  up  to  121°C.  The  layup  of 
the  laminated  plates  was  quasi-isotropic  and  consisted  of  48 
plies.  Three  types  of  specimens,  designated  A,  B  and  C, 
with  ply  stacking  sequences,  [  +  45/0/-45/90|*,, 
l(+45y(0y(-45)J/(90),l24  and  ((+45)6/(0)6/(-45)6/(90)ft]1, 
respectively,  were  adopted  to  study  ply  grouping  effects. 
The  angles  of  the  fibre  orientation  are  presented  in  Figure 
1.  The  plates  were  consolidated  using  the  vacuum  bagging 
and  autoclave  curing  procedure  recommended  by  the 
prepreg  manufacturer.  After  curing,  the  plates  were 
inspected  nondestructive^  using  au  ultrasonic  C-scanning 
method.  The  fibre  volume  fraction,  determined  using  a 


bum-off  test*14',  was  between  0.6  and  0.65.  Mechanical  and 
strength  prooerties  of  IM6/5245C  are  shown  in  Table  1. 

The  geometry  of  the  open  hole  compression  test  specimen 
is  shown  in  Figure  2.  TTie  short  edges  of  the  specimen  were 
ground  flat  and  parallel  to  within  0.013  mm.  The  hole  in 
the  centre  of  the  specimen  was  drilled  and  reamed  using 
high  speed  carbide  tools  to  a  nominal  diameter  of  25.4  mm. 
Driving  was  performed  without  lubricant  and  the  specimens 
were  clamped  between  two  plexiglass  plates  to  reduce  the 
chance  of  drill-induced  delamination.  After  machining,  the 
specimens  were  again  C-scanned.  A  pair  of  back-to-back 
strain  gauges  was  mourned  on  each  specimen.  For  a 
selected  group  of  specimens,  back-to-back  strain  gauges 
were  also  mounted  at  the  edge  .  f  the  hole. 

22  Testing  Procedures 

A  typical  test  setup  is  shown  in  Figure  3.  specimens  were 
end  loaded  in  compression  under  stroke  control  on  an  MTS 
testing  machine  connected  to  a  computerized  control  and 
data  acquisition  system.  An  hydraulic  actuator  displacement 
rate  of  1.27  mm/min  was  used.  The  shoit  edges  of  the 
specimen  were  clamped  in  a  pair  of  steel  blocks  to  prevent 
end  brooming  under  the  compressive  load.  Anti-buckling 
guides  were  mounted  on  the  longitudinal  edges  to  suppress 
global  buckling.  Extreme  care  in  alignment  was  exercised 
to  ensure  that  the  specimen  was  loaded  in  the  centre  of  the 
testing  machine  with  the  longitudinal  axis  of  the  specimen 
maintained  parallel  to  the  loading  axis  of  the  machine.  All 
tests  were  done  at  room  temperature  without  environmental 
conditioning. 

For  each  stacking  sequence,  most  specimens  were  tested  to 
ultimate  failure  but  one  or  two  tests  were  stopped  prior  to 
ultimate  failure.  The  criterion  for  stopping  the  test  was  the 
detection  of  audible  acoustic  emission  which  indicated 
damage  had  initiated.  For  these  tests,  one  specimen  of  each 
stacking  sequence  was  treated  with  a  photoelastic  coating. 
The  changes  in  surface  strain  distribution  were  continuously 
monitored  using  an  image  analyzing  system. 

2J  Experimental  Remits 

A  summary  of  the  experimental  results  is  presented  in  Table 
2.  The  open  hole  compressive  strength,  <rN,  was  computed 
by  div  iing  the  ultimate  toad  by  the  gross  cross  sectional 
area  of  the  specimen.  Typical  stress  vs  strain  corves  for  the 
specimens  with  stacking  sequence  A.  B  and  C ;  re  shown  in 
Figure  4.  The  far  field  stress-strain  relatio.iships  for  all 
specimens  show  linear  and  nearly  identical  behaviour  under 
the  compressive  loading.  Slight  bending  of  the  specimens 
is  indicated  by  the  divergence  of  curves  which  becomes 
more  obvious  when  the  stress  level  is  close  to  the  ultimate 
failure  load.  The  disturbance  in  the  linear  behaviour  for 
the  type  C  specimen  indicates  delaminat'nn  of  the  outer 
plies  which  extends  to  almost  the  full  length  of  the 
specimen,  see  Figure  5.  However,  this  was  not  the  situation 
for  the  type  A  and  B  specimens  which  contained  localized 
delaminations  in  the  vicinity  of  the  hole,  see  Figures  6.  The 
average  compressive  notched  strengths  for  type  A,  B  and  C 
specimens  are  238J  MPa,  196.9  MPa  and  176.2  MPa 
respectively.  This  trend  clearly  indicates  the  reduction  in 
compressive  notched  strength  due  to  ply  grouping. 

During  the  compression  tests,  audible  acoustic  emissions 
were  detected  when  the  applied  load  was  over  90%  of  the 


ultimate  collapse  load.  In  most  cases,  localized  bulging  of 
the  surface  at  the  hole  edge  was  observed  when  the  acoustic 
emissions  were  heard.  The  bulging  of  the  surface  indicates 
localized  buckling  of  the  outer  plies.  After  the  first 
appearance  of  localized  buckling,  the  specimen  continued  to 
sustain  load  for  approximately  10  seconds  before  the 
buckled  regions  extended  rapidly  to  the  side  edges  of  the 
specimen.  As  a  result  of  this  observation,  it  was  decided 
that  for  each  stacking  sequence,  one  or  two  tests  were 
halted  at  the  detection  of  audible  acoustic  emissions.  These 
specimens  were  removed  from  the  test  machine  and  the 
damage  zones  were  studied  using  photomicroscopy  and 
ultrasonic  time-of-flight  C-sca:i  method.  The  failure  modes 
observed  are  discussed  in  the  following  subsection. 

2.4  Failure  Modes 

A  typical  localized  bulging  of  the  plate  surface  at  the  hole 
edge  of  a  type  B  specimen  is  shown  in  Figure  7.  For  this 
stacking  sequence,  each  ply  group  has  three  plies  of  fibres 
with  the  same  orientation  stacked  together.  The  test  for 
this  specimen  was  halted  at  the  first  detection  of  audible 
acoustic  emission.  A  photoelastic  image  of  the  specimen, 
shown  in  Figure  8,  shows  the  size  and  shape  of  'he  damage. 
A  photomicrograph  of  the  hole  surface  shown  in  Figure  9 
reveals  delamination  between  the  ply  group  interfaces  of 
+45°/0°  and  -45°/0“.  Also,  the  failures  of  the  outermost 
groups  of  +45°  and  0°  Fibres  and  the  second  group  of  0° 
fibres  are  shown.  For  type  A  specimens  vhere  plies  with 
the  same  Fibre  orientation  are  dispersed,  .itial  damage  at 
the  hole  edge  similar  to  that  describe.!  for  the  type  B 
specimen  was  observed.  For  type  C  <^ecimen  where  six 
plies  with  the  same  Fibre  orientation  are  grouped,  initial 
damage  at  the  hole  surface  as  shown  in  Figure  10  consists 
of  delamination  between  the  ply  group  interfaces  of 
+45°/0“  and  -45°/0°,  delamination  within  the  CP  ply  group, 
and  failure  of  the  OP  fibres. 


3.  FINITE  ELEMENT  STRESS  ANALYSIS 

Since  delamination  at  the  ply  interface  is  one  of  the  major 
failure  modes  observed  in  the  experimental  results,  a  three 
dimensional  finite  element  analysis  was  carried  out  to 
determine  the  interlaminar  stresses.  These  stresses  are  well 
known  to  influence  failure  at  the  ply  interfaces.  The 
objective  of  this  study  was  to  determine  the  effect  of  ply 
group  thickness  on  the  interlaminar  stresses,  the  location 
and  mode  of  'he  initial  damage,  as  well  as  the  strain  at 
initial  failure. 

3.1  Finite  Element  Model 

The  finite  element  model  is  based  on  the  assumption  of 
linear  elastic  material  behaviour  and  linear  strain 
displacement  relationships.  Three  models  were  generated 
using  20  node  solid  brick  elements  available  in  the  NISA 
cot1!  to  simulate  the  stacking  sequences  (type  A,  B,  C)  used 
in  the  test  specimens.  Two  of  the  models  were  identical 
except  for  the  ply  group  thickness.  One  of  the  models,  type 
B,  contained  p  v  groups  that  were  one-half  the  thickness  of 
the  type  C  model.  Both  models  had  elements  that  were 
concentrated  in  the  vicinity  of  the  ply  in'erfaces,  see  Figure 
1 1(a).  The  other  model,  type  A  contained  plies  that  were 
one-third  the  thickness  of  the  type  B  model,  see  Figure 
11(b).  This  model  had  elements  that  were  concentrated 
only  in  the  0°  and  -45°  plies.  Each  of  the  models  contained 


four  concentric  arcs,  with  the  First  one  being  1  mm  from  the 
edge  of  the  hole.  The  first  arc  allowed  the  ply  stresses  to 
be  determined  along  the  laminate  characteristic  dimension, 
dB,  from  the  edge  of  the  hole  at  the  element  Gauss  points. 
The  laminate  characteristic  dimension  was  experimentally 
determined  in  a  previous  study  to  be  0.94  mm*  .  An  axial 
strain  of  « ,=-0. 1%,  was  applied  to  all  the  models.  The 
mechanical  and  strength  properties  used  in  the  analysis  are 
given  in  Table  1. 

Since  the  axes  of  orthotropy  of  the  laminae  are  not  aligned 
with  the  global  X  or  Y  axes,  see  Figure  1,  the  laminates  do 
not  exhibit  reflection  symmetry  about  either  of  these  global 
axes.  An  exact  model  of  the  problem  would  require  a  finite 
element  mesh  comprising  the  entire  half  of  the  laminate 
about  the  midplane.  Such  a  mesh  could  not  be  used 
because  of  the  large  computer  storage  and  long  running 
times  required  for  such  a  model,  instead,  tn  -  X  axis  was 
taken  to  be  an  axis  of  approximate  reflection  symmetry,  see 
Figure  11.  The  adverse  effects  of  this  symmetry 
approximation  have  been  shown  to  be  limited  to  the 
elements  adjacent  to  the  line  of  assumed  symmetry  which  is 
far  from  the  experimentally  observed  failure  point*"'. 

A  convergence  study  was  carried  out  on  the  type  A  model 
to  refine  the  size  of  the  elements  through  the  ply  thickness. 
This  was  accomplished  by  comparing  the  element  Gauss 
stress  in  the  vicinity  of  the  hole  edge  from  one  run  to 
another  run  with  a  finer  mesh.  When  the  interlaminar 
normal  stress  did  not  vary  by  a  significant  amount  between 
the  two  runs  and  the  amount  of  computer  time  required  to 
complete  a  run  was  still  within  reason,  the  results  were 
assumed  to  have  converged. 

3 2  Ply  Stress  Distributions  at  Hole 

One  of  the  goals  of  this  study  was  the  prediction  of  failure, 
therefore,  stress  is  presented  primarily  in  the  material  ( 1-2- 
3)  coordinate  system  which  facilities  the  evaluation  of 
different  failure  criteria  more  directly.  All  stresses  are 
normalized  with  respect  to  the  laminate  far  field  applied 
st. ~ess,  o„.  Since  the  experimental  results  showed  that 
failure  initiates  at  the  hole  boundary,  stresses  are  presented 
around  the  hole  edge. 

Stress  plots  for  the  type  C  model  are  shown  in  Figures  12 
(a),  (b)  and  (c)  for  the  stress  components  o„  o,  and 
respectively.  As  can  be  seen  from  this  figure,  the  maximum 
stress  occurs  in  the  0°  ply  for  the  axial  and  interlaminar 
normal  stresses  while  the  maximum  interlaminar  shear 
stress  occurs  at  the  +45°/0“  and  -45°/0°  interfaces  which  is 
also  the  case  for  the  type  A  and  B  models.  Based  on  these 
stress  results,  for  the  remainder  of  the  paper,  only  the 
stresses  in  the  0°  ply  and  the  +45°/0”  and  -45°/0°  interfaces 
will  be  presented  since  they  are  the  critical  areas.  However 
it  should  be  pointed  out  that  all  the  interfaces  were 
examined  to  ensure  that  the  +4570°  and  -4570“  interfaces 
were  the  most  critical. 

The  stress  distributions  of  a a2  and  a  12  at  the  Gauss  point 
around  the  hole  edge  in  the  centre  of  the  0“  ply  for  each 
mode!  are  given  in  Figures  13(a),  (b),  (c),  respectively.  As 
can  be  seen  from  this  figure,  the  in-plane  stress  components 
are  not  significantly  affected  by  the  ply  group  thickness. 
Also,  the  axial  stress,  a,,  is  the  dominant  stress  for  all  the 
models. 
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The  distributions  of  the  interlaminar  normal  stress,  o,,  at 
the  Gauss  point  around  the  hole  edge  in  the  centre  of  the 
CP  ply  as  well  as  at  the  +4570“  and  45°/0°  interfaces  are 
given  in  Figure  14(a),  (b)  and  (c),  respectively.  From  these 
figures,  it  can  be  seen  that  the  maximum  interlaminar 
normal  stress  occurs  at  the  midplane  of  the  0°  laminae  for 
each  model  with  the  type  C  model  possessing  the  highest 
stress.  Also,  the  +  45°/0°  interface  exhibits  a  slightly  higher 
interlaminar  stress  than  the  -4570“  interface.  The 
difference  between  the  midplane  <r,  and  the  interfacial 
normal  stress  is  quite  significant  in  the  type  C  model,  where 
six  plies  of  the  same  orientation  are  grouped,  as  compared 
to  the  other  models.  Figure  14(a)  clearly  shows  that  is  the 
ply  group  thickness  increases  the  normal  stress  also 
increases.  The  location  of  the  maximum  stress  occurs 
approximately  at  the  same  angle  for  all  the  models,  ±  27°, 
which  was  measured  with  respect  to  the  hole  boundary 
perpendicular  to  the  applied  load  counterclockwise. 

The  distributions  of  the  interlaminar  shear  stresses,  a  „  and 
at  the  Gauss  point  for  the  -4570°  and  +4570° 
interfaces  are  shown  in  Figures  IS  and  16,  respectively.  The 
effect  of  ply  group  thickness  is  not  as  evident  for  the 
interlaminar  shear  stresses  as  for  a  3.  The  stress  magnitudes 
once  again  increase  as  the  ply  group  thickness  increases  but 
not  as  dramatically  as  foro3.  The  absolute  maximum  stress 
occurs  at  the  -4570°  interface  at  an  angle  of  approximately 
-27°  for  a  „  and  +  27°  for  a  u. 


4.  FAILURE  PREDICTION 

4.1  Laminate  Failure  Prediction 

Laminate  failure  was  predicted  on  the  basis  of  the  tensor 
polynomial  failure  criterion03’.  A  load  factor  R  was  defined 
as  one  of  the  two  roots  of  the  quadratic  equation  describing 
the  failure  criterion01’: 

Fflfi  *  FqOjOjR1  -  1 

where  i=  1-6 
j  =  1-6 

The  load  factor  was  calculated  along  a  circular  path 
concentric  to  the  hole  at  a  distance  da  from  the  hole  edge. 
The  stresses  at  the  Gauss  point  around  this  path  at  each  ply 
interface  and  at  the  midplane  of  the  0°  ply  were  separately 
used  in  the  failure  criterion  to  determine  the  critical  area. 
The  point  with  the  absolute  minimum  load  factor,  |  Rrajn| , 
is  the  point  at  which  damage  initiation  is  first  predicted  to 
occur.  This  absolute  minimum  load  factor  is  then 
multiplied  by  the  far  field  strain,  -0.1%,  to  predict  the 
lowest  strain  necessary  to  initiate  damage.  It  should  be 
pointed  out  that  the  interactive  terms  in  the  failure  criterion 
were  ignored  since  the  appropriate  allowables  were  not 
known. 

The  absolute  minimum  load  factor  was  found  to  occur  at 
the  -4570°  interface  for  the  type  B  and  C  models  v  nile  the 
-45790°  interface  was  the  most  critical  for  the  type  A 
model.  The  strain  at  initiation  was  equal  for  all  the  models 
at  3200  m  mm/ mm.  As  can  be  seen  from  Table  2,  the  type 
C  specimen  had  an  average  failure  strain  of  3163Mmm/mm 
and  a  strain  at  initiation  of  3017Mmm/m;n  which  is  close  to 
that  predicted  by  the  model.  Howeve:  Table  2  also  shows 
a  clear  difference  in  the  strain  at  initiation  for  the  different 


ply  group  thicknesses.  Therefore  it  can  be  concluded  that 
the  tensor  polynomial  criterion,  in  its  present  form,  cannot 
distinguish  between  the  different  ply  group  thicknesses. 
Also,  the  failure  location  for  the  type  A  model  does  not 
correlate  to  the  experimental  results  since  the  -45°/90f> 
interface  was  not  damaged  during  testing. 

These  results  are  not  unexpected  since  it  is  known  that 
interlaminar  stresses  are  a  localized  effect  at  the  edge  and 
decrease  rapidly  at  very  small  distance  from  the  hole.  Thus, 
at  the  characteristic  dimension,  the  dominant  stresses  are 
the  in-plane  stresses  which  were  shown  earlier  to  be  equal 
for  all  the  models  (Figure  13).  If  this  failure  criterion  were 
to  be  applied  closer  to  the  hole  edge,  the  strain  at  initiation 
would  be  even  smaller  than  that  predicted  at  the 
characteristic  dimension  since  all  the  stresses  including  the 
interlaminar  stresses  would  be  significrmK  higher. 
Therefore  to  avoid  the  dominating  effect  that  the  in-plane 
stresses  had  on  the  prediction  of  the  ><rain  at  initiation, 
another  failure  criterion  had  to  be  applied  which  would  only 
take  into  account  the  interlaminar  stresses  at  the  hole  edge. 

42  Interlaminar  Fail  are  Prediction 

Since  the  experimental  results  revealed  that  delamination  is 
a  dominant  failure  mode,  it  was  decided  to  implement  a 
failure  criterion  which  uses  only  the  interlaminar  stresses. 
As  in  the  case  of  the  laminate  failure  prediction.  |  RmJ  , 
was  used  to  determine  the  strain  at  initiation.  The 
quadratic  equation  describing  the  failure  criterion  is: 

OjFj/f  ♦  R\o]Fa  ♦  +  OyFjj)  -  1 

where  Fj,  Fj,.  F^  FB  are  identical  to  the  terms  used  in  the 
tensor  polynomial  failure  criterion.  The  load  factor  was 
calculated  using  both  the  nodal  stresses  at  the  hole  edge 
and  the  stresses  at  the  Gauss  points  closest  to  the  edge. 
The  stresses  at  each  ply  interface  and  at  the  midplane  of  the 
0°  ply  were  used  in  this  analysis. 

A  bar  chart  comparing  the  predicted  strain  at  initial  failure, 
which  was  determined  using  both  Gauss  and  nodal  point 
stresses,  to  the  experimental  results  are  presented  in  Figure 
17.  As  can  be  seen  for  this  figure,  both  numerical  results 
predict  the  observed  trend  that  as  the  ply  group  thickress 
increases,  the  strain  to  initial  failure  decreases.  The  nodal 
stress  results  compare  reasonably  well  with  the  experimental 
results  but  are  consistently  lower  for  all  the  laminates 
studied  while  the  Gauss  point  results  are  higher  for  all  types 
of  specimens.  The  lower  predicted  values  can  be  explained 
by  the  fact  that  the  failure  model  predicts  the  first  interface 
failure  which  could  not  be  accurately  determined  during 
testing  and  thus  the  experimental  results  would  be  expected 
to  be  higher.  To  experimentally  determine  the  load  at  first 
interface  failure,  nondestructive  in-situ  inspection  techniques 
such  as  acoustic  emission,  penetrant  enhanced  X-ray  or 
ultrasonic  techniques  would  have  to  be  used. 

Table  3  compares  the  experimentally  determined  strain  at 
initiation  to  the  predict  strain  for  the  -4570°,  +4570“ 
interfaces  and  the  midplane  of  the  0°  ply.  The  critical 
location  and  angle  is  the  same  for  all  the  models,  that  is 
the  -45700  interface  at  +  15°,  with  the  +4570"  interface 
being  the  second  most  critical  location.  It  should  be 
pointed  out  that  the  strain  required  to  cause  a  delamination 
to  form  at  the  midplane  of  the  0"  ply  is  quite  low  for  the 
type  C  specimen  as  compared  to  the  other  specimens.  This 
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would  explain  the  midplane  delamination  that  was  observed 
in  the  type  C  specimens  during  testing,  see  Figure  10. 

43  Mechanism  of  Damage  Progression 

The  numerical  results  and  the  failure  characteristics  at  the 
hole  surface  support  a  proposed  mechanism  for  damage 
initiation  and  progression.  The  mechanism  for  initiation 
based  on  the  finite  element  results  is  that  damage  begins  as 
a  localized  delamination  in  the  -45 °/0°  interface  at  the  hole 
edge  at  an  angle  that  is  slightly  off  axis,  ±  IS".  Very  shortly 
after  this  initiation,  localized  delamination  occurs  at  the 
+45*70°  interface  also  at  an  angle  slightly  off  axis.  This  is 
verified  by  the  fact  that  the  finite  element  results  showed 
that  the  +45°/0a  interface  was  the  second  most  critical  area 
and  the  experimental  results  showed  both  interfaces 
contained  delaminations.  A  photoelastic  image  of  a 
specimen  which  was  not  taken  to  ultimate  failure  revealed 
that  the  resulting  delamination  after  the  first  acoustic 
emission  which  signified  initiation,  was  slightly  off  axis  see 
Figure  8.  Depending  on  the  thickness  of  the  ply  group,  the 
growth  of  these  delaminations  would  lead  to  the  formation 
of  sub-laminates  which  promote  localized  buckling  of  the  0° 
plies  at  the  hole  surface  approximately  at  right  angles  to  the 
loading  direction.  If  the  ply  is  too  thick,  localized  buckling 
could  not  occur.  However  due  to  the  large  interlaminar 
normal  stress  that  would  be  present  in  the  0s  ply, 
delaminations  could  form  within  the  0°  ply  group  creating 
thinner  sub-laminates  ti>us  facilitating  local  buckling.  This 
view  on  damage  initiation  is  slightly  different  from  the  view 
of  Waas  et  al.(7>  that  the  failure  is  initiated  as  a  localized 
instability  in  the  0°  plies  at  the  hole  surface. 

The  initial  delamination  growth  is  arrested  quickly  due  to 
the  constraint  of  the  adjacent  plies  and  no  further  growth  is 
detected.  Under  increasing  load,  further  buckling  of  the  CP 
plies  increases  the  strain  at  the  edge  of  the  interface 
delamination  which  leads  to  the  resumption  of  the 
delamination  growth  when  a  critical  strain  level  is  exceeded. 
This  resumption  in  growth  and  the  subsequent  immediate 
arrest  is  usually  accompanied  by  distinct  audible  acoustic 
emissions.  This  delamination  and  fibre  buckling  process  is 
responsible  for  damage  growth.  Once  the  delaminated 
regions  reach  a  critical  size,  damage  spreads  to  both  side 
edges  of  the  specimen  causing  the  final  collapse.  In  the 
case  of  laminates  with  thick  ply  groupings,  the 
delaminations  may  spread  to  a  much  larger  area  if  midplane 
delaminations  occur  within  the  0°  plies,  as  was  the  case  for 
the  type  C  specimens. 

Based  on  the  experimental  results,  very  little  damage 
progression  took  place  in  the  specimens  tested.  Typically, 
damage  initiated  between  90%  to  95%  of  the  ultimate  load. 
Therefore  to  apply  a  damage  progression  model  to  this 
material  system  would  not  be  practical  since  (he  time 
required  to  grow  the  damage  from  initiation  to  failure  is 
very  short.  This  is  also  true  for  other  material  systems  that 
have  been  investigated147’1. 

Detailed  scanning  electron  microscopy  is  planned  in  the 
near  future  to  determine  the  failure  mode  for  each 
specimen  examined  including  those  tests  that  were  not  taken 
to  ultimate  failure. 


5. 

The  damage  initiation  of  compressivelv  loaded  quasi¬ 
isotropic  laminates  was  predicted  using  a  failure  criterion 
based  on  the  interlaminar  normal  and  shear  stresses.  This 
criterion  determined  the  strain  at  damage  initiation  which 
agreed  reasonably  well  with  the  experimental  results.  The 
observed  trend  that  as  the  ply  group  thickness  increased,  the 
strain  to  initial  failure  decreased,  was  also  predicted.  This 
was  not  the  case  for  the  tensor  polynomial  criterion  which 
could  not  distinguish  between  the  different  ply  group 
thicknesses. 

The  failure  criterion  showed  that  the  -45°/0°  ply  interface 
was  the  most  critical.  This  aspect  was  not  verified  by  the 
experimental  results  because  the  first  interface  failure  could 
not  be  accurately  determined  during  testing.  To  more 
accurately  determine  the  strain  at  initiation,  it  is  proposed 
to  carry  out  further  tests  using  nondestructive  in-situ 
inspection  techniques  such  as  acoustic  emissions  combined 
with  ultrasonic  methods  or  enhanced  X-ray  techniques. 

Based  on  the  numerical  results  and  the  failure 
characteristics,  a  mechanism  for  damage  initiation  and 
progression  was  proposed.  This  mechanism  involved  the 
delamination  of  the  -45°/0°  and  +45°/0°  ply  interfaces  and 
the  subsequent  localized  buckling  of  the  0°  plies  at  the  hole 
surface  which  occurs  at  approximately  90%  of  the  ultimate 
load.  The  growth  process  entails  a  delamination  and  fibre 
buckling  process  which  develops  in  stages  and  is 
accompanied  by  a  distinct  audible  acoustic  emission. 
Eventually  the  delaminated  regions  reach  a  critical  size  after 
which  ultimate  failure  occurs. 

Considering  that  damage  initiation  occurs  at  over  90%  of 
the  ultimate  load,  a  damage  progression  model  is  not 
practical  for  the  material  systems  presently  being  used  in 
aircraft.  However,  as  the  material  systems  arc  improved,  it 
may  be  possible  to  apply  such  a  model. 
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Table  1:  Properties  of  IM6/5245C  Graphite-Epoxy 


Elastic  Properties 
E,»166GPa 

Ej»Ej=8.3  GPa 

Vu»v  i3=va=0.31 

G12=Gjj*Gj3*5.4  GPa 

Strength  Properties 
Xf-2620  MPa 

YT-Z,.=60MPa 

St2=S„*Sa»  117.9  MPa 

Xc=  1278  MPa 

YC=ZC  =  220  MPa 

Table  2:  Summary  of  Experimental  Results 


Stacking  Specimen  Failure  a  v  MPa  Average  Initial 
Sequence  Number  Load,  kN  Strain  Failure 

at  Failure  Strain 


Average 


Type  C 


■aim 


-2950 


3289  (94%) 


575- 4 

576- 2 
576-3 
576-4* 


Average 


Test  was  stopped  prior  to  ultimate  failure 


3017  (95%) 


Table  3:  Summary  of  analytical  Results 


Stacking 

Sequence 


Type  A 


B 


Type  C 


Experimental 


Analytical 


4570° 

+  45°/0° 

-3650 

-4700 

•2640 

-2833 

-2340 

-2467 

Fibre  orientation  and  laminae  orthotropy 
axes 


Specimen  ID 


Configuration  of  ooen  hole  compression 
specimen  (dimensions  are  in  mm.). 


a  1°° 


0  500  1000  1500  2000  2500  3000  3500  4000  4500 

Strain  (jimm/mm) 


Figure  4:  Typical  stress  vs.  strain  curves  for  type  A,  B 

and  C  specimens. 


Figure  3:  Open  hole  compression  test  setup. 


Figure  5:  Photomicrograph  of  type  C  specimen 

showing  edge  delamination. 


a)  Type  A 


b)  Type  B 


Figure  6:  Photomicrograph  of  type  A  and  B 

specimens  showing  localized  edge 

nations 


* 

4? 


I'igurc  7:  D-siglit  image  of  localized  Induing  of  plate 

surface  at  hole  edge  of  tspc  If  specimen. 


figure  I’hoiomicrograph  of  liolc  siulace  of  i\pe  li 

specimen  shown, g  niilial  damage. 
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Figure  tO:  Photomicrograph  of  hole  surface  of  type  C 
specimen  showing  initial  damage.  Note  the 
occurrence  of  the  delamination  within  the  IT 
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a)  Elen  nt  distribution  through-thc-tbickness  for  type 
B  and  C  models 
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b)  Element  distribution  through-the-thickness  for  type 
A  model 
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Figure  11: 


Finite  element  models 


Strain  (n  mm/mm) 


Angle  (deg.) 
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a)  -45o/0°  interface 


tlr  Type  A 
'  >  Type  B 
C-  TypeC 


b)  +45o/0°  interface 

Figure  16:  Interlaminar  shear  stress,  Cy,  distributions. 
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Figure  17:  Bar  chart  comparing  the  predicted  strain  at 
initiation  to  experimental  results. 
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RESUM 


Ca  travail  coacaraa  la  propaga: loo  d'uo  ddlaninaga 
artificial  antra  daux  couchaa  d'un*  plaque 
cunposlc*  stratlfld*  soualse  I  daa  forcaa  da 
conpresalon.  La  propagation  propraatot  dlta  cat 
pricfdla  d'un  flaabaga  local  at  d'un.*  rupture  daa 
couchaa  la  long  daa  daux  cdtd*  da  la  tone 
rectangulalra  du  ddlanlnage. 

Par  suit*,  l'aoalys*  du  probltaa  dolt  <tra  affac- 
tud*  dana  la  cadre  daa  grande  ddplacaaants  dana 
lea  donainaa  du  flaabaga  at  post-f laabaga.  Oa 
plus,  au  voialnaga  du  front  da  ddlaninaga,  une  lol 
da  co^ortaaaat  non  llndalre  cat  lntroduita  da 
faqon  1  tenlr  coapte  da  l'endoanageaant  daa  pile 
du  atratlfli.  Ca  noddle  d ' and naaagaaant  act  bead 
aur  daa  varlablea  Internes  d'andoanagananc  dderi- 
vant  la  parte  da  rlgldlcd  du  natdrlau  due  1  la 
alcro-flaauratlon  transverse. 

Par  alllaura.  la  prddlctlon  du  ddlaninaga  ndcas- 
alta  la  calcul  du  taux  da  raatltutlon  d'dnargia  la 
long  du  front  da  ddlaninaga  (calcul  expllcita  da* 
ddrlvdes  da  l'dnargle  potent lalle  par  rapport  aux 
coordonndes)  at  la  connalssance  axpdrlnantale  das 
taux  crltlquaa  pour  las  natdrlaux  conpoalta*. 

Las  outlla  nunfrlquc*  corraapondant*  ont  dtd 
laplantds  dana  un  code  spdclflque  d'dldaant*  finis 
non  llndalres  utlllaant  das  dldntnts  lsoparaaftri- 
quaa  ddgdndrda  at  une  fornulatlon  lagranglanna 
totalc.  Ca  coda  a  Ctd  appllqud  i  la  *iaulatlon 
nundrlqua  da  rdsultats  expdrlaantaux  axlatant 
(groupe  CARTE UR  sur  l'andoaaaganent  da*  natdrlaux 
conpoalta*).  La  prddlctlon  nuadriqu*  da  la  propa¬ 
gation  du  ddlaninaga  ast  ralatlvanant  aatisfal- 
santa. 

INTRODUCTION 

La*  structures  stratifldas  conpoalta*  a  ont  suscap- 
tlblas  da  prdaantar  das  ddfauts  locallsds  qui 
pauvant  exlstar  dis  la  stade  da  la  fabrication  ou 
apparaftre  an  aarvlce  1  la  sulta  da  chocs  divers. 
Lor aqua  la  structure  ast  aoualaa  I  cartalnas 
solllcltatlons,  ces  ddfauts  provoquant  das  ddlaal- 
nagaa  interna*  qul  ont  tendanc*  R  s«  propager. 

Catta  propagation  s'obscrva  notaanent  dans  la  ca* 
da  structures  travalllant  an  co^irasslon  pour  das 
ddfauts  sltuda  au  voialnaga  das  faces  exta'iaa  de 
la  structure.  La  partle  du  stratlfld  situda  au- 
dasaus  du  ddfaut  ast  alora  sanslbla  au  flaabaga  at 
a*  ddforae  par  cloquage  antrafnant  la  prograsslon 
da  la  aooa  ddlanlnda. 

Dans  la  travail  qul  ast  prdsantd  lcl,  la  progres¬ 
sion  vat  Itudlda  aur  un  pannaau  conpoalta  prdsan- 
tant  un  ddlaalnaja  Interna  lntrodult  artif lclelle- 
aant.  On  na  charcha  pa*  R  caractdrlsar  1 'appari¬ 
tion  das  ddrauts,  aal*  saulenant  R  an  prdvolr  et 
dtudler  la  progression. 


La  slnulatisn  nundrlqua  da  catta  progression  eat 
basde  cur  un  certain  nonbra  d 'outlla  nundrlqua* 
pamattant  da  ddcrlra  la*  phdooadaes  ala  an  Jau  : 

.  Analyse  non  llndalra  an  poat-f laabaga 
Una  telle  analyse  ast  ndcasaltde  par  une  pro¬ 
gression  du  ddlaninaga  qul  ast  obeervde  aprda 
flaabaga  da  la  tone  ddlanlnda. 

.  Endoaaageaaut  das  natdrlaux 
Las  coatralntes  au  raccord  da  la  zona  da  elo- 
quage  a  vac  la  rente  de  la  structure  soot  auf- 
f laanaant  laportantea  pour  provoquar  1 'appa¬ 
rition  da  nlcro-flasures  nodlflant  la  cospor- 
teaent  daa  pile  du  stratlfld. 

.  Taux  de  restitution  d'dnargia 
Cea  quant led a,  calculdaa  la  long  du  front  de 
ddlaninaga,  parnattent  da  prdvolr  la  propaga¬ 
tion  loraqu 'alias  attalgnant  las  valaurs  crl¬ 
tlquaa  caractdrlstlques  das  natdrlaux  utlll- 
sds 

Ca*  outlla  soot  R  la  baas  du  coda  de  calcul 
DAM-STRAT  ddveloppd  R  1' ONERA  [1)  at  appllqud  R  un 
probldne  da  propagation  de  ddlaninaga  analyad 
expdrlnentalaaai.i  au  D.L.R-Draunachualg  1 2 J  at  R 
1 'ONERA- INTI.  [3]  as  travaux  expdrlaantaux  du 
D.L.R  at  laa  adl  «<a  nundrlqua*  da  1' ONERA  ont 
dtd  rdallsds  dan*.  ’  cadre  d'una  coocertatlon 
auropdenna  UARTEU1  ayant  pour  thdaa  la  udcanlqu* 
da  l'andoanaganent  das  natdrlaux  conpoalta*  (2|. 

1  -  LE  PROBLEM  ETUOIE 

1.1  Pannaau  at  nontage  cxpdrlnental 
La  pannaau  tastd  ast  un  stratlfld  constltud  da  16 
pll*  d'un  natdrlau  conpoalta  classlqua  R  fibres  da 
carbon*  et  rdslne  dpoxy  (T. 300-91* ).  L'dpalssaur 
da  cheque  pll  cat  de  0.l23*a  et  la  sdquanca  d'en- 
pllanant  nesurde  par  rapport  R  la  direction  das 
efforts  longltudlnaux  de  conprasslon,  ast  la  aul- 
vanta  : 

(+2*.  -2*.  *45*.  0*.  0*.  -*5*,  0*.  »0*]j 
oG  l'indlce  a  lndlqua  qua  la  sdqueoca  dolt  dtre 
coapldtd*  par  syndtrle. 


Afln  da  slailer  un  ddlaninaga  Initial,  catta 
sdquanca  ast  nodlflde  par  Insertion,  au  centra  du 
p  neau,  da  2  pastilles  de  teflon  auparposdas  at 
sltuda*  entra  las  2Rn*  et  3Rna  pll*  R  partlr  da  la 
face  supdrlcure.  Ces  pastilles  ont  un  dlanRtre  da 
10an  at  un*  dpalssaur  da  21  pn.  Pour  las  calcul* 
nundrlqua*,  la  surface  da  ddlaninaga  esc  asslallde 
R  l'lnterfac*  entra  teg  2  pastilles  et  las  pastil¬ 
les  n*  aont  pas  aoddllsdes  (leur  dpalssaur  est 
ndgllgeabl*  devanc  celle  das  plis). 
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L' Introduction  de  ce  defsut  arclficlel  ronpt  la 
ayaCcrle  dana  l'gpalaaeur  du  panneau.  Souais  3  des 
efforts  de  coapression,  celul-cl  ae  dCforae  done 
par  flaabaga  lateral.  De  faqon  3  fvlcer  ce  flaa- 
bage  global,  11  a  StS  con;u  un  dlsposltlf  exp(rl- 
aental  constltuA  de  2  plaques  rigid**  entre  les- 
quelles  le  panneau  peut  coulisser  libreoent  (voir 
figure  1). 

De  plus,  au  centre  de  la  plaque  supirleure  esc 
aafnagfe  une  fenicre  reccangulalre  autoriaant  les 
dAplacenents  transversaux  du  panneau-  Lea  dissen¬ 
sions  de  cette  fen(tre  sont  cholsles  suff lsaonent 
g.andes  pour  peroettre  le  flasbage  local  de  la 
partie  de  panneau  slcu(e  au-dessus  de  la  tone  de 
ddaalnage. 


Les  (Katots  flala  utilises  soot  du  type  trldlaen- 
sionnel  dCgdndrC  awe  Interpolation  lindalre  dan* 
I'ipaisseur.  Lear  foreulatloa  eat  de  type  lsopaia- 
aftrlque  avec  Interpolations  surfaciques  llnfal- 
res,  quadrat lques  ou  cubiques-  Mfcanlqueoent  les 
(Knents  sont  aultlcouchea,  cheque  couche  pouvant 
(ere  constitute  de  natdrlaux  1 sot  ropes,  lsotropes 
transversea  ou  orttaotropes-  Les  lols  de  coaporte- 
(xent  sont  foraultes  de  faqon  crldiaenslonnelle, 
bldlnensionnelle  (plaques  et  coques)  ou  unldlnen- 
slonnelles  (pout res  droltes  ou  curvlllgnes).  Dan* 
cea  deux  dernlers  cas  le  recours  aux  techniques 
d’inttgratloo  rtdulte  et  de  penalisation  de* 
dtforaatlons  ao  males  transversea  est  ntcessalre 
pour  (vlter  les  ghdnoneees  de  blocage  en  clsallle- 
nent  transversal  des  structures  aloces- 


1-2  Results!*  experlaentaux 

Les  aeaures  ef fee  Cutes  reposent,  rt'une  part  sur 
des  techniques  de  Holrt  pernettant  la  visualisa¬ 
tion  de  la  tallle  du  ddaalnage  (voir  figure  2) 
et,  d'autre  part,  aur  des  assures  de  flichea  1 
1'aide  de  capteurs  3  au  Cue lie  Inductance  [3].  Ces 
assures  sont  etfe-.tutes  pour  different*  niveaux  de 
charge  laposts  graduelleaent  (essals  quasl-stati- 
ques). 

Dans  une  prealdre  phase,  dlsona  jusqu'3  AOON/aa^, 
le  dtfaut  reste  clrculaire  et  la  partie  de  panneau 
sltute  au-dessus  du  dtfaut  se  dtforae  par  cloquage 
Aux  environs  de  LOON/aa^,  ce  cloquage  donne  nals- 
sance  1  deux  aacroa-f lssures  longltudinales 
sltutea  de  part  et  d'autre  de  la  zone  dtlaalnte  et 
netceaent  visibles  i  4S0N/na2  (voir  figure  2).  La 
zone  de  ddaalnage  devlent  alors  quaslaent  rectan- 
gulalre  puls  progresse  rtgulldreaent  en  (cant  gul- 
d(e  par  les  2  aacroa-f lssures- 


2.1.2  Prise  ca  coapte  de  1  'endoaaageaent 
L'endoaaageatnt  latrodult  dans  le  calcul  DAM-STRAT 
[5J  ,  a  pour  but  de  rendre  coapte  de  la  alcro- 
fissuratlon  transverse  d 'un  aatCrlau  co^ioslte  i 
fibres  unldtrectiooaelles,  c'eat-i-dlre  l'apparl- 
tlon  au  seln  de  le  rdsine  de  alcroa-f lssures  dlrl- 
gfes  salon  la  direction  des  fibres. 


Pour  un  aatCrlaa  en  (tat  de  contralntes  planes, 
cet  endoaaageaent  affecte  eaaentlelleaent  le 
aodule  de  clsalllewent  et  le  aodule  de  Young 

transervei  S,  (les  fibres  sont  orlentdes  selon 
la  direction  1)  et  peut  (tre  d(crlt  par  2  varia¬ 
bles  Interne*  d  et  d'  telles  que  : 


11-d) 
l  1  -  4*) 


fcn»° 


Les  niveaux  de  charge,  donnds  cl-dessus,  corres¬ 
pondent  aux  rdsultats  du  D.L.R,  ceux  de  1'IHFL 
etant  g(n(raleaent  lnfdrleurs  (la  difference  pou- 
vant  attelndre  20*  environ).  Les  r(siltats  explrl- 
aentaux  ne  sont  done  connus  qu'avec  ui e  certaine 
prdclslon  due  au  fait  que  l'lnltlalisaelon  des 
phdnoodnes  observes  s'effectue  i  1 '(chelle  alcros- 
coplque  et  n'est  pas  dlrecteaent  observable. 
N(annolns,  les  rdsultats  sont  sufflsaaaent  concor- 
dants  pour  envlsager  un  calcul  prdvlsionnel  de  la 
progression  du  ddaalnage. 

2  -  SIMULATION  NUMERIQUE 


oil  et  Ea  sont  les  valeors  correspondant  au 

matdrlau  non  endaaasgd.  En  cas  de  compression 
transversals,  le  aodule  C|  n'est  pas  affecc(  car 
une  telle  solllcltatlon  a  pour  effet  de  referaer 
le*  alcros-f lssures. 


Aux  2  variables  d  et  d'  sont  assocl(es,  via  1 'ex¬ 
pression  de  l'(nergie  de  ddforaatlon  2C  •!*{*.«]  deux 
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2.1  Les  outils  de  calcul 

2*1 *1  Analyse  en  post-f laobeaent 
Le  code  de  calcul  DAK”  ST  RAT  (1]»  lui-nrftae  issu  du 
nodule  de  calcul  ISONL  r£alj.s£  k  l’ONERA  [4],  esc 
bat*  sur  une  formulation  la^ranglenne  cotale  du 
probl£me  des  grands  (^placements  et  une  discreet1” 
satlon  de  type  £l£ments  finis*  Lea  Equations 
d’equilibre  sont  rlsolues  par  un  processus  Inert- 
mental  portant  »  sole  aur  un  facteur  nultipllcatlf 
du  chargement,  solt  sur  un  paramecre  de  type  abs¬ 
ciss*  curvlH*>n#»  rel *r  i vement  5  la  courbe  charge- 
dtplacements* 

A  l'inttrleur  de  chaque  Incrtment  les  Equations 
non  lintalres  sont  rtsolues  par  une  mtthode  ittra- 
tlve  de  type  Newton  avec  possibility  de  garder 
constante  la  matrlce  de  rigidity  au  cours  des  ity- 
ratlons.  Les  singularity  inhyrentes  aux  phtno- 
mSnes  de  flaabement  sont  cralt£es,  solt  en  utlll* 
sant  la  paramycrlsat ion  en  abscisse  curvlLlgne 
( f ranchlssement  des  points  de  llaltes),  solt  en 
lntroduisant  des  ItLperf ect lor i  de  chargeoenc  adt- 
quates  ( f ranchlssement  des  points  de  bifurcation). 


ou  <  €)}>»dtslgne  la  partie  positive  de  (I  AU  >0 
et  0  slnon)  ® 

Sur  la  base  de  rtsultats  exp£rlaentauxt  les  lols 
physiques  d 'endommmgement  reliant  4  et  4*  3  Y4  et 
sont  cholsles  comae  functions  llntaires  d’une 
seule  et  mAme  variable  £  telle  que  : 

y<-  1  . 

1  o  M 

y\  *wec  1,  1 2X  *  2t  >  .)*« 

r  *■  * 

Les  quancirfs  ^#,3*,  ec  ^  sont  des  coeffi- 

cients  caractyrlst Iques  du  matyrlau  dont  les 
valeurs  sont  I  dyter^n  r  expy ritnenta lement . 

Le  parao»4tre  C  d4crlt  l*hiscolre  du  matyrlau 
jusqu*^  I’etat  actuel  til  .La  dyfinition  de  A 
traduit  i'lrryversibllity  de  l*endommageDentp 
alors  que  la  valeur  y  *  correspona  1  un  seuil 

en-dessous  duquel  il  n'y  a  pas  d 'endoaoageeent . 


I 


La  alsa  «a  oeuvre  pratique  d'un  tal  coddle  d'en- 
domaagement  ne  pose  paa  dc  difficult!*  aajeuraa, 
al  ce  n'eat  la  valcur  dc  X  qul  nlcesslte  an 
tout*  rlgueur  una  k-»Mrd*  aux  fins  da  comparal- 
aon  3  1'lncrCment  sulva.c. 


Toutafola,  loraquc  Y  act  una  fonctlon  non  dlcrols- 
aante  au  coura  dc  l'hlatolre  du  matlrlau  at  e'est 
la  caa  dana  la  problls*  qul  noua  prCoccupe,  la 
'  alcur  da  )1  n'eat  autre  qua  la  valcur  Instantannea 
da  y  . 


La  aodlla  d'endoamagenent  alnal  dCflnl  prlsente  la 
particularity  da  pouvolr  condulra  3  una  Instabi¬ 
lity  loraquc  *«»>«•  Plua  prldsewnt ,  la  lot  da 
co^ortemant  endomaageable  Ccrlte  aoua  forme 
incrlmentale  deviant  slngulllre  loraquc  le  dlter- 
alnant  da  la  aatrlca  aseoclCe  deviant  nul,  aolt  : 

i&S  *  LSi  .1  ,  £a>o 


Phyalqueacnt  catte  Instability  eat  lnterprltle 
coaae  une  rupture  en  traction  de  la  rlalne  du 
composite,  lea  autrea  aodea  prlnclpaux  da  rupture 
(rupture  en  co^treaalon  de  la  rCalnc  et  rupture 
dca  fibre*)  Ctant  alapleacnt  prla  en  coapte  dana 
DAM-STRAT  1  l'alda  de  llaltea  1  rupturea  (- (^  *t  i^) 


2.1.3  Taux  le  restitution  d'Cnergla 
Solt  IT  l'Cnergle  potent lelle  ue  la  atructure 
dlscrCtlale,  consldlrle  en  tant  qua  fonctlon  dca 
dCplaceaanta  nodaux  uj  et  dea  coordonnCea 
nodale*  de  c'lacun  dea  <11  points  du  ualllage 

(i  *  1.  2,  3).  A  una  perturbation  Inf lnltCalaale 
3*7  de  la  1*9  coordonnia  du  noeud  »  eat  asso- 
clCe  une  variation  d'Cnergle  311  telle  qua  : 


an ,  l! 


a*  .0 


la  seconde  Cgalli*  Ctant  vCrlflCe,  en  1'abacence 
d'efforta  exercCa  au  noeud*,  car  lea  dCplaceeenta 
rCala  alnialaent  l'Cnergle  potent lelle. 


Cet  accrolsseeent  d'Cnergle  9K  represents 
l'Cnergle  qu'll  faut  fournlr  1  la  atructure  pour 
perturber  la  i*5*  coordonnia  du  noeud  m  de  la 
quantltC  6t*  •  Or  le  taux  de  restitution  G  eat 
dlflnl,  pour  la  progreaslon  d'un  dClaelnage,  coaae 
l'Cnergle  dlsslpCe  loraquc  le  dllaalnage  progreaac 
d'une  longueur  unltC.  Pour  une  longueur  It,  de  pro¬ 
gression  d'un  dClamlnage  rCsultant  de  la  seule 
perturbation  da  la  *'?*  coordonnCe  du  noeud,  le 
taux  d'Cnergle  acre  done  : 

G  VJ  . .  3$ 

»T,  aor  »«. 


De  par  la  foraulatlon  laoparaaCtrlque  dea  CICaenta 
finis  utlllaCa  dans  DAM-STRAT,  11  est  possiole 
d'expllclter  lea  dCrivles  lajt^  en  fonctlon  das 
coordonnCea  O.J  et  des  gradients  dea  dCplaceaents 
t,  .  Et  par  suite  11  en  est  de  mine  de  &  (voir 
(IJ  pour  les  details  de  ce  calcul). 


Dans  la  calcul  de  G  11  n'eat  tenu  co*g>te  qua  de 
la  seule  perturbation  de  la  coordonnCe  a.*  .  Pour 

calculer  le  taux  de  restitution  C  relatlf  3  la 
propagation  de  l'enseable  du  front,  on  utilise  une 
formule  d'lr  erpolatlon 

G  la)  ,  Z  L  la)  1 


o<l  A  cat  1’abaclsaa  courvlligoe  la  long  du  front, 
L»  la  fonctlon  d' Interpolation  llnlalre  par 
aorceaux  Cgale  1  1  au.  nocud  m  du  front  at  nulla 
aux  autrea  noeuda,  G„  la  valcur  de  2  au  noetai 
**  (  m  • a,  M  ;  N  nonbra  da  noeuda  du  front). 

La  progression  du  front  dc  dllanlnagc  rlaultant  da 
la  acula  perturbation  du  noaud  m  cat  donnCa  en 
preaid re  approxlnat Ion  par 

SUa>  . 


Cette  progression  fait  lntcrvenlr  rout  las  points 
natCrlela  du  front  sltuls  entre  les  .noeuda *-l  et 
*  +1  et  par  suite  un  taux  dc  restitution  d'Cnergle 
tel  qua  : 

»*'  * 

j  G(i)  <U  •  & 

<*•« 

oil  eat  la  valcur  pour  la  perturbation  du  noaud 
is  ,  du  taux  &  dlflnl  prlcldcananc. 

Cette  relation  Ctant  vlrlflle  pour  chacun  dea  N 
noeuda  du  front,  on  ouilent  alnal  un  ayatlm*  llnl¬ 
alre  dc  N  equations  pour  determiner  les  H 
valeura  en  fonctlon  des  Gs,  .  Dans  le  caa  oO 
les  noeuda  du  front  sont  Cqul-dlatanta,  le  systtaa 
obtenu  eat  trldlagonal  de  sorts  que  son  Inversion 
est  quasi  expllclte. 

2.2  Conparalaon  avec  les  essals 
2.2.1  Calculs  effectuls 

L'appllcatlon  du  code  de  calcul  DAM-STRAT  3  l'ltu- 
de  d'un  probllna  concret  repose  sur  un  processus 
Incremental  des  solllcltatlons  appllqules,  chaque 
lncrlacnt  falaant  l'objet  d'une  analyse  non  llnl¬ 
alre.  Ce  processus  est  lnterronpu  dls  que  des  en¬ 
tires  approprlls  slgnalent  1 'apparition  de  l'un 
des  phCnomlnes  sulvants  : 

•  Instability  d-  flanbcment 
.  rupture  d'un  pll 
.  progression  du  dClamlnage 

Selon  le  phCnomlne  rencontrC,  une  nouvalle  atratl- 
gle  de  calcul  ou  une  nouvelle  modlllsatlon  est 
aiora  adoptCe  et  un  nouveau  calcul  non  llnlalre 
est  entreprls. 

Dana  le  problime  qul  nous  lnteresae  ces  dlfflrcn- 
tes  Ctapes  sont  les  sulvantes  : 

.  montCe  en  charge  Jusqu'3  1 ' Instability  as- 
soclle  au  flanbage  lccaj  de  la  partle  de  pan- 
neau  sltule  au-dessus  du  dCfaut  Initial 
.  paaaage  au  chemin  blfurqul  correspondant 
aux  Cqulllbres  post-f lambage  et  montCe  en 
charge  Jusqu'l  la  rupture  assoclle  3  1' Ini¬ 
tialisation  des  macros-f lssures  (voir  lire 
partle) 

.  simulation  de  la  progression  du  dllaadnage 
par  analyse  du  panneeu  pour  dlfflrentes  tall¬ 
ies  de  la  zone  dllaminCe  ;  chacunc  de  ces 
analyses  est  poursulvle  tant  que  le  crltlre 
de  propagation  du  dClamlnage  n’est  paa  vlrl- 
flC. 

Le  calcul  du  panneau  pour  dlfflrentes  tallies  du 
dllaninage  nlcessite  autant  de  nodlllsatlons  dls- 
tinctes.  Pour  simplifier  ces  dernllres,  le  dCfaut 
clrculalre  Ini  tal  a  Ctl  revise!  par  une  zone  de 
dllaalnage  rectangulal re  de  largeur  constant* 

Cgale  au  dlamltre  du  dCfaut  Initial.  Selon  les 
rCsultats  expCrlmentaux,  cett'  approximation  est 
parfalteoent  Justlfllc  aprls  apparition  des  2 


aacro-f lssure*  longitudinal**  tangents*  au  ddfaut 
Initial.  Par  contre,  dan*  le*  phaaea  d*  flaabeaant 
ct  da  foraatlon  de*  aacro-f issures  cette  approxl- 
aatlon  eat  plus  dlscutsble.  Ndanaolns,  le  ddfaut 
Itant  tri*  localise  et  de  tallle  relatlveaent  res¬ 
traints.  cette  aodlflcatlon  ne  devralt  pas  reaat- 
tre  en  cause,  au  aolns  qualltatlveaent ,  le  calcul 
prdvlslonnel. 

Coapte  tenu  des  syadtrles  du  probldme,  la  aoddll- 
satlon  ne  ports  qua  sur  xe  quarc  du  psnneau.  Un 
aalllage  dldaents  finis  typique  est  donnd  3  la 
figure  3.  La  zone  de  dflaalnage  est  sch£attls£e 
par  2  couches  d'CKaents  superpose*  non  raccordCe 
le  long  de  leur  Interface,  nets  raccordCs  au  reste 
de  la  structure  le  long  des  c6t£*  AS  et  AC.  Ce 
aalllage  coaporte  environ  1300  degree  de  llbertC, 
les  eieaants  utilises  etant  du  type  quadratique  3 
2*8  noeuds. 

Les  aodules  d'Slastlcltd  lntrodults  sont  ceux  du 
aaterlau  T. 300-914  classlqueaent  utilise  dans 
l'lndustrle  adronautlque.  Par  contre,  lea  caractd- 
rlstlques  du  aoudle  d 'endoaaageaent  provlennent  du 
LKT-Cachan,  laboratolre  au  seln  duquel  a  £t£  conqu 
le  aoddle  utilise  (3).  Les  orientations  des  plls 
sont  celles  qul  ont  dt£  mentlonnees  dans  la  lire 
partle,  exceptd  pour  lea  2  plls  externes  3+2* 
qul  ont  ete  reaplacds  par  des  plls  3  0*. 

En  ce  qul  concerne  les  conditions  aux  llaltea, 
outre  celles  resultant  des  conditions  de  syadtrie, 
11  faut  tenir  coapte  de  la  prCsente  du  guide  antl- 
flanbage,  ce  qul  conduit  3  looser  la  nulllte  de* 
fldches  et  rotations  aux  noeuds  sltuds  entre  les  2 
faces  de  ce  guide.  Dans  le  prograne  DAM-STRAT,  la 
nulllte  des  rotations  est  reallsee  par  une  techni¬ 
que  de  penalisation  forqant  l'£gallt£  des  ddplace- 
aents  inferleur  et  super leur  des  dldaenlz  (Intro¬ 
duction  d'una  rigldltd  flctive  suf f lsamsent  lapor- 
tante  entre  degre*  de  llbertd  concerne*). 

2.2.2  Plaabage  et  fissuratlon 
Une  prealere  sdrle  de  calcula  concerne  la  alse  en 
coapresslon  du  psnneau  Jusqu'3  1 'apparition  d'une 
lnstabillte  de  fxenbeaent  (voir  figure  4,  point  F) 
Dana  le  code  DAM-STRAT,  cette  lnstabillte  est 
caract£rls£e  par  l'apparltlon  d'un  pivot  nCgatlf 
sur  la  dlagonale  de  la  factorisation  de  la  astrlce 
de  rlgldlte  tangente  (de  ddfinle  positive  l'dner- 
gle  potenvlelle  devlent  negative). 

Une  procedure  de  dlchotoale  der  Increments  du 
niveau  de  charge  appllqut  peraet  aloes  d'encadrer 
la  position  critique  d'lnstablllte  avec  une  preci¬ 
sion  requlse.  Pour  le  psnneau  £tudi£.  Is  charge  de 
fleabeaent  alnsl  calcuiee  est  volslne  de  220N/ma^> 
Elle  est  relatlveaent  plus  £ltvde  que  la  valeur 
experlaentale  qul  a  pu  6tre  dddulte  des  essals  de 
l'IMFL  et  qul  se  sltueralt  entre  180  et  200N/aa^. 

Outre  des  <  l.ricultds  experiments les  d'apprdcla- 
tlon  du  niveau  de  cloquage  (en  pratique  les  cour- 
bes  charge-ddplacements  prdsentent  seuleaent  un 
coude  plus  ou  aolns  prononed  au  volsinage  de  la 
charge  critique),  11  faut  rappeler  que  la  moddll- 
sstlon  numdrlque  est,  elle  aussl,  susceptible 
d'aoeiloratlon  cant  au  point  de  vue  de  la  finesse 
du  aalllage  que  de  1 'approximation  au  d£faut  cir¬ 
culate. 

A  d£faut  d 'etudes  suppiementaires  sur  la  conver¬ 
gence  du  noddle  elements  finis  ou  sur  l'lnfluence 
de  la  forme  et  de  la  tallle  du  d£taut  Initial,  on 
peut  slmplement  afflrmer  que  le  phdnoodne  de  flao- 
beoent  est  effect  I vement  prdvue  par  le  calcul, 
mala  qu'une  cioddl  1  sat  ion  vralsemblablement  non 
suffisament  atflnde,  conduit  3  une  surest ioat ion 
de  la  charge  critique  correspondante. 


Quol.u'll  en  solt,  les  calculs  ont  it£  poursulvls 
en  po*t-f laabement  (branch*  F-R  des  courbes  de  la 
figure  4) .  Dan*  le  code  DAM-STRAT,  le  passage  au 
chemln  blfurqud  est  realise  en  appllquant  teno¬ 
ral  resent  une  l£g£re  loperfeccion  de  chargement 
destlr.ee  3  faire  apparaftre  le  cloquage  de  la  zone 
susceptible  de  flamber.  Dans  le  cas  present,  l'lo- 
perfectlon  lntrodulte  ccnslste  en  des  efforts 
normaux  de  falble  lntensltd  appliques  sur  la  face 
externe  de  la  partle  du  panneau  sltude  au-dessus 
du  panneau. 

Les  positions  d'£qulllbre  post-f lasbesent  etant 
alnsl  attelntes,  la  aontde  en  charge  est  poursul- 
vle.  Au  fur  et  3  assure  de  1 'accrolsseaent  de  la 
charge,  1 'endoaaageaent,  tel  que  ddcrlt  ' ar  les 
variables  d  et  d‘  ddflnies  en  2.1.2,  appxraft  et 
se  ddveloppe  en  face  lnfCrleure  de  la  partle  ddla- 
mlnee  le  long  du  c6t£  longitudinal  A8  de  xa  zone 
de  ddlaalnage.  Noter  que  dans  l'£tat  actuel  du 
cloquage,  la  d£for*£e  de  la  figure  3  se  raccorde 
continGaent  le  long  des  cfitds  AB  et  BC  de  la  zone 
de  deiaalnage  (la  figure  3  est  relative  i  une  pha¬ 
se  ul'.drieure  de  progression  du  ddlaalnage). 

Cette  extension  de  1 'endoaaageaent  est  conforms 
aux  observations  experlaentale*  selon  lesquelles 
la  aacro-f lssuratlon  apparatt  d'abord  au  point  A 
puls  progresse  dans  la  direction  de  AB.  Nuodrlque- 
ment  1 'endoaaageaent  au  point  A  devlent  sufflsaa- 
oent  Important  pour  provoquer,  selon  le  crltere 
ddfinl  en  2.1.2,  une  rupture  par  lnstabillte  du 
matdrlau  composite.  Cette  rupture  est  attelnte 
pour  une  valeur  calculde  de  la  contralnte  appli- 
qu£e  dgale  i  260N/aaz  environ  (point  H  de  la 
figure  4) 

Fhysiqueaent  cette  rupture  dolt  fftre  mterprei.ee 
coame  l’lnltlallsatlon  de  la  aacro-f lssurscion 
observ£e  experlaentaleaent  entre  330  et  360N/sa^ 
pour  l'IMFL  et  aux  environs  de  400N/aa2  pour  le 
D.L.R.  La  difference  avec  la  valeur  prdvue  par  le 
calcul  est  done  relatlveaent  laportante-  Slgnalons 
cependant  que  les  observations  expdrlmentales  sont 
purement  macroscoplques  et  ne  peuvent  ddceler  que 
les  prealdres  fissures  ddbouchant  sur  la  face  du 
panneau,  alors  que  la  rupture  calculde  correspond 
3  un  phdr.oodne  de  fissuratlon  Interne  des  plls  de 
la  zone  ddlamlnde.  De  plus,  1 ' Introduction  du 
ddfaut  reccangu lal re  dans  les  calculs  conduit  3 
une  surestiastion  des  courbures  au  burd  de  la  zone 
delaolnde  et  par  suite  a  une  surestlmatlon  des 
concralntes  et  des  endommageaents  provoquant  une 
rupture  anticlpde. 

Alnsl,  de  odme  que  pour  le  f laabement,  le  phdno- 
mene  de  macro-f lssuratlon  r  t  quantltatl vement 
prdvu  par  le  calcul,  mals  i_s  dlfflculces  expdrl- 
mentales  et  les  approximations  de  la  modellsatlon 
numerlque  font  que  la  coaparalson  quantitative 
n'est  pas  satlsfaisante. 

2.2.3  Propagation  du  deiaalnage 
AprSs  apparition  de  la  macro-f lssuratlon,  la  phase 
sulvante  de  1 'etude  est  1 'analyse  de  la  progres¬ 
sion  du  ddlaalnage.  Celle-ci  est  siaulde  numdri- 
quement  en  calculant  le  panneau  pour  differentes 
longueurs  a  de  la  zone  de  ddlaminage,  la  largeur 
de  cette  dernidre  etant  auintenue  a  sa  valeur  lnl- 
tlale  de  10mm.  Le  c8td  longitudinal  de  cette  zone 
est  maintenant  ddsolidarlse  Ju  reste  du  panneau  et 
les  ddformdes  obtenues  sont  du  type  de  celles  de 
la  figure  3  (a  *  12- baa). 

Sur  la  figure  4  est  reportde  l'evoluiion  de  la 
fldche  au  centre  de  ’a  zone  delamlnde  en  fonctlon 
de  la  contralnte  appllquee.  Les  diifdrentes 
longueurs  de  ddluzinage  considerdes  sont  respecti- 
veoent  : 
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a  -  10.  12. S.  18.0,  25m 
rour  chacun  des  calculs  correspondents,  le  fait 
essential  concernant  la  distribution  de  1'endcjoa- 
geoent  est  que  ce  dernier  resce  localise  2  l'es~ 
triolti  du  front  de  dilaolnage  (point  B)  quelque 
sole  la  concralnte  appllquye.  En  fait,  celui-cl 
crolt  rdgulldrenent  ec  quasi  llnealreoent  avec  la 
charge  appliqu£e  jusqu’a  ce  que  le  crlcdre  d'ins* 
tablllte  sol t  attelnc  (approxioatlveaent  3 
300N/ma2  pour  a  •  13.6m).  Cette  Instability 
correspond  a  une  rupture  du  pll  inferleur  de  la 
zone  dllaoiinye. 

Cette  rupture  tr3s  locallsee  ne  slgnifle  nulleoent 
la  mine  du  panneau  ec  le  calcul  est  poursuivl  en 
aalntenant  constantes  les  valeurs  d 'endoanageaents 
attelntes  (irr* verslbility  du  doonage).  En  fait, 
au  dei3  de  la  macro-i issurac ion,  l'endoanageoe-ic  a 
peu  d' Influence  sur  le  coopor - eaent  global  du  pair* 
neau  comae  cela  a  pu  etre  confirm*  en  effectuant 
des  calculs  pureoent  yiastlques  sans  Introduction 
du  aod£le  d 'endoooageoent . 

Au  fur  et  3  nesure  de  la  poursuite  de  la  montfe  en 
charge,  le  cloquage  oe  la  zone  dfilaminee  va  en 
s'accentuant  jusqu'3  ce  que  la  courbure  le  long  du 
front  de  dyiamlnage  solt  sufrlsaoaent  lnq>ortante 
pour  provoquer  I'ouverture  et  la  progression  de  ce 
front.  La  prevision  de  cette  progression  est  basee 
sur  des  valeurs  critiques  des  taux  de  restitution 
d'energl'  le  long  du  front,  ces  valeurs  critiques 
grant  assoclees  a  dlfferents  modes  d'ouverture. 

Classiquenent  ces  modes  sont  class**  selon  le  type 
de  solllcltation  :  solilcitatlons  normales  au  plan 
de  delamlnage  (mode  I)  ou  situees  dans  ce  plan  et 
tangentes  (mode  11)  ou  normales  (node  III)  au 
front.  Mals  de  par  leur  anisocropie,  les  oateriaux 
composites  se  pretent  aal  a  un  tel  classeaenc  car 
aSae  pour  une  sollicltatlon  en  aode  I  pur,  le  code 
d’ouverture  n'esc  pas  on  aode  du  type  I. 


De  tele  essals  ont  6t<  r<alls<*  i  1 ’ ONERA  (6]  pair 
une  Iprouvette  8  plls  altern*s  +  6  /2,  solilcltye 
en  node  I.  Les  rfsultats  obtenus  eon t rent  une 
reduction  d’environ  deux  tiers  pour  G*  quand  on 
passe  de  ft  *  0  ?  ®  •  43*  : 

G*  *  G*  l®)  »  A  ,  A  . 


La  vaieur  &t  (0)  *tanc  relatlveoent  blen  connue 
pour  le  aatlrlau  T. 300-914,  3  savoir  0.18ih/o». 
e'est  la  vaieur  de  Cj  .  didulte  de  la  foraule  pr<- 
cfdente,  qui  sera  utlllsde  pour  dieter  la  progres¬ 
sion  du  dtlaninage  (rappelons  que  dans  le  probliae 
ftudlf,  la  direction  des  fibres  de  part  et  d’autre 
du  ddlaoinage,  est  respectivenent  de  45*  et  0*). 

Les  taux  de  restitution  d'£nergle,  calculds  selon 
la  aethode  esqulss*e  en  2.1.3,  ont  une  rtpartltlon 
relativeaent  unlforae  le  long  du  front  de  ddlaiai- 
nage,  except*  au  voislnage  dee  extr*«ic*s  du  front 
ou  des  singularity*  de  contraintea  conduisent  3 
des  taux  sans  signification  physique  ryelle-  Par 
suite,  la  vaieur  de  ce  taux  au  centre  du  front 
semble  la  mieux  adapiee  pour  la  pryvision  de  la 
progression  du  delaoinage.  Les  dvolutlons  de  ce* 
valeurs  en  fonction  de  la  contrainte  appllquee, 
sont  donndes  a  la  figure  5-  Sur  cette  rfae  figure 
a  *galenent  et*  report*e  la  vaieur  critique 
dyflnie  conoe  11  a  *t *  die  plus  haut. 

Pour  chacune  des  longueurs  de  dyiaalnuge  consid*- 
r*es.  le  taux  de  restitution  d'yn^rgie  est  une 
fonction  croissante  de  la  contrainte  appllqude. 
Tant  que  ce  taux  reste  lni*rleur  a  la  vaieur  cri¬ 
tique  aj  ,  le  dyiaiinage  ne  progresse  pas,  aals 
it-  que  cette  vaieur  est  attelnte  (points  P  des 
courbes  de  la  figure  4)  il  y  a  progression  ec  les 
positions  d'yquilibre  au  deli  de  cette  vaieur  ne 
sont  plus  repryser.tat ives  du  conporteoent  r*el  ou 
panneau. 


Pour  cette  raison  11  a  et*  propos*  dans  1)  une 
approche  orlg-nale  oasee  sur  une  evaluation 
dlrecce  du  travail  de  fermeture.  Llee  a  la  txideli- 
sac ion  elements  finis,  cette  approche  util.se  les 
discontlnultls  de  courbure  4  It  ,  de  d*foraacions 
planes  bt.  et  de  clsaillement  transverse  M  , 
au  droit  du  front.  Four  escimer  ce  travail  selon 
la  foraule  : 

,  s  (  Ml  bK  »  bM.bf,  S  M  bt) 


ou  M,  N,  I  sont  les  efforts  generalises  associys 
respectivenent  3  K  ,  i»  ,  *  • 


Dans  le  problit*  oil  nous  irteresse,  le  cerae  de 
clsaiUemenc  transversal  esc  pr3tlqueoent  r.#gl>- 
geable,  alors  que  les  contributions  des  teraes  de 
courbure  Mi  b*  et  de  d*rormat  lor.  plane  bM .  bi,^ 
varienc  respectivenent  de  O'J  a  .  sO-  et  de  0  3  -0-. 
pour  touces  les  longueurs  de  dyiaminaee  cor.side- 
rees.  Les  teraes  de  courpure  sent  done  prypor.de- 
rants  et  l'on  peut  cor.sidfrer  que  le  nede  d’euver- 
ture  du  front  ie  delamlnage  est  essent le llenerc  de 
type  I.  L'avar.ta-e  le  la  -echode  est  de  pouvolr 
chiffrer  appr-xi  ".it  ivenent  les  dlf  f*  rentes  contri¬ 
butions  er.ergetiqu.  s  participant  a  I’ouverture  du 
front . 


A  la  suite  de  ces  ..t serv.it  ions  11  esc  done  natural 
de  supposed  que  la  progression  du  deiammage  ne 
d*per.d  que  de  la  seule  vaieur  critique  Gt  ■  Pour 
les  nac#riaux  composites  cette  vaieur  critique  esc 
fonction  de  1'ancle  9  rcnstltue  par  les  direc¬ 
tions  des  fibres  situees  de  part  et  d'aucre  de 
1' interf  ace  le  -deijnlr.uve  et  11  est  done  "tees* 
saire  de  disposer  le  re-u.tacs  expertnerntaux 
decrivar.t  l’evolut  fan  L.  J  en  fonction  ie  9 


Alnsi,  a  chaque  longueur  de  zone  dyiaminye,  esc 
associee  la  vaieur  de  la  contrainte  appllquye 
provoquaoc  la  progression  du  dyianinage.  L  ensem¬ 
ble  de  ces  valeurs,  ainsi  que  leur  homologues 
experi  taenta  les ,  sont  reportyes  sur  la  figure  b.  On 
constate,  en  preoldre  approxlaat Ion,  que  la 
progresslun  s'effeccue  linyalrement  er  fonction  de 
la  charge  appllqu*e  et  que  les  valeurs  calcul*es 
se  situent  grosso  modo  entre  les  divarses  valeurs 
expyrimentales. 

De  fagon  a  r.esurer  1’ influence  de  la  vaieur  adop- 
t*t  pour  le  taux  critique  de  progression,  11  a 
eza lernent  et*  report*  sur  la  figure  6  les  valeurs 
de  propagation  associyes  a  une  variation  de  ♦  t02 
de  la  vaieur  de  ftj  (cette  variation  correspond  3 
(t  -  u.b  et  A  *  0.73  sur  la  figure  3).  La  majority 
des  resultacs  experlmentaux  est  alors  encadr*e  par 
les  valeurs  calculees.  Compte  cenu  de  l’i^srycl- 
sion  expert  rnen.t a  le  sur  ia  vaieur  de  Gc  ,  la 
progression  cu  qyiaminage  semble  aoic  relatlveoent 
bier,  prevu  par  le  calcul. 

Toutefcls.  selon  les  r*suita:s  les  plus  .ycents  de 
1’IMFL  (cuurbe  pointillee  de  la  figure  t>  .  ssocite 
3  une  novenne  de  tous  les  essals  ryaiisys  j  'Squ  3 
prysent),  11  apparaTt  que  r#cart  essais-calcuis 
'-.it  nettemer.t  plus  important.  Kemarquer  cepenaant 
que  la  vicesse  moyenne  de  propagation  a  peu  evo- 
lu  e  par  rapport  aux  premiers  essais  et  est  tout  3 
fait  con:  orme  3  celle  obten.ue  par  le  calcul.  Cette 
vitesse  movenre  est  de  1 'ordre  de  lOoo  de  progres¬ 
sion  pour  ■  AVmn-  de  contrainte  appllquye. 


9-6 


CONCLUSION 

Qualltatlvenant,  les  risultate  obtenua  aontrent 
qua  la  code  DAM-STRAT  aat  un  out  11  da  calcul 
peraettaoc  la  prCvlalon  dea  difference  phAnoadnes 
ala  en  Jau  lora  da  la  coapreaalon  da  panaeaux  con- 
poaltea  prfsentant  un  dflanlnage  Initial  :  flanbe- 
aant  localise,  aacro-f laauraclon  longltudlnala  at 
propagation  du  dAlaalnage. 

Outra  1’ Introduction  daa  non-lin6arlc£s  g8or*trl- 
quea  nAcessalres  A  1 'analyse  du  flaabeaent  at 
post-f  lanbeaenc,  la  prlae  en  co^te  de  non-linAar- 
ltda  phyalquea  de  type  endooaageaent  eat  esaentlel 
4  la  provision  de  l'lnltlallaatlon  de  la  macro- 
flaauratlon,  elle-adme  responaable  de  l'avancde 
lnltlale  du  ddlaalnage.  Par  contre,  11  eat  apparu 
que  cet  endooaageaent  Stalt  Sana  Influence  notable 
dana  la  phaae  propreaent  dlta  de  progression. 

Sur  la  base  dea  rdsulcats  expdrlnentpux,  la  adca- 
nlaaa  da  la  propagation  a  pu  f t re  schematise  ala- 
pleaent,  la  zone  de  ddlaalnage  reatant  rectangu- 
lalre  et  de  largaur  Constance.  L'eatlaatlon  dea 
dlveraaa  contributions  dnergdtlquea  au  travail  de 
feraeture  du  front  a  aoncrA  que  la  progression 
a 'effectual!  prlnclpaleaent  en  aode  I.  Le  calcul 
das  taux  de  restitution  d'Anergle  AffectuA  dans 
DAM-STRAT  perret  alora  la  provision  de  la  propaga¬ 
tion  A  l'alde  du  seul  taux  critique  G* 

Quant ltntlveaenc,  la  coaparalaon  eaaals-calculs 
rAvdle  dea  Acarts  Importance  notaaaent  en  ce  qul 
concerns  lea  valeurs  dea  charges  critiques  de 
flaabeaent  et  d'lnltlallaatlon  de  la  oacro-fissu- 
ratlon.  Par  contre,  coapte  tenu  de  la  dispersion 
expdrlnentale  relatlveaent  AlevAe,  le  calcul  de  la 
progression  du  dClanlnage  s'avdre  plutSc  satlafal- 
sant.  En  partlcul4 »r,  la  vltease  ooyenne  de  propa¬ 
gation  senble  trAs  correctenent  AvaluAe. 

La  dAternl nation  expArlaentale  prAclse  dea  valeurs 
chAorlquea  dea  charges  critiques  de  flaabenent  et 
d'lnltlallaatlon  de  la  aacro-*lssuratlon  eat  un 
problAme  difficile  :  le  phAnonAne  rAel  de  flanbe- 
raenc  esc  coujours  entachA  d'une  cercalne  lmprAcl- 
slon  rAsultant  dea  Imperfections  InhArentes  aux 
structures  testAes,  alors  que  la  macro-f lssuratlon 
rAsulte  de  phAnoaAnea  mlcroacoplques  qul  ne 
sauralent  Acre  dAcelAs  sans  le  recours  A  des 
techniques  partlcullAres  permettant  de  dAcrlre 
l'Acat  de  la  flrsuratlon  au  seln  des  plls  du 
composite. 

De  plus,  aux  Incertitudes  expArlaentale* ,  s'ajou- 
tenc  lea  Imperfections  de  la  aodAllsatlon  numArl- 
que.  En  partlculler,  des  Atudes  numArltues  portant 
sur  la  finesse  du  omlllage  et  l'lnfluence  de  la 
forme  lnltlale  du  dAfaut  devralent  pernettre  de 
mieux  comprendre  les  Acarts  constatAs  lors  dea 
phases  Initiates  de  flatbement  et  de  macro-flssu- 
ratlon. 
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SUMMARY 

The  susceptibility  of  currently  uaad  CFRP  to  Impact 
daaaga  has  stimulated  cha  davalopaane  of  laprovad 
cooposlcas.  This  new  generation  of  compoaltas 
usually  shows  lncraasad  toughness  and  daaaga 
colaranca  as  wall  as  laprovad  canslla  parforaanea. 
This  Is  ganarally  noC  aacchad,  howavar.  by  a 
similar  Improvement  In  caaprasalva  proparclas  which 
than  becomes  a  Halting  daslgn  factor. 

For  laprovaaanc  of  cha  coapresslva  strangth  a 
batcar  undarstandlng  of  cha  coaprassiva  failure 
behaviour  Is  naedad.  This  aspacc  Is  part  of  a 
cooparatlon  prograaaa  within  CARTEUR* .  The 
coaprassiva  failure  behaviour  la  being  axaalnad  at 
the  alcroacala  level  (single  fibre  and  bundle 
tests)  and  at  coupon  level. 

For  experlnencal  verification  of  failure  aodels 
special  attention  has  to  ba  paid  to  coaprassiva 
cast  procedures  In  order  to  archieva  opclaal 
strangth  values  with  a  ainlaua  of  scatter.  To 
evaluate  the  aosc  appropriate  coaprasslon  test 
method  a  Round-Robin  test  progress  was  performed 
on  unidirectional  laminates  of  the  materials 
T800/6376;  HTA7/9S2;  HTA7/&376;  T800/524S; 
T800/924 ;  IMMJO/5245  and  T400/6376. 

In  the  present  paper  the  resulcs  of  the  Round-Robin 
test  programs  era  discussed. 

Keywords:  carbon  fibre  reinforced  plastics, 
coaprassiva  strength,  cast  aethods. 


i . pgEfiBmxga 

The  low  resistance  to  lapace  daaage  of  carbon  fibre 
reinforced  plastics  (CFRP)  Is  ona  of  the  major 
restrictions  for  applications  of  CFRP  In  load- 
bearing  prluary  aircraft  structures.  In  current 
coaposlta  structures  the  designer  Is  forced  to 
restrict  design  loads  to  levels  far  below  the 
capabilities  of  the  coaposltes  in  order  to 
coapensate  for  possible  lapact  daaaga.  Effects  of 
low  veloclcy  Impacts  (eg.  dropping  tools)  have 
been  widely  described  in  the  literature  (Ref.  1) 

large  static  strength  reductions  can  be  expected 
without  a  visible  indication  of  the  daaage  The 
effect  Is  most  significant  for  coaprestion  loaded 
structures  where  internal  delaalnatlons  contribute 
to  preaature  local  buckling  of  the  coaposlte  The 
consequences  of  this  susceptibility  to  iapact 
damage  Is  that  design  strain  levels  of  onlv  )00C 
u  strain  and  -C.'D  strain  are  used  for  coapresslon 
and  tension  loaded  coaponents  in  current  coaposite 
structures 

This  suscep t  lbl  1 1  tv  of  CFRP  to  lapact  daaage  has 
stimulated  the  develo  aent  of  improved  coaposltes 


It  was  recognized  that  lapact  resistance  could  be 
laprovad  by  applying  fibres  with  a  higher  tensile 
failure  strain  in  combination  with  a  cough  aatrlx. 
Evaluation  of  a  number  of  these  laproved  coaposltes 
In  the  fraaework  of  CARTEUR  cooperation  revealed  an 
Increased  tensile  performance  which  was  not 
generally  matched  by  a  similar  laprovaaent  In 
coaprasslon  properties  (Ref.  2).  The  reeson  for 
this  Is  that  a  higher  toughness  of  a  resin  Is 
frequently  coupled  with  a  lower  modulus .  and  lower 
modulus  may  lead  to  a  lower  coapresslve  strength 
for  the  undaaaged  coaposlte.  Further,  soae  higher 
fracture  strain  fibres  are  smaller  In  dlaaeter, 
which  can  promote  alcrobuekling. 

To  predict  changes  In  coapresslve  scrength  as  a 
result  of  changes  In  constituent  properties  more 
accurately.  a  better  undarstandlng  of  the 
coapresslve  failure  behaviour  is  needed.  This  could 
ba  achieved  by  studying  and  aodelllng  the  failure 
procesa  end  by  expet lmental  verification.  The  most 
critical  parameters  and  failure  modes  have  to  be 
Identified  to  enable  the  development  of  coaposltes 
with  better  coapresslve  strengths. 

A  GARTEUR  cooperation  prograaaa  was  Initiated  to 
enable  better  understanding  of  coapresslve  failure 
mechanisms.  The  participating  members  are  the 
national  European  aerospace  institutes  DLR .  ONERA. 
RAE  and  NLR.  and  the  aerospace  industries,  Fokker, 
DA  and  Vestland  Hel.  The  objectives  of  the 
cooperation  are 

•  To  Improve  the  understanding  of  the  mechanisms 
by  which  coapresslve  failure  Is  caused  In 
relation  to  critical  parameters. 

•  To  develop  and  correlate  failure  aodels  with 
experimental  data. 

•  To  formulate  guidelines  for  CFRP  with  a  higher 
coapresslve  strength. 

Verification  of  improved  coapresslve  performance 
should.  In  fact,  be  done  on  a  structural  level  but 
coapresslve  failure  models  should  be  verified  o-i 
the  lowest  material  level.  that  Is.  In  the 
unidirectional  ply  For  chls  particular  purpose  a 
Round  Robin  Programme  on  coapresslon  testing  was 
performed  first.  The  main  goal  of  the  rest 
programme  was  to  examine  whether  the  current  tesc 
methods  can  be  used  for  experimental  Investigation 
of  tha  effect  of  changes  in  constituent  properties 
on  the  coapresslve  strength 

In  the  present  paper  the  results  of  a  Round  Robin 
coapresslon  test  programme  are  discussed 

Compression  tests  were  carried  out  on  sever,  tvpes 
of  unidirectional  and  three  multidlr.  ctional 

CFRP's  In  this  aar.ner  the  best  performance  is 
evaluated  not  onlv  in  assessing  strength  values  but 
also  in  r.nklng  of  materials  Tha  latter  aspect  Is 
of  importance  wh»n  differences  lr.  strong-*  between 
basic  and  improved  material  systems  have  to  be 
established 
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unidirectional  laalnatea*  of  ona  (pacific  notarial 
and  dlatrlbuted  places  of  the  u.d,  laminate  among 
the  other  participants  for  coaprasslon  tasting. 
Three  partners  also  tasted  multidirectional 
laalnatas.  Table  1  shows  the  aaterlals  Involved  and 
the  lay-up  for  the  aultldlractlonal  laalnatas. 

*  Laalnatas  wars  procesaed  In  accordance  with 
the  (pacifications  glvan  by  tha  aanufacturar . 
After  aouldlng  tha  laalnatas  wars  C-scanned  to 
guarantee  that  vold-frae  laalnatas  wars  used 
In  tha  test  prograaaa. 


In  the  Round-Robin  test  prograaaa  about  6  rooa 
teaparatura  coaprasslon  tests  ware  performed  on 
each  aaterlal.  Tha  compressive  strength  was 
calculated  for  noalnal  and  actual  specimen 
thicknesses.  Nominal  thicknesses  of  2  mm  and  3  tm 
ware  used  for  unidirectional  and  oultldlrectlonal 
laminates,  respectively .  For  specimens  with  strain 
gaugea  tha  secant  E-modulus  was  determined  for  tha 
strain  -anga  <-0.1  to  0.5  X 
f  o(t-O.COS)  -  o(<-0.001)  1 


1ABLE  1 

Overview  of  aaterlals  used  for  Round-Robin  compression  casta 


1  unidirectional  laminates  j 

1  . 

moulded  by 

material  code/aanuf. 

|  aulci  directional  laalnaces 

ONERA 

T800/5245  BASF 

UHL 

KTA/9B2  <0.  90.  ±  45),2 

RAE 

T8( 0/924  Clba  Ceigy  Flbredux 

RAE 

T8 00/924  (*  4S.  0,  90) 3, 

Fokker* 

NLR 

DA 

UHL 

out 

TS00/6376 

T400/6376  "  * 

HTA7/6376 

HTA7/982  ICI  Flbarlta 

IM400/5245  BASF 

NLR 

T400/6376  (45,  02.  -45.  Oj,  -45.  02,  45) 

Aerospatiale  moulded  the  laalnatas  and  sent  Cham  to  Fokker  for  distribution  and  casting 


PARTNER 


ONERA* 


SPECIMEN  TYPE 


TEST  METHOD 


a  NO  TASS 

a  END  LOAD  INTRODUCTION 
#  TEST  RATE  t  mm/mm 


Al -TASS.  STRAIGHT,  t  •  O  S  mm 
CLAMPING  LENGTH  12  mm 

SPECIMEN  ADJUSTMENT  WITH  AOHESIVE  SHIMMING 


1?7>635  •  GLASS  TABS  TAPERED 

a  CLAMPING  LENGTH  IS  mm 


12  7(635  •  GLASS  TABS  TAPERED 

•  ENO  LOAD  INTRODUCTION 

•  CLAMPING  LENGTH  IS  mm 
m  TEST  RATE  1  mm/mm 


8  (  8  35  e  MACHINEO  SURFACE 

a  CARSON  t 4t  TABS  CO  -CURED.  1  > 
a  CLAMPING  LENGTH  12.7  mm 
m  TEST  RATE  1  mm/mm 


MODIFIED  CELANEU 
CONICAL  WEDGES 


CELANESE 
CONICAL  WEDGES 


MODIFIED  CELANESE 
RECTANGULAR  WEDGES 


.--■1  r-'-- 

-HH*-S  :0  2H 


WML 

10  «  >0 

AS  RAE 

H ANOANO  CELANEU 

OLR  * 

8  »  8  35 

•  GLASS  f  ABftlC  TABS 

MODIFIED  CELANEU 

•  NOT  TAPERE0 

AS  0A 

•  CLAMPING  LENGTH  12  7  mm 

specimens  provided  wt th  2  strain  gauges 


L  -FREE  LENGTH 
W  *  SPECIMEN  WIDTH 


Klf  1  Test  Methods  and  used  apecisen  type  (u.d.  aatenal) 
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i _ COMPRESSION  TEST  METHODS 

3.1  U.D.  Tamln.r.e 

Each  parcnar  in  cka  compression  caat  prograaaa  usad 
his  own  coapraaalon  taac  aathod  and  specimen  type. 
Thaaa  case  methods  ara  fraquantly  cha  result  of  an 
avaluaclon  of  uny  yaara  for  obtaining  cha  baac 
caac  aathod.  Thla  has  unfortunataly  noc  rasulcad  in 
an  unaablguoualy  accapcad  te.t  aathod. 

In  f  lgura  1  da  tailed  lnforaaclon  la  glvan  on  cha 
used  cast  aathod a  and  apaciaan  types.  It  la  aaan 
chat  cha  Calanaaa  caac  flxcura  (standard  or 
aodlflad)  la  usad  most  fraquantly:  by  RAE,  DA,  DTJt, 
Fokkar  and  UHL.  At  OVERA  tha  coapraaalon  apaciaans 
ara  flxad  In  staal  claaplng  blocks  using  adhaalva 
ahlnalng.  The  NLR  .sad  a  simplified  I ITRI  based 
cast  flxcuie  with  load  Introduction  through  tha 
apaciaan  endt. 

Tha  coapraaalon  cast  apaciaans  Involved  ware  quite 
different  concerning  free  gauge  length,  length 
between  claaplng,  and  apaciaan  width.  Furthermore 
dlffarant  tab  aacerlals,  chaafarad  or  not,  were 
applied.  Tha  free  gauge  length  of  tha  DA  apaciaans 
la  achieved  by  machining  of  tha  bonded  tabs  Into 
cha  bass  material,  aaa  figure  2.  Thla  raaultad  In  a 
,paelaen  thickness  that  was  about  20  X  below  tha 
aoulded  laalnaca  thickness,  aaa  apaciaan  thickness 
In  table  2. 

3.2  Multidirectional  Tamlnataa 

For  multidirectional  laalnacas  tha  RAE  and  UHL  usad 
tha  CRAG  taac  aathod  (Raf.  3).  An  antl-buckllng 
guide  aa  shown  In  figure  3  was  us,d  to  support  tha 
250  aa  long,  20  aa  wlda  atrip  apaciaans.  Tha  NLR 
used  cha  saaa  apaciaan  type  and  tasting  device  as 
usad  for  tha  u.d.  laalnacas. 


Fig.  2  Detail  of  DA  coapreaalon  apaciaan 


E 


Fig.  3  Antl-buckllng  guide  for  aultldlrectiona 
laalnatas  (CRAG  ref.  3) 


fx _ TEST  RESULTS 

<>.1  UnMlrtCtlUMi  iMlMMl 

An  overview  of  compressive  strength  aid  standard 
deviation  la  glvan  In  table  3.  The  strength  values 
are  based  on  actual  and  nominal  thic'tness.  Tha 
large  scatter  In  naan  coapresslva  string  h  batwaan 
tha  participants  Is  striking.  To  visualize  tha 
affect  of  different  test  aathods  and  test 
procedures  Including  human  factors  on  composite 
strength  a  coaparlson  was  aada  for  tha  mean 
strength  of  tha  tasted  materials,  see  figure  4. 
Material  T800/6376  was  excluded  since  this  aaterial 
was  not  tested  by  all  participants.  Flgura  4  shows 
that  tha  highest  strength  values  are  obtained  by  DA 
with  their  test  aathod  and  specimen  type. 
Relatively  low  values  were  obtained  by  ONERA,  RAE 
and  Fokkar. 

Despite  tha  large  differences  in  strength, 
depending  on  test  aathod,  tha  aaterial  ranking  for 
tha  tested  aacerlals  was  generally  slallar.  This  Is 
Illustrated  In  flgura  5a, b  for  T800  coapoaltas  and 
resin  system  Naraco  5245  with  tvo  fibre  types. 


TABLE  2 

Spaclaan  thickness:  aaan  valuas  and  standard  davlatlon 


ootortal 

aa^ar  u  0 

T 000/4244 

TOM/924 

T 000/43 34 

T4M/43?4 

ITA?/43?4 

■TAJ/902 

1)9400/92*9 

■pgciant 

orou 

t  *1  10  0M 

2  1?  (0  U> 

1  09  (•  01) 

2  19  (0  03) 

1  90  (0  02) 

2  24  t0  02) 

* 

IAI 

1  U  (0  03) 

2  22  (0  02} 

2  14  (0  02) 

1  00  10  04) 

2  34  (0  11) 

2  02  (0  04) 

2  3?  tO  04) 

IS  li 

faAAartAS) 

1  93  (0  01) 

2  13  <0  11) 

2  02  <0  11) 

1  01  (0  01) 

2  03  (0  02) 

2  04  (0  02) 

10 

nj 

t  92  (0  02) 

2  22  (0  0,i 

2  09  (0  01) 

1  0?  (0  04) 

2  09  (0  03) 

1  9?  (0  04) 

2  2*  (0  09) 

4 

DA** 

1  42  (0  09) 

1  90  (0  00) 

1  99  <0  04) 

1  91  10  03) 

1  01  (0  04) 

1  *3  (0  0?) 

4 

*0. 

1  04  (0  00) 

2  12  (0  0?) 

1  09  <0  04) 

2  20  (0  0|) 

;  9i  to  04) 

2  23  (0  0)1 

4 

OLI 

1  V0  (0  02) 

2  14  (0  01) 

2  00  (0  01) 

1  04  (0  02) 

2  04  (0  02i 

2  02  (0  i)2 ) 

2  19  ro  01) 

4 

;  92  <0  CM 

2  1?  <0  0* ) 

2  0?  (0  Oh 

1  04  '0  01) 

2  :»  (0  13) 

1  94  10  34) 

2  29  (0  0?) 

*  without  DA 

*v  apaciaans  vers  machined  to  a  specific  thickness 


KM 


Elastic  bo  dull  determined  for  the  strain  rang#  <  - 
0.1  to  0.5  X  ara  given  In  table  4.  For  the 
different  testing  techniques  used  by  ONERA,  NLR  and 
DLR  equal  no dull  were  obtained  with  a  low  standard 
deviation.  The  relatively  low  strain  to  failure  for 
materials  tested  by  ONERA  can  be  associated  with 
the  low  compressive  strength  values  given  In 
table  3. 


The  compressive  strength  for  two  quasi -isotropic 
(Ql)  and  one  highly  anisotropic  laminate  Is  given 
in  table  5.  There  Is  a  large  difference  between  the 
RAE  and  UHL  results.  This  is  striking  since  the 
same  CRAG  test  method  was  used.  For  the  anisotropic 


ONERA  RAE  EOKKER  N1R  0A  WHl  DLR 
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Fig.  4  Compression  test  performance  of  participa¬ 
ting  institutes  and  industries  based  on 
testing  the  same  package  of  u.d.  materials 


ONERA  RAE  Fokker  NLR  0A  WHl  01R 
bi  Ftbrw  T900  in  vnout  rm in  sysnms 

Fig.  5  Compressive  strength  of  various  fibre/ 

matrix  systems  showing  the  same  material 
ranking 


TABLE  3 

Overview  of  compressive  strength  (MPa)  and  standard  deviation  for  u.d.  laminates 


T 000/3243 

T000/924 

T 000/4374 

f 400/43 74 

BTA7/4374 

RA7/902 

1  09400/9243 

iMbtr  of 

1 

t|MClMU 

1001 

(113) 

1132 

(120) 

927 

(110) 

937 

(1301 

1204 

(70) 

1220 

(71) 

1422 

(40) 

1479 

(32) 

1745  1 

1010 

(143) 

1491 

(04) 

1700 

(107) 

1590 

(102) 

1440 

(107) 

U’fl  | 

1144 

(122) 

1074 

(113) 

1109 

(103) 

|  994  (91) 

1200 

(129) 

1241 

(41) 

1427 

(43) 

1443 

(44) 

1734 

I 

140C 

(129) 

1403 

(139) 

1910 

(73) 

1994 

(114) 

1449 

lr4> 

127S  (ft) 
1104  (92) 


1203  (91) 
1293  (93) 


1949  (70) 
1999  (73) 


1419  (70) 
1419  (70) 


1447 


1134  (43) 
1222  (39) 


970  (37) 
1031  (41) 


1030  (19) 
1113  (17) 


1240  (44) 
1334  (74) 


1470 

1301  (107) 


1413  (90) 
1730  (07) 


1904  (122) 
1414  (77) 


1204 


1270  (33) 
1233  (41) 


1204  (110) 
1024  (03) 


1149  (02) 
1143  (04) 


1437  (39) 
1392  (44) 


1031  (93) 


1941  (42) 
1700  (42) 


1474  (02) 
1427  (77) 


1332 


1172  (09) 
1101  (01) 


002  (104) 
073  (90) 


1109  (33) 
1141  (04) 


1330  (34) 
1301  (93) 


1027 

1034  (134) 


1477  (123) 
1390  (114) 


1944  (107) 
1920  (112) 


1390 


1143  (44) 
1030  (39) 


931  (100) 
703  (77) 


1470  (42) 
1290  (34) 


1703  (73) 
1910  (70) 


1799 

1999  (111) 


1791  (230) 
1370  (220) 


1409  (94) 
1953  (39) 


1902 


B  strength  based  on  nominal  thicknet* 
strength  based  on  actual  thickness 


*  for  DA  specimens  the  mean  actual  strength 
was  transferred  to  nominal  strength  uaing 
the  mean  laminate  thickness  f roe  table  1 


TABLE  4 

Co^miln  moduli  (CPa,  average  valuaa  and  standard  deviation)  and 
failure  strains  (t)  for  unidirectional  Lead  nates 


aaterlal 

Beebe  r 

T800/52AS 

T800/924 

T800/6376 

T400/6376 

HIA7/6376 

HTA7/982 

IH400/5245 

139  (2.0) 

149  (3.8) 

120  (1.1) 

119  (6.3) 

122  (2.7) 

160  (1.8) 

ON  ERA 

145  (2.0) 

138  (3.8) 

127  (1.1) 

117  (7.3) 

123  (2.6) 

143  (1.5) 

0.84 

0.83 

1.06 

1.07 

!  .09 

0.91 

142  (1.5) 

152  (3.9) 

150  (4.3) 

121  (1.4) 

s25  (3.S) 

122  (1.6) 

160  (2.6) 

NLR 

148  (2.8) 

137  (3.4) 

143  (4.3) 

129  (2.4) 

119  (s.7) 

124  (1.8) 

147  (3) 

1.12 

1.16 

1.2S 

1.2 

1.20 

1.21 

1.22 

145  (4.0) 

149  (5.5) 

155  (1.0) 

121  (1.3) 

125  (2.7) 

121  (1.6) 

161  (1.8) 

DLR 

152  (4.4) 

139  (2.5) 

155  (1.2) 

132  (1.9) 

121  (2.4) 

120  (1.3) 

147  (1.5) 

c 

1.15 

1.14 

1.13 

1.40 

1.49 

1.41 

1.15 

<:  naan  of  2  strain  gauges  extrapollatad  to  aaxlaua  load 


B  modulus  based  on  noainal  thickness 
modulus  based  on  actual  thickness 


TABLE  5 

Coapresslve  strength  for  aultldlrectlonal  laalnates  (standard  deviation  betvaan  brackets) 


sutarial  lay-up 

T400/6376 

nuaber  of 

aembar 

KwiiyuTO 

(45.  0,,  -45,  0,.  -45.  07.  45) 

tests  } 

542  (28) 

645  (46) 

957  (72) 

RAE 

534  (35) 

621  (43) 

982  (71) 

12  | 

380  (66) 

564  (83) 

481  (157) 

UHL 

342  (58) 

538  (75) 

531  (170) 

6 

631  (17) 

786  (27) 

963  (36) 

NLR 

6 

i(X) 

578  (18) 

755  (37) 

1011  (38) 

E  CPs 

1.46 

1.77 

1.32 

4*  5 

50.5 

89.3 

NLR 

fu.d.<*> 

1.21 

1.16 

1.20 

□strength  baaed  on  noainal  thickness 
strength  based  on  actual  thickness 


laalnace  the  NLR  and  RAE  results  vers  stellar  but 
for  the  Q1  laalnates  the  NLR  tests  shoved  sonevhat 
higher  coapresslve  strengths. 

Coaparlson  of  strain  to  failure  under  coapresslve 
loading  for  aultldlrectlonal  and  u.d.  laalnates 
shoved  higher  values  for  the  aultldlrectlonal 
laalnates  (NLR  results).  This  effect  vss  bob  t 
pronounced  for  the  T800/924  material, 

i _ DISCUSSION 

The  aaln  goal  of  the  presanc  Investigation  vss  to 
examine  vhachar  the  coapresslon  test  net bods  In  use 
are  suitable  for  experlaental  verifications  In 
aodalllng  coapresslon  failure.  In  this  respect  che 


results  of  cooperative  testing  of  different 
aaterlal  system  vith  different  coapresslve 
performance  are  valuable  byproducts. 

Tie  differences  In  strength  values  obtained  for  the 
seae  aaterlal  systea  on  speclaens  aada  froa  the 
same  laalnate  aust  be  attributable  to  differences 
In  speclaen  type  and  alts,  the  c leaping  and  loadlrg 
technique  end  to  human  factors  Involved  In 
preparing  and  performing  the  tests  The  latter 
aspect  cannot  be  traced  but  the  former  tvo  effects 
vlll  be  discussed  In  soae  detail. 

As  shorn  In  figure  l.  the  free  gauge  length  of  the 
DA  and  DLk  speclaens  vss  only  t  an.  This  resulted 
In  high  strength  values.  The  speclaen  length 


batman  tha  grips  vaa  12.7  an  for  both  specimen 
typaa  but  a Inc  a  tha  DA  apaclaana  vara  nachlnad  to  a 
thlcknaaa  about  20  X  below  tha  moulded  laalnata 
thlcknaaa,  tha  taba  vara  aoaawhat  aota  effective  In 
supporting  tha  fraa  gauge  langth  than  tha  taba  for 
tha  DLR  apaclnan.  Thla  could  explain  tha  somewhat 
hlghar  atrangth  valuaa  for  DA  apaclaana.  Fokkar  and 
tha  NLR  uaad  chaafarad  glaaa  taba  and  tha  langth 
batman  tha  grlpa  was  16  mm.  Aa  coaparad  to  tha 
pravloua  apaclaana,  a  lover  coapraaalva  atrangth  la 
not  unaxpactod.  Tha  low  value  a  obtained  by  ONERA 
and  tha  RAE  cannot  be  explained  proparly.  Hovavar, 
both  lnatltutea  apply  adhealva  ahlaalng  for 
apaclaan  adjustment  and  thla  night  affact  tha 
atlffnaaa  ot  tha  gripping  raaultlng  In  praaatura 
apaclnan  failure.  A  note  thorough  evaluation  of  tha 
effect  of  teat  conditions  on  fallura  atrangth  la 
not  pcaalble  due  to  lack  of  Information  on  tha 
fallura  vidua  axpar lanced  In  tha  taata. 

Tha  compression  teat  results  for  multidirectional 
lanlnetaa  vara  rather  confusing.  No  proper 
explanation  could  ba  given  for  the  low  strength 
values  of  UHL  aa  coaparad  to  tha  RAE  and  NUt 
results.  Strain  neaauraaants  performed  by  the  NLR 
ahomd  hlghar  failure  strains  for  multidirectional 
laalnates  than  for  tha  u.d.  laalnatas,  table  5. 
Especially  for  the  TdOO/924  material  the  difference 
was  significant.  Thla  Indicates  chat  a  uniform 
distribution  of  load  bearing  0*  layara  batman 
layers  with  a  different  orientation  has  a  positive 
affect  on  tha  compressive  strength  (strain  to 
fallura).  Further,  It  .hould  ba  noted  that  the 
standard  deviation  tv'  tha  testa  on 
multidirectional  laminates  la  significantly  smaller 
chan  chat  for  the  tests  in  unidirectional 
specimens. 

6  PRACTICAL  SIGNIFICANCE  OF  THE  RESULTS  FOR 

FURTHER  .(BYESllfiAIlga 

Tha  results  of  tha  Round-Robin  test  programme  have 
shown  tha  compressive  strength  to  ba  strongly 
dependant  o:>  tha  spaciaan  type  and  test  method. 
However,  tha  ranking  In  material  strength  as 
obtained  by  each  participant  waa  In  gereral 
similar.  This  means  thet  tha  affects  of  constituent 
properties  on  compressive  strength  essentially 
could  be  Investigated  by  each  member  using  hla  ovn 
teat  method.  On  the  other  hand,  for  investigation 
of  tha  most  significant  paraaatera  in  modelling 
compraaslon  fallura  a  low  scatter  In  test  resulta 
la  desirable.  It  was  shown  chat  for 
multidirectional  laalnates  higher  compressive 
fallura  strains  ware  obtained  than  for  u.d. 
laminates  with  a  smaller  standard  deviation  for  tha 
strength.  Therefore,  use  of  multidirectional 
laalnatas  should  be  considered  for  experimental 
verification  In  modelling  compression  failure. 

Ry  tasting  different  flbre/matrlx  combinations  in 


the  present  programme.  Information  waa  obtained  on 
the  compressive  atrangth  performance  of  tha  tasted 
mate  rials.  In  tabla  6  the  mean  strength  of  ci¬ 
te  a  ted  materials  (from  Tab.  2)  la  given  In  a  form* 
that  enables  direct  evaluation  of  tha  beat 
flbre/matrlx  combinations.  The  affact  of  matrix  on 
the  compressive  strength  of  composites  containing 
tha  same  fibre  la  shown  for  TS00  and  HTA7 
composites.  Although  the  differences  are  not 
algnlflcanc,  tha  6)76  system  seams  to  result  In 
maximum  atrangth  values  for  tha  mentioned  fibres. 
If  different  fibre  types  are  combined  with  6376, 
tha  bast  compression  strength  performance  la 
obtained  for  tha  HTA7/6376  system. 

2  _ fiflMGUttiaas 

In  tha  framework  of  GARTEUX  cooperation  on 
compression  behaviour  of  CFRP  a  Round-Robin 
taataprograama  was  performed  Involving  different 
test  methods  and  seven  nodarn  unidirectional 
lanlnetaa.  In  addition,  limited  testa  on 
multidirectional  laalnatas  wars  carried  out.  The 
main  conclusions  that  can  ba  drawn  from  thla 
Investigation  are: 

X  Tha  compressive  strengths  of  u.d.  laminates 
varied  significantly  dependant  on  spaciaan 
types  and  Cast  methods. 

a  The  material  ranking  obtained  by  the 
participants  was  more  or  lass  similar. 

X  Tasting  of  quasi- Isotropic  laalnatas  resulted 
in  an  hlghar  strain  to  failure  than  that 
obtained  for  u.d.  laalnatas,  with  an  smaller 
standard  deviation  for  tha  compressive 
i  The  compraaslon  strangch  of  HTA7/6376  was  tha 
most  promising  among  tha  tasted  flbre/resln 
combinations. 

X  It  appears  that  despite  conclusion  X,  most  of 
tha  compression  test  methods  described  in  this 
paper  can  ba  uaad  for  experimental 
verification  of  compression  fallura  models 
that  incorporate  changes  In  constituent 
propartias.  On  tha  other  hand,  a  low  scatter 
of  results  Is  desirable  for  Investigation  of 
tha  most  significant  parameters  in  tha 
modelling  of  compression  fallura. 
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1  -  INTRODUCTION 

While  the  recent  developments  of  Interme¬ 
diate  Modulus  carbon  fibers  led  to  very 
high  specific  tensile  strength  over  tne 
first  generation  of  High  Strength  fibers, 
the  composites  compressive  properties  did 
not  Improve  at  all. 

Because  most  of  the  aeronautical  struc¬ 
tures  are  subject  to  alternate  tension  and 
compression,  it  Is  not  possible  to  take 
full  advantage  of  carbon  fibers  compo¬ 
sites.  as  the  compressive  loading  becomes 
the  design  limitation. 

After  a  focus  on  the  matrix  dominating 
role  In  composite  compression  behavior, 
this  paper  will  clear  out  which  matrix 
characteristic,  stiffness  or  strength, 
pllotes  the  unidirectional  compressive 
fai lure. 

2  -  PROBLEM  STATEMENT 

This  work  mainly  deals  with  organic  matrix 
composite  reinforced  with  continuous  PAN 
based  graphite  fibers,  because  aircraft 
structural  composite  materials  are  consi¬ 
dered.  The  understanding  of  the  longitu¬ 
dinal  compressive  failure  and  tne  improve¬ 
ment  of  compressive  strength  are  the  aim 
of  this  paper. 

2.1  -  A  matrix  dominated  behavior 

Figure  1  presents  some  compression  experi¬ 
mental  results  on  a  multi  layers  laminate 
with  a  hole.  It  illustrates  that  all  the 
tested  materials  exhibit  similar  compres¬ 
sive  strength  whatever  the  carbon  fibers 
are  (T300,  A$4,  IM6,  T650-42,  T800).  The 
tensile  strength  of  the  same  materials  has 
to  be  considered,  to  point  out  the  fiber 
influence. 

On  the  other  hand,  the  different  resin 
systems  used  In  these  commercially 
available  composites  are  almost  equivalent 
in  terms  of  stiffness  and  strength  (see 
appendix  A).  This  can  oe  a  first  sugges¬ 
tion  of  the  dominant  role  of  the  matrix 
for  composite  compressive  strength. 
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Figure  1  :  Compressive  and  tensile 
strength  of  different 
commercial  composites 


A  second  experimental  verification  has 
been  performed,  taking  into  account  the 
fact  that  fibers  properties  are  not 
affected  by  hot/wet  environmental  expo¬ 
sures  from  -  55’C  to  120°C,  while  resin 
properties  are. 

Figures  2  and  3  show  plots  of  the  compo¬ 
site  unidirectionnal  compressive  strength 
of  some  systems  versus  the  respective 
resin  evaluation  in  the  same  hot/wet 
conditions  (dates  from  M.  Gadke  (1),  Rosen 
(21,  Tsai  (31,  Dassault...). 

In  both  cases,  a  very  strong  dependence 
has  been  established  between  either 
the  shear  modulus,  orCj%gjthe  short  beam 
shear  strength,  which  are  truly  matrix 
dominated  characteristics,  and  ,  the 

longitudinal  compressive  strength. 

This  confirms  that  composite  compressive 
failure  is  watr- x-governed. 
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Figure  2  -  Correlation  between  the  longi¬ 
tudinal  compressive  strength 
and  the  shear  modulus.  Several 
fiber/matrix  couples  at  diffe¬ 
rent  hygrotherma!  ageing  have 
been  gathered. 


0s  COMPRESSION  FAILURE  STRESS  (MPa) 


•  IM7  +  T300  *  U40-MSO  *  T*00  0  IMS  A  »S« 


lor  epoxy  and  BMI  systems 


^(compressive  stress ) £  G  (shear  modulus) 

In  our  case,  the  main  result  is  that  the 
instability  occurs  when  the  applied 
compressive  stress  on  a  perfect  unidi- 
rectionnal  laminate  (straight  fibers, 
strictly  parallel  in  a  regular  arran¬ 
gement)  reaches  the  composite  shear 
modulus.  . 

jC, 

Now,  considering  the  ratio  for 

different  fiber/matrix  couples,  figure  4 
emphasizes  that  the  experimental  ratio  is 
never  equal  to  1. 


Composi  te 
f ami  ly 

Rei nforcement 
type 

.GntjJLl 

BFRP 

Boron 

2.2 

CFRP 

Carbon 

4  -  5.5 

GFRP 

Glass 

6.8 

Figure  4  ~  m  of  different  epoxy 

based  composites  (TSAI  datas). 

In  the  case  of  carbon/resin,  <^ii  is  about 
4  times  lower  than  the  theoritical 
value.  Fibers  misalignment  is  the  probable 
explanation  suggested  by  many  authors. 

Mrse  and  Piggott  C 41  reported  an  experi¬ 
mental  confirmation  of  the  fibers  initial 
mi  sal ignmenet  distribution  influence  on 
the  longitudinal  compressive  strength  of 
unidirectionna!  laminates. 

Up  to  now,  analytical  approaches  121  1 51 
[61  did  not  give  conclusions  about  the 
constituents  requirements  to  improve 
composite  compression,  because  they  were 
dealing  with  simple  and  non  representative 
fibers  arrangements. 

The  following  numerical  simulation  will 
allow  us  to  perform  parametric  studies  by 
changing  constituents  (fibers  and  matrix) 
properties  and  to  analyze  their  effect  on 
compressive  strength  of  realistic  compo¬ 
site  representations. 


Figure  3  -  Correlation  between  longitudi¬ 
nal  compressive  failure  stress 
and  the  short  beam  shear 
strength  at  various  hygro- 
thermal  test  conditions. 

2.2  -  low  longitudinal  compressive 
strength  explanation  :  initial 
fibres  mi sa 1 i gnmenl 

First  of  all,  it  is  interesting  to  have  in 
mind  an  important  general  result  f  mecha¬ 
nics  : 

Appendix  B  details  the  mechanics  demons¬ 
tration,  which  is  valid  for  the  following 
hypothesis  : 

-  linear  elastic  behavior 

-  Homogeneous  material 

.  Isotropic,  orthotropi c  .  . 

(metals,  ceramic,.,  composites...). 


3  -  NUMERICAL  SIMULATION 

3.1  -  Fibers  initial  misalignment 
representation 

Hesh  construction  rules  : 

-  20  mod®! . 

-  20  fibers  embedded  in  a  matrix. 

-  Global  fiber  volumic  fraction  :  0.58 

-  Fibers  diameter  :  5.8  microns. 

-  No  fibers  interpenetration. 

-  A  fiber  misalignment  has  to  fit  in  a  10 
microns  wide  band. 
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-  Local  fiber  Misalignment  given  by  a 
defined  distribution  of  local  fiber 
orientation  with  respect  to  the  0° 
unidirectional  basis. 

Appendix  C  presents  the  3  cases  of  distri¬ 
bution  and  the  resulting  finite  elements 
meshes. 

These  distributions  have  been  roughly 
Identified  on  composites  micrographs. 


3.2  -  Constituents  behavior  hypothesis 
Carbon  fibers  : 

-  Homogeneous  and  isotropic  (+  parametric 
studies  of  different  filaments  degrees 
of  orthotropy ) . 

-  Linear  elastic  behavior.  (Ef>230000  MPa) 
Matrix  : 

-  Homogeneous  ar.d  Isotropic. 

-  Elasto  plastic  behavior  (see  figure  S). 


Er  =  resin  modulus 
=  yield  stress 
*  failure  stress 
Sy  *  yield  strain 
dtf  *  failure  strain 

Figure  5  -  Matrix  elasto  plastic  behavior. 

After  a  few  parametric  studies  of  resin 
modulus  effect  (from  25C0  to  5000  MPa), 
and  *Ty,^Tf,  Ay  and  £f  combinations,  tiie 
matrix  behavior  has  been  approximated  to 
an  elastic  quasi  plastic  behavior  for  the 
reference  simulations  (a  slight  strength 
hardening  has  been  introduced  to  reach  a 
fast  calculus  convergence).  The  matrix  is 
therefore  fully  characterized  by  its 
modulus  Er  and  yield  stress  ^Ty. 

Appendix  0  shows  that  in  a  shear  mode, 
which  is  better  to  characterize  the  non 
linear  resin  behavior  up  to  failure, 
experimental  stress  strain  curves  are 
close  to  this  theoretical  el asto-pl astlc 
form. 

3.3  -  Calculations  hypothesis 

-  Non  linear  calculations  by  Incremental 
increases  of  the  applied  longitudinal 
dl spl acement . 


•  large  displacements. 

-  Mesh  details  :  2000  nodes 

3322  triangular  finite 
elements 

40GO  degrees  of  freedom. 

-  Boundary  conditions  (see  figure  6)  : 

.  No  displacement  allowed  In  the  x 
direction  for  the  left  side. 

.  No  displacement  allowed  In  the  y 
direction  for  the  bottom  side. 

.  Equal  displacement  imposed  in  the  y 
direction  for  all  the  nodes  of  the 
upper  side. 


4  -  RESULTS  AMD  DISCUSSION 

4.1  -  Reference  simulation 

Figure  7  presents  the  calculations  results 
in  the  reference  case  : 

-  Misalignment  case  1. 

-  E 1 asto-pl asti c  matrix  (Er  *  3800  MPa). 

Each  dot  mtrks  the  unidirectional  laminate 
global  buckling  stress  for  a  given  resin 
yield  stress.  It  is  interesting  to  note 
that  it  gives  near  the  origin  a  quasi 
parabolic  form,  and  for  high  values  of  ay 
an  asymptote  with  a  value  of  CS-I*, 
standing  for  the  theoritical  limit 

(linear  buckling).  Notice 
that  the  value  of  &tt.  in  20  simulation 
is  found  quasi  equal  to  the  value  proposed 
ty  Rosen  (  &*/m-  y+h  3600  MPa) .  which  is 
less  than  what  can  be  computed  in  30  : 

5000  MPa. 

It  shows  that  for  very  high  values  of 
resin  yield  stress  ^y,  no  premature  fiber 
mi crobuck 1 i ng  occurs  in  spite  of  the 
initial  misalignment.  Like  for  the  perfect 
0°  laminate,  with  straight  fibers  in  a 
regular  arrangement,  the  compressive 
stress  to  failure  is  reached  when  the 
global  shear  instability  (S  *  -G)  is 
spread  throughout  the  composite. 


#  Unidirectional  laminate  comrressive  stress  value  of  the  global 
buckling  instability  for  a  given  resin  yield  stress 


Longitudinal  compressive  failure  stress  (MPa) 


cases,  which  conveige  to  the  linear 
buck  1 i ng  limit  Gj  ^  . 


Unidirectional  laminate  compressive  stress  value  of  the  global 
buckling  instability  for  a  g<ven  ream  yield  stress  square  root 

case  t  esse  2 

reference  leas  m>»a<iQne»enl 

* -  s - 

Longitudinal  compressive  failure  stress  (MPs) 


400oU  linear  buckling  limit  (G,?  in  20) 


CTr  Resin  yield  stress  (MPa) 
reference  nnaeksnment  rate  i  (see  a 


s'  V* 

'k 

.  -  * 

A 


r  X 


Figure  7  -  Compressive  failure  stress 
versus  resin  yield  stress 
(reference  simulation). 

4.2  -  rv  AV^V  relation  proposal 

In  the  first  part  of  the  -  f  (  Tft  ) 

relationship  (see  figure  8),  it  seems  that 
a  function  of  iRT*  describes  the  behavior 
in  a  first  approximation.  It  will  also 
facilitate  the  following  parametric 
studies  analysis,  because  we  are  going  to 
deal  with  a  linea-  function 

*  Unidirectional  laminate  compressive  stress  value  of  the  global 
buckling  instability  for  a  given  resin  yield  stress  square  root 

Longitudinal  compressive  failure  stress  (MPa) 
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Figure  8  -  ^  a^t 


4.3  -  Misalignment  influence 

The  simulation  results  reported  in 
figure  9  confirm  the  initial  fibers  misa¬ 
lignment  effect  on  unidirectional  compres¬ 
sive  failure.  In  the  JLn  ~  A fTV  formu¬ 
lation,  the  slope  "A"  decreases  as  the 
misalignment  Increases. 

On  the  other  hand,  when  the  global  shear 
ruine  mode  becomes  dominant.  Tor  high 
values  of  *Ty  ,  we  only  notice  a  slight 
difference  of  the  two  fibe'-t  arrangement 


/(Jy  (MPa) 


Figure  9  -  Slope  A  dependence  of  the 
fibers  misalignment 
di stribution. 

4.4  -  Resin  modulus  influence 

A  parametric  study  has  been  performed 
taking  the  reference  case  N°  1  of  misa¬ 
lignment  and  3  e 1 asto- pi ast i c  matrices 
with  the  following  Young  modulus  : 

Er’  =  2600  MPa 

Er  =  3800  MPa  (reference  cose) 

Er"  =  5000  MPa 

As  expected,  the  linear  buckling  limit  is 
increasing  with  the  resin  modulus,  as  G., 
is  matrix  dominated. 

But  foV  lower  values  of  matrix  yield 
stress,  figure  10  suggests  that  the  resin 
modulus  has  a  very  small  effect  on  the 
slope  "A”  of  the  relationship 


Unidirectiona*  laminate  compressive  stress  value  of  the  global 
Duckling  instability  for  a  given  res")  yield  stress  square  root 
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figure  10  -  Resir,  modulus  influence. 
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4.5  -  Matrix  properties  requirements 
Indications 

The  analysis  of  the  previous  simulations 
leads  to  the  following  comments  in  the 
perspective  to  give  matrix  mechanical 
requirements  to  improve  composite  compres¬ 
sive  strength  : 

-  Preliminary  :  the  fibers  misalignment 
has  an  Important  role,  but  we  will 
consider  it  as  an  Imposed  parameter.  It 
would  be  very  difficult  at  this  point  to 
control  the  fibers  placeme'  through  all 
the  manufacturing  operation... 

-  If  we  consider  that  current  carbon 

composites  exhibit  a  / ■£.%  ratio  in 

the  range  of  4,  the  governing  failure 
models  deflnetely  described  by  ** 

,  being  Independent  of  the  resin 
modulus  (see  figure  10). 

-  So,  an  increase  of  matrix  yield  stress 
will  Increase  the  unidirectional  lami¬ 
nates  0°  compressive  strength. 


(or  epoxy  and  BMI  systems 
O*  COMPRESSION  FAILURE  STRESS  (MPa) 


25* 

(MPa) 

•  IMT  +  T 300  *  M40-M60  X  T400  0  I  Me  A  AS4 


5  -  COMPARISON  WITH  COMPOSITE  MATERIALS 
OATAS 

In  order  to  gather  a  great  numoer  of 
combinations  of  and  square  root  of 

STy ,  we  again  mixed  several  materials  in 
different  hygrothermal  states.  According 
to  the  same  sources  as  figure  3,  and 
because  the  litterature  is  very  poor  in 
resin  yield  stress  values  at  different 
ageings,  we  plotted  the  short  beam  shear 
strength  instead  of  Hy  (withTTy 

« ).  This  interlaminar  failure  is 
matrix  dominated  and  appendix  E  suggests  a 
strong  correlation  between  TCy  end  Z»9KO  '■ 
'*■*  +  45"  (WIl)  is 

a  goodmechanical  limit  value  for  our 
purpose,  because  within  the  composite  it 
covers  at  the  same  time,  resin  and 
fibre/matrix  interfacial  failures. 


In  spite  of  the  points  dispersion  on 
figure  11,  it  seems  that  the  experimental 

S2.KJ.*  £i  ~  **&*»-«' 


Remarks:  The  scatter  in  the  composite 
compressive  failure  values  can  be  attri¬ 
buted  to  : 


The  low  reliability  of  data,  according 
to  the  difficult  compressive  test 
procedures  t 71  and  the  "laboratory 
effect"  t  8]  . 


.  Not  measured  and  probably  different 
initial  fib’rs  misalignments. 


Figure  11  -  Litterature  experimental  data 

report  of  4&t(  and  re TO-gy 
value  of  various  carbon/resi n 
systems  in  different  hot/wet 
conditionnings. 

6  -  COHCLUSIOH 

Numerical  simulations  gave  a  powerful  1 
understanding  of  composite  compressive 
failure.  ^ 

As  long  as  the  ratio  -  <?i %  fJLn  will  be 
very  superior  to  1,  (factor  of  4  to  5  for 
carbon/resin  materials),  the  resin  yield 
stress  will  have  to  be  significantly 
increased  to  improve  composite  compressive 
strength.  It  is  not  necessary  for  carbon 
reinforced  systems  to  work  on  the  resin 
modulus. 

In  order  to  address  resin  mechanical 
requirements  to  a  material  supplier,  it  is 
better  to  consider  the  short  beam  shear 
strength  information,  which  includes  resin 
and  fibre/matrix  interface  properties. 

The  challenge  is  going  to  be  very  impor¬ 
tant,  because  considering  a  square  root 
approximated  dependence  of  the  interla¬ 
minar  yield  shear  stress,  resin  elabora- 
tors  will  have  to  double  the  short  beam 
shear  strength  to  get  significant  0° 
composite  compressive  strength  impro¬ 
vement. 


7  -  PERSPECTIVES 
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APPENDIX  A 

Mechanical  characteristics  intervals  of 
typical  resins  used  in  commercial  compo¬ 
sites  for  structural  applications  (no 
aging  and  room  temperature). 


Isotropic  materials 

All  I 

Tensile  modulus 

3600  to  4000  MPa 

Poisson's  ratio 

0.3  to  0.35 

Tensile  failure  stress 

70  to  90  MPa 

Compressive  failure 

-170  to  -140  MPa 

stresse 

Shear  strength 

70  to  90  MPa 

APPENDIX  B 


Shear  instability  demonstration  of  a  body 
subjected  to  uniaxial  compressive  loading. 


The  free  energy  of  a  linear  elastic 
isotropic  material  can  be  written  as  . 


p!f)  ,  ,  pi’ 

>J{j  prestress  tensor 
|jL  lame  coefficients 


X  i  *  £**  4-  £ty  4  £«*. 

£**  *  £tf  ♦  da  *  Zdrz.  *■/£**  4  Z£*r 

Where  £.Sj  are  the  true  strains. 

£,t  ‘ 
e”  ■ 

Assumptions  : 

*  Plane  strain  u(x,z)  ;  v  =  0  ;  w(x,z) 

*  Prestress  :  Tz#z(  x,z)  *  constant 

*  w(x,zi  negligible  compare  to  u(x,z) 

Then  : 

fey)  --  t  ♦  LMem*gaf * 

£n*,^JL  IfhY 

l  hxJ 

£~  ,  i /*>7- 
ibj/ 

Sc1,  up  to  the  second  order  : 

Equilibrium  condition  :  “ 


Integrating  by  parts  : 

So,  at  each  point  in  the  volume,  we  have  : 

(ratify 

coss  of  ellipticity  leads  to  instability  : 

r  .  y. 


prestress  tensor 
Lame  coefficients 


"C y  Shear  stresa  (MPa) 


APPSKOIX  D 

Experimental  shear  stress-strain  behavior  of  industrialized  composite  resins 


CI6A  6EICY  914  : 


Shear  strain 


Oatas  from  :  Or  Favre,  ONERA  (F) 

Or  G'Seli,  Ccole  des  Hines  de  Nancy  (F). 
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SUMMARY 

The  purpose  was  to  experimentally 
demonstrate  the  validity  of  the 
conceptual  design  of  a  CFRP  stiffened 
panel  suitable  for  application  in  the 
unpresaurised  after  fuselage  of  a  niddle 
sise  aircraft.  Both  the  theoretical  and 
experimental  behaviour  has  been  analysed 
taking  into  account  the  effect  of: 

-  Different  Materials 

-  Curvature 

-  Barely  Visible  Ispact  Damage 

-  Static  and  Fatigue  Loads 

Composite  msterials  with  stiff  fibers  of 
last  generation  coupled  with  toughened 
thermosetting  resin  system  were  used. 

1.  INTRODUCTION 

The  topics  discussed  in  this  paper  are 
part  of  the  work  performed  .t  ALENIA 
Company  as  part  of  the  Cooperative 
Technology  Development  Program  on 
Advanced  Composites  between  Douglas 
Aircraft  Company  and  ALENIA.  One  of 
main  objectives  of  this  Cooperation 
Program  was  to  develop  new  manufacturing 
technologies  and  to  study  structural 
solutions  adequate  for  the  unprensurlsed 
APT  Fuselage  of  a  medium  slsed  transport 
aircraft. 

The  paper  will  deal  with  the  behaviour 
under  compression  loads  of  stiffened 
panel  selected  like  typical  one  for 
AFT  Fuselage. 

After  an  investigation  between  several 
types  of  stiffeners  to  be  used  for  the 
typical  panel,  comparing  manufacturing 
costs,  weight  -  savings  and 
structural  risks  characteristics 
the  bead  stiffener  was  chosen 
producing  the  better  compromise. 

In  this  case  a  design  no  buckled  at 
ultimate  load  was  preferred  because  the 
methods  to  predict  delaminations  after 
panel  buckling  are  up  to  now  little 
reliable. 

Finally  the  configuration  shown  in 
Fig.  1  was  defined;  it  consists  of  a 
cocured  bead  stiffened  panel  designed 
no  buckling  up  to  ultimate  load. 

At  this  point  the  principal  target  was 
to  Investigate  its  buckling  behaviour 
under  compression  loads  and  at  the  same 
time  to  verify  the  theoretical  buckling 


prediction  obtained  by  a  specific  code 
called  -BEADaoar  developed  in  Douglas. 
This  was  realised  through  a  tests 
program  on  flat  and  curved  panels 
subjected  to  both  static  and  fatigue 
loading. Some  panels  were 
damaged  by  lapsCts  in  such  way 
to  have  barely  visible  damage*  in 
order  to  verify  their  influence  on 
buckling  threshold,  in  accordance  with 
the  certification  requirements  which 
want  a  composite  structure  to  withstand 
ultimate  loads  in  presence  of  not  - 
visible  taped  damages. 

2.  TEST  ARTICLE  DESCRIPTION 

Two  panel  configurations  were  tested, 
they  have  the  same  characteristics 
except  that  om*  is  flat  and  the  other 
is  curved.  Is  Fig.  2  are  shown  some 
sketches  of  panel s. They  ar*  constituted 
by  skin,  S  beads  oocsred  with  skin  in 
the  same  cur*  cycle  and  two  frames 
sections  shaped  X  connected  to  skin  by 
shear  ties.  The  junction  frame/ shear  tie 
and  shear  tle/akln  is  obtained  by  hy 
locks. 

The  two  frames  sections  are  provided  to 
generate  a  stabilising  effect  on 
longerons  as  much  as  is  realistically 
possible.  In  order  to  allow  a  realistic 
comparison  between  theoretical  and 
experimental  results,  the  test  articles 
height  was  defined  to  have  instability 
at  the  sane  load  calculated  in  the 
analysis  of  fuselage  compression  panels 
using  an  end  fixity  coefficient  equal 
2.0.  The  compression  load  was  applied 
by  potted  end  surfaces  to  avoid 
incoming  effects.  Alluminem  frame 
(6061  Alloy)  surrouadsd  the  potting 
block. 

3.  MATERIALS 

Two  CFRP  materials,  in  form  both  tap* 
and  fabric  belonging  to  the  last 
generation  of  composite 
materials  were  used. Both  aaterials 
were  characterised  by 
stiff  fibers  and  toughened 
thermosetting  resin  system. 

The  Tab.  1  shows  in  detail  the 
types  of  material. 

4.  TESTS 

The  Tab.  2  shows  the  tests  performed 
taking  into  account  that  for  each  type 


of  teat  X  panel  wee  proved. 

STATIC  TESTS 

The  purpose  of  the  static  test  plan 
was  to  demonstrate: 

1)  The  panel  is  able  to  withstand  the 
required  design  ultimade  load. 

2)  The  curvature  effect  respect  to 
flat  panels. 

3)  The  reliability  of  the  theoretical 
analysis. 

4)  The  panel  withstands  the  static 
ultimate  load  in  presence  of  barely 
visible  impact  damage  (8VI0). 

5)  the  panel  withstands  the  design 
limit  load  in  presence  of  visible 
impact  damage  (VID). 

At  this  purpose  the  principal  target  was 
to  determine  the  buckling  load  of  the 
panels  under  compression  loads. 

The  load  was  determined  analysing  the 
straingage  plots  (see  fig.  3-4-S-6-7-8) 
obtained  by  measures  performed  in 
the  locations  given  in  Fig.  9. 

DAMAGES 

The  damage  tolerance  features  of  the 
bead  stiffened  panels  ware  also 
investigated  by  compression  static 
and  fatigue  tests  on  damaged  panels 
by  impact. 

Both  the  barely  visible  impact  damage 
(BVID)  and  the  visible  one  (VID)  were 
considered, assuming  that  the  BVID  were 
correspondent  to  damaqe  with  an 
indentation  between  0.3  and  0.5  mm 
while  VID  is  higher  than  0.5  mm. 

Stress  analysis  considerations  have 
singled  out  like  critical  location 
for  the  damage  (in  terms  of  strength 
after  impact)  the  outer  skin  area 
correspondent  to  bead  flange/ skin 
bonding  (see  Fig.  9). 

At  this  purpose  a  preliminary 
investigation,  on  already  failed  panels, 
was  performed  to  define  the 
opportune  impact  energy. 

The  impact  energies  found  are  shown  by 
Tab.  3.  These  energies  were  used 
to  impact  the  panels  to  test  In  presence 
of  damages. 

The  lmpactor  head  had  12.7  am  diameter 
hemispherical  steel  tip. 

FATIGUE  TEST 

The  purpose  of  compression  fatigue 
test  was  to  demonstrate  the  fatigue 
damage  tolerance  of  this  specific 
design  in  presence  of  BVID. 

The  spectrum  applied  is  given  in  Fig. 10. 
It  represents  about  2  lifetimes.  Bach 
10  load  blocks  the  panel  was 
loaded  up  to  static  limit  load  to  read 
the  strains  In  order  to  control  possible 
variations  of  panel  global  stiffnes. 

Thus  the  fatigue  test  was  very  heavy 
because  4  static  limit  loads 
were  applied  in  addition 
to  the  fatigue  cycles  during 
test. 

At  the  end  of  fatigue  test  the  panel 


was  tested  in  static  way  to  evaluate 
the  residual  static  strength. 

5.  RESULTS 

-  COMPRESSION  STATIC  TESTS 

The  results  are  given  in  Tab.  4.  They 
are  three  different  types  of  results: 

Compression  Initial  Buckling  Loads  - 
Theoretical  Results: 

They  have  been  obtained  using  the 
"beadbuck"  code.  This  program  calculates 
the  general  and  local  critical  buckling 
loads  of  a  non-anisotropic  flat  "bead" 
stiffened  panel  with  four  sides 
simply-supported.  The  effects  of  the 
bead  stiffener  are  included  in  this 
analysis. 

The  geoMtry  of  the  panel  used  as  input 
to  the  program  is  given  in  Fig. 11. 

Compression  Initial  Buckling  Loads  - 
Experimental  Results: 

They  have  been  evaluated  by  straingage 
plots.  The  buckling  load  was 
always  recognized  at  that  load  where 
first  a  straingage  loses  the  linear 
behaviour  (initial  buckling  load). 

This  analysis  was  been  also  supported 
by  vision  of  the  tests. 

Compression  Ultimate  Failure  Load: 

They  are  the  loads  at  which  the  panels 
obtained  catastrophic  failure. 

-  COMPRESSION  FATIGUE  TEST 

The  results  given  in  Tab.  5  are  the 
strain  measures  performed  each  1.0  load 
blocks  appling  the  design  limit  load 
in  static  way. 

The  Fig. 12  shows  the  results  of  residual 
static  strenght  test  performed  at  the 
end  of  fatigue  test. 

6.  DISCUSSION 
STATIC  TESTS 

-  Buckling  load 

The  definition  of  the  buckling  load 
for  all  panels  was  characterised  from 
the  some  stra ingages, those  located  on 
the  portion  of  outside  akin  under 
beads  (N. 2-5-6  for  B-C-D-E-P  panels 
and  7-6-10  for  A  panel). 

In  this  way  it  seems  that  the  buckling 
load  of  this  panel  type  coincides  with 
the  buckling  load  of  the  skin  strips 
under  the  beads.  The  behaviour  was 
confirmed  from  evidence  of  the 
teats  because  bumps  on  the  skin 
under  beads  were  seen  during 
the  test. 

In  any  case  both  CIBA  curved  panels 
intact  (A)  and  damaged  (D) 
exceeded  the  required  ultimate  load 
Fig. 13.  Considering  that  the  HERCULES 
material  is  stiffer  than  CIBA  one 
then  we  can  say  that  the  bead 
stiffened  cocured  panel  is  to  be  able 
to  withstand  compression  ultimate 
loads  also  in  BVID  condition. 


-  PMig>  effect 


7.  CONCLUSIONS 


During  the  tests  of  damaged  (BVID) 
panels  no  creaking  has  been  heard 
and  the  results  have  demonstrated 
that  BVID  doesn't  influence  the 
buckling  load.  On  the  contrary 
during  the  test  of  the  visible  damaged 
(VID)  panel  have  been  heard  a  lot  of 
creaking  that  witnessed  increase  of 
the  delamination  areas. 

The  CIBA  flat  damaged  panel  (C), 
as  it  can  be  seen  by  Pig. 13, 
exceeded  the  required  limit  load,  so 
we  can  say.since  the  panel  was  flat, 
that  a  curved  panel  in  presence  of 
VID  damage  withstands  the  compression 
limit  load. 

-  Theoretical  analysis 

Another  purpose  of  this  test  plan 
was  to  check  the  theoretical  program 
used  to  evaluate  the  buckling  load 
of  composite  flat  bead  stiffened 
panel  ( beadbuck ) . 

The  results  obtained  are  very  close 
to  the  experimental  values. 

The  outputs  of  code  given  in  Tab.  6-7 
show  that  the  "skin”  (skin  between  beads) 
buckling  load  is  close  but  lower 
than  "base"  (skin  under  beads) 
buckling  load.  The  experimental 
evidence  has  confirmed  these  results; 
infact  the  straingages  on  the  akin 
under  beads  and  those  located  back 
to  back  skin/bead  flange  signaled 
buckling  for  loads  almost  coincident. 
Bowever  the  code  has  demonstrated  to 
be  reliable  to  calculate  the  bucklinq 
load  for  this  panel  type. 

-  Curvature  effect 

Since  the  tests  demonstrated  that 
the  BVID  damage  doesn't  influence  the 
buckling  load,  then  comparing  the 
buckling  loads  of  the  two  CIBA  curved 
panels  (A  and  D)  with  the  CIBA 
flat  intact  panel (B),  the  curvature 
effect  can  be  estimated  equal  to 
♦10%. 

-  Different  materials 

The  results  given  in  Tab.  4  show 
clearly  the  Hercules  material  is  more 
stiff  than  CIBA  one. The  reason 
is  in  the  different  thickness  (tows  with 
higher  number  of  filaments)  of  fabric 
plies  used.  Infact  for  the  theoretical 
analysis  the  same  elastic  properties 
for  the  two  materials  have  been  used 
but  different  thickness  for  fabric 
plies  and  the  results  have  teen  close 
to  the  experimental  one. 

FATIGUE  TEST 

The  global  stiffness  of  the  panel  did 
not  change  after  the  fatigue  test  like 
the  straingage  readings  in  Tab.  S 
witness. 

The  panel  showed  good  damage  tolerance 
features  compared  to  BVID. 

The  delamination  widths  stopped 
after  an  initial  growth,  thus  the  panel 
showed  the  expected  design  features 
after  fatigue  test:  to  be  no  buckling 
at  ultimate  load. 


Different  Composite  panels  flat  and 
curved  have  been  tested  in  compression 
to  check  a  new  coof iquratioa  (bead 
stiffened  cocured  panel)  for  a  typical 
panel  to  use  in  an  aft  fuselage  of  a 
medium  sized  transport  aircraft. 

The  conclusion  are  summarized  in  the 
following: 

The  curvature  effect  increases  the 
buckling  load  of  the  flat  panel 
approximately  *10%. 

The  results  obtained  demonstrate  the 
reliability  of  the  theoretical  buckling 
analysis  (beadbuck  code)  for  the  bead 
stiffened  panels. 

The  damaged  panels  tests  have  shown  no 
effect  of  the  (BVID)  barely  visible 
impact  damage  on  the  ultimate  buckling 
load  and  that  the  (VID)  visible  impact 
damage  decreases  the  buckling 
load  of  panel  but  this  is  still  able 
to  withstand  the  limit  load. 

There  is  not  fatigue  damage  also  in 
presence  of  BVID. After  fatigue  test 
(2  lifetimes)  the  bead  stiffened  panel 
keeps  the  initial  global  stiffness 
and  the  static  strength  capability. 
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PANEL  TYPE 

MATERIAL 

DAMAGE  Ti?E 

IMPACT  ENERGY 

c:jlei 

CURVED  CIBn 

T800/6376C 

BV1D 

19 

FLAT  CIBA 

T800/6376C 

V!D 

24 

FLAT  HERCULES 

IU7/85S1-7 

BVID 

24 

Tab. 3  IMPACT  ENERGY  USED  ON  PANELS 
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Fig. 10  LOAD  SPECTRUM  FOR  f  AT  1  CUE  TEST 
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Note:  the  (  )  are  the  panel  codei  (see  Tab.2). 


Tab.  4  COMPRESSION  STATIC  TEST  RESULTS 
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Fig. 11  INPUT  GEOMETRY  TO  BEADBUCK  COOE 
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Tab. 5  STRAIN  MEASUREMENTS  DURING  FATIGUE  TEST 


(POISSON’S  EXPANSION  ALLOWED) 

LOCAL  AND  GENEHAL  BUCKLING  SHEAR  BUCKLING 

NORMALIZED  TO  COLUMN  LOAD  NORMALISED  TO  COLUMN  LOAD 


BASE 

Nx  = 

J9.35 

Kq/mm 

BASE 

Nxy  » 

49.48  Kg/ 

SKIN 

Nx  = 

37.25 

Kq/mm 

SKIN 

Nxy  ■ 

35.09  Kg/ 

BEAD 

Nx  = 

95.34 

Kq/mm 

GENERAL 

Nxy  * 

149.95  Kg/ 

GENERAL 

Nx  = 

54.80 

Kq/mm 

STRAIN  =  2880.  MICRO  mm/ mm  AT  Nx  -  37.25  Kq/mm 


Tab. fa  Cl BA  PANEL  BEAD BUCK  CODE  OUTPUT 


(POISSON'S  EXPANSION  A  MOWED) 


LOCAL  AND  GENERAL  BUCKLING 
NORMALIZED  TO  COLUMN  LOAD 


SHEAR  BUCKLING 
NORMALIZED  TO  COLUMN  LOAD 


BASE  Nx  = 
SKIN  Nx  = 
BEAD  Nx  * 
GENERAL  Nx  ^ 


41.74  Kg/I 
40.02  Kq/l 
113.34  Kg/i 
60.45  Kg/a 


BASE  Nxy 
SKIN  Nxy 
GENERAL  Nxy 


50.85  Kg/l 
35.98  Kg/a 
168.98  Kg/a 


STRAIN  =  2952.  MICRO  mm/mm  AT  Nx  =  40.02  Kg/a 


Tab./  HERCULES  PANEL  -  BEADBUCK  CODE  OUTPUT 
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Fig. 12  RESIDUAL  STRENGTH  AFTER  FATIGUE  TEST 
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AN  OVERVIEW  OF  CONCERNS  RELATING  TO  FLUID  EFFECTS  ON  COMPOSITES 

GEOFFREY  A  WRIGHT 
Materials  and  Development  Department 
BRITISH  AEROSPACE 
Wanon,  Preston,  Lancashire,  UK 


SUMMARY 

The  effect  of  the  interaction  of  fluids  and  the 
environment  on  composite  fibre/resin  systems  plays 
an  important  role  in  determining  the  suitability  ano  the 
design  values  used  for  these  materials.  This  paper 
provides  a  brief  overview  of  the  questions  posed  by 
the  designer  and  the  materials  engineer  and  looks  at 
the  test  methodologies  employed  to  determine 
answers  to  these  questions.  The  advantages  for 
standardisation  of  these  flukyenvironment  exposure 
regimes,  together  with  agreement  on  the  range  and 
extent  of  the  follow-up  test  methods,  is  examined. 


1.  INTRODUCTION 

Material  and  Structural  Engineers  are  concerned  with 
the  interaction  of  fluids  and  the  environment  with 
aerospaoe  materials  as  a  necessary  part  of  their 
optimisation  and  selection  prooess.  The  increasing 
use  of  organic  materials  for  primary  structural 
applications  has  accelerated  the  necessity  for 
evaluation  and  understanding  of  these  effects. 

The  interaction  between  fluids  and  polymeric 
materials  is  extremely  complex  and  has  been  the 
subject  of  many  thousands  of  scientific  papers  with 
many  theories  put  forward  to  explain  the  mechanisms 
at  .cfc 

From  the  aerospace  material  engineering  and  design 
view  die  answers  to  a  number  of  questions  are 
sought  These  relate 

o  What  effects  do  each  of  the  fluids  have  on  the 
polymer? 

o  What  effect  do  they  play  on  the  thermal  stability  of 
the  polymer? 

o  What  are  the  long  term  effects  of  fluid 
contaminants? 

o  What  effect  do  thermal  spikes  and  stress  have  on 
the  flukVpolymer  properties? 

o  Are  the  fluid  effects  reversible? 

o  How,  if  possible,  can  we  alleviate  these  effects? 

Following  on  from  these,  further  questions  relating  to 
the  means  of  assessing  these  effects  need  to  be 
answered  and  the  need  for  agreement  and 
standardisation  of  test  procedures  requires  to  be 


achieved.  In  particular  the  toftowing  points  need  to  be 
addressed:- 


At  the  end  ot  the  day,  we  must  be  in  a  position  to 
translate  the  above  results  into  Design  data  and  have 
the  ability  to  predict  the  implications  of  supplementary 
protective  treatments. 


This  has  been  demonstrated  to  result  in  a  reduction  in 
the  Glass  Transition  value  (Tg)  of  a  composite  by  as 
much  as  50°C  compared  to  the  Tg  of  the  dry 
oomposito.  Other  composite  properties  which  can  be 
affected  are  yield  stress  and  modulus,  ductility  and 
dielectric  properties. 


Repeated  absorption  of  fluids  followed  by  drying  can 
result  in  microcracking  and  other  types  of  mechanical 
degradation. 


Absorption  of  fluids  can  Mack  the  fibrefresin  interface 
which  in  some  cases  can  be  irreversibly  weakened. 
The  interface  can  Mao  offer  a  primary  route  for  the 
penetration  of  fluids  into  continuous  fibre  composite 
materials. 


The  interaction  of  some  fluids  can  cause  hydrolysis  of, 
or  chemical  reaction  with,  the  polymer.  This  wifl  result 
in  the  degradation  of  tie  composite  properties.  An 
example  of  this  is  the  effect  of  attains  fluids  on  imide 
and  BMI  systems  where  the  resin  system  is 
irreversibly  degraded. 


2.  MATERIAL  EFFECTS 

Aside  from  dimensional  changes  which  occur  when 
the  fluid  is  absorbed,  other  effects  can  also  be 
observed.  Typical  of  trese  are:- 

2.1  Ptasticisation 


22  Microcracking 


2.3  FibrefResin  Interface  Bleed 


2.4  Polymer  Degradation 


o  Specimen  configuration, 
o  Fluid  selections, 
o  Exposure  conditions, 
o  Duration  of  exposure, 
o  Test  i 
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3.  AEROSPACE  FLUIDS 

Having  looked  at  some  of  the  effects  that  fluids  can 
impart  to  composite  materials,  the  designer  and  the 
materials  specialist  must  establish  the  integrity  of  a 
selected  material  with  the  various  fluids  with  which  it 
will  come  into  contact  during  its  service  life.  This  is  not 
so  dear  cut  a  procedure  as  the  problem  may  seem. 
Examination  of  a  typical  aircraft  design,  Eurofighter, 
indicates  that  the  composite  material  can  come  into 
contact  with  some  40  plus  fluid  types  which  include; 
fuel,  oils,  greases,  heat  transfer  fluids,  hydraulic  fluids 
and  cleaning  fluids,  not  including  naturally  occurring 
fluids  eg  rain,  salt  spray  and  biological  fluids,  and,  in 
the  case  of  military  aircraft,  warfare  fluids,  eg  gun 
gases,  warfare  agents  etc. 

Further  analysis  of  the  types  of  fluid  involved  indicate 
that  the  majority  of  these  are  related  to  specifications 
based  on  the  performance  of  the  fluid  and  not  on  the 
chemical  constituents  of  the  fluid.  To  demonstrate  the 
problems  that  this  can  engender,  I  quote  an  extract 
from  British  Standard  G100  (Ref  1)  which  is  also 
being  considered  for  an  equivalent  AECMA 
specification. 

“Standard  test  fluids 

Test  results  obtained  from  a  number  of  sources  over 
a  considerable  period  of  time  haw  shown  dearly  that, 
in  many  cases,  widely  varying  results  can  be  obtained 
when  using  fluids  which  are  used  in  service.  The 
practice  of  specifying  finds  based  on  performance 
criteria  rather  than  their  constituents  can  mean 
variations  in  test  results  between  batches  of  the  fluid 
obtained  horn  different  manufacturers,  or  even  from 
the  same  manufacturer. 

For  this  reason  titis  British  Standard  recommends  the 
use.  wherever  possible,  of  “standard  test  fluids  which 
are  speeded  by  their  constituents  and  contain  the 
chemicals  which  may  be  found  in  commonly  used 
fluids  The  chemical  constituents  of  the  »st  fluid  are 
considered  to  be  fltose  which  am  most  tike/y  to  affect 
the  performance  of  fle  test  specimen  and  can  be 
considered  as  “worst  case'  examples  for  each 
particular  test  fluid group  category. " 

A  similar  statement  also  appears  in  ISO  1817  (Ref  3) 
thus  the  problem  is  well  recognised.  If  we  can  tie  in 
these  Standard  fluids  to  represent  the  actual 
aerospace  fluids  used  then  the  airworthiness 
clearance  route  can  be  assured.  The  grouping  of  fluid 
types  represented  by  a  test  fluid  simulating  the  worst 
case  condition  win  also  result  in  a  reduction  in  the 
number  of  fluids  required  to  be  tested. 

The  drive  towards  the  use  of  standard  test  fluids  is 
therefore  progressing  both  within  ISO  and  within 


AECMA,  an  European  standards  organisation  (Ref  2). 

However,  this  in  itself  may  not  be  sufficient  to  o over 
an  aspects  of  the  Material  Engineers  and  the 
Designer  concerns.  Questions  stil  need  to  be 
resolved  relating  to  temperature  of  exposure,  duration 
and  the  effect  of  realistic  servioe  contaminants  of 
normal  fluids  eg  fueVwater  mixtures. 

Fig  1  shows  the  effect  of  temperaaire  on  in-plane 
shear  modulus  (a  matrix  dominated  property)  of  a 
thermoplastic  before  and  char  exposure  to  JP4  fuel 
The  large  reduction  in  modulus  above  80°C  of  the 
fuel  soaked  specimens  is  indicative  of  fluid  interaction 
effects  that  play  an  important  part  in  determining  the 
suitability  or  the  design  value  of  a  composite  material. 

On  top  of  al  this,  the  effectiveness  of  supplementary 
composite  protection  schemes,  eg  paint  coatings  and 
sealants  need,  to  be  assessed. 

The  disruptive  effect  of  water  on  fibre/resin  system 
properties  is  weN  documented,  thus,  one  of  the 
principal  environments  used  tor  evaluation  is  that  of 
moisture  conditioning.  To  achieve  moisture  uptake 
within  the  composite  a  wide  variety  of  accelerated 
conditions  have  been  employed  by  different  workers. 

Figure  2  indicates  the  response  rate  tor  moisture 
uptake  versus  time  for  two  different  exposure 
conditions.  Obviously  temperature  can  influence  the 
uptake  rate  for  moisture.  Ciba  914  resin  is  increased 
by  a  factor  of  5  simply  by  raising  the  temperature  from 
20°C  to  80°C,  however  a  limiting  factor  on  this  is  the 
need  to  adopt  regimes  which  maintain  the  absorption 
mechanism  (Rckian  behaviour)  to  ensure  that 
unrepresentative  degradation  mechanisms  do  not 
occur  (Ref  4  and  5).  Fig3  indicates  the  moisture 
uptake  response  rate  for  various  composite  laminate 
lay-up  configurations  and  Fig  4  shows  the  different 
uptake  rates  for  different  composite  systems.  These 
two  figures  go  to  show  that  exposure  regimes  based 
upon  fixed  time  durations,  without  pre-knowledge  of 
the  moisture  uptake  behaviour  of  the  system  under 
test,  can  lead  to  misleading  results  f  the  exposure 
duration  is  too  conservative.  A  methodology  has 
therefore  been  developed  whereby  environmental 
testing  within  practical  timescales  can  be  performed 
(Ref6).  Although  this  is  primarily  directed  towards 
structural  testing  the  procedure  is  equally  valid  for 
materials  testing  performance.  The  subject  of  thermal 
spiking,  both  to  elevated  and  sub-ambient 
temperatures,  is  also  addressed  at  Ref  6. 

Following  the  fluid  exposure,  the  selection  of  the 
range  and  types  of  follow-up  tests,  to  demonstrate  the 
fluid  effect,  needs  consideration.  Generally  these 
have  centred  around  interlaminar  shear  strength. 
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tensile  strength  compressive  strength  and  impact 
tests.  With  the  development  of  more  sensitive  thermal 
analysis  instrumentation  coupled  with  computer  based 
data  analysis  methods  an  additional  range  of  tools  is 
available  to  aid  the  engineer  in  the  evaluation  of  fluid 
effects.  As  an  example,  a  test  method  based  upon 
Thermo  Gravimetric  Analysis  (TGA)  coupled  with 
Evolved  Gas  Analysis  using  Mass  Spectrometry  has 
been  used  to  study  moisture  effects  on  a  BMVEpoxy 
resin  composite  (Ref  7). 

Examination  of  the  environmental  exposure  regimes 
used  by  a  wide  range  of  aerospace  and  composite 
manufactures,  and  the  subsequent  range  and  type  of 
tests  employed  to  asses*  the  fluid  effects  indicate  that 
there  is  still  a  need  for  some  standardisation  of  these 
regimes  if  we  are  to  achieve  comparability  of 
techniques. 


4.  j.M.Whitney,  C. E-Browning.  Some  Anomalies 
associated  with  Moisture  Diffusion  in  Epoxy  Matrix 
Composite  Materials  ASTM  STP  658. 

5.  TACoHings.  S.M. Copley,  On  the  aooelerated 
ageing  of  CFRP.  Composites  VoL  14  No.  3  July  1983. 

6.  Environmental  Structural  Testing  RAE  Report 
88063  September  1968. 

7.  S.Lane  Unpublished  work. 


4.  CONCLUSION 

There  are  compelling  reasons  for  the  materials 
engineer  to  evaluate  fluid  interactions  with  composite 
materials.  Examination  of  design  reduction  factors  tor 
a  typical  intermediate  modulus,  toughened  resin 
system  (Fig  5)  indicates  the  importance  of 
environmental  effects,  especially  on  compressive 
strength  aspects. 

Agreement  on  the  selection  and  standardisation  of 
appropriate  test  methodologies  to  evaluate  the 
environmental  effects  by  aerospace  manufactures  will 
be  beneficial  both  to  the  aerospace  companies  and 
the  composite  manufacturer.  The  result  of  such  an 
agreement  would  be  to:> 

(i)  Reduce  costs  of  testing  with  differing  regimes. 

(ii)  Reduce  the  range  of  fluids  to  evaluate. 

(iii)  Allow  better  comparability  of  test  results 
emanating  from  differing  sources,  and 

(iv)  Allow  better  comparability  of  data  arising  from 
different  resin  systems. 
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FLUID  INTERACTIONS 
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Effect  of  lay-up  on  diffusion  behaviour 

Figure  3 


Water  Content  (wt.  2  of  Composite)  versus  time 
(conditioned  at  802  R.H.  /  80deg  C) 
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SUMiARV 

The  behaviour  of  an  advanced  toughened  epoxy  resin/ 
carbon  fiber  composite  material ,  Hercules  AS-4/8S52, 
in  contact  with  fuel  has  been  studied. 

Interlaminar  shear  strength  and  compression  strength 
tests  were  performed  on  unidirectional  specimens 
after  being  exposed  at  70*C  to  several  conditions, 
including  a  combined  exposure  to  JP8  and  Mater.  A 
correlation  betMeen  the  fluid  content  (eitner  fuel. 
Mater  or  a  mixture  of  both)  and  the  drop  in  the 
mechanical  properties  was  found.  However,  tests 
performed  on  multidirectional  specimens  inmersed 
in  several  JP8/additives  mixtures  and  subjected  to 
thermal  cycles  shoMed  no  variation  in  the  inter, 
laminar  shear  strength  values. 

The  exposure  to  fuel  or  to  fuel /additives  mixtures 
of  Impacted  samples  Mas  found  not  to  produce  any 
effect  in  the  damage  size  or  detectability.  Fuel 
leakage  tests  mere  conducted  on  impacted  panels 
subjected  to  pressure  and  results  are  presented. 

Finally,  the  growth  of  microorganisms  in  fuel /eater 
solutions  seemed  not  to  affect  the  material  Pro¬ 
perties,  as  deduced  from  some  mechanical  and 
microscopy  studies  carried  out  on  samples  exposed 
to  such  mixture. 

1.  INTRODUCTION 

The  design  of  some  carbon  fiber/epoxy  composite 
elements  of  civil  and  military  aircrafts  requires 
fuel  to  be  In  direct  contact  uith  structural  la¬ 
minates.  There  is,  therefore,  a  need  to  ascertain 
if  this  fluid  damages  the  composite.  Some  investi¬ 
gations  conducted  on  several  resin/fiber  systems 
have  shoun  little  or  no  influence  in  the  material 
properties  due  to  contact  Mith  fuel  [1-4], However, 
a  recent  study  [5]  has  reported  that  0*and  90* 
flexural  strength  values  of  three  thermoset  matrix 
composites  decrease  as  a  consecuence  of  the  expore 
to  fuel.  It  seems  that  the  effects  of  fluids  on 
these  materials  depend  largely  on  the  exposure  time 
and  conditions,  as  well  as  on  the  chemical  resis¬ 
tance  of  the  matrix  and  the  matrix-fiber  interface. 
Further,  a  realistic  approach  to  fuel  effects  has 
to  take  into  account  the  risk  of  combined  exposure 
to  fuel  and  Mater,  due  to  fuel  tank  sump  Mater,  as 
well  as  the  presence  of  additives,  such  as  anti- 
icing  or  anti-static,  in  fuel  mixtures.  The  growth 
of  microorganisms  in  fuel  tanks  has  been  ilso 
reported  tfi.H  being  necessary  to  investigate  their 
effects  in  the  composite  properties. 

In  this  paper  the  behaviour  of  an  advanced  toughened 
epoxy/carbon  fiber  comp"ite  material  (Hercules 
AS-4/8552)  in  contact  witn  fuel  is  reported. 


A  first  series  of  evaluations  was  performed  to 
determine  if  some  mechanical  properties  such  as 
interlaminar  shear  strength  (ILSS)  and  compression 
strength  could  be  affecteo  *»v  static  immersion  in 
JPG  and  in  JPG/water  at  7G*C.  Additional  I'.SS 
tests  were  carried  out  on  specimens  inmersed  in 
several  JP8/  additives  mixtures  and  subjected  to 
thermal  cycles  and  on  samples  exposed  to  fuel 
contaminated  by  microorganisms.  In  these  samples 
electron  microscopy  studies  were  also  performed  to 
analyze  if  some  surface  degradation  by 
microorganisms  takes  place. 

The  exposure  of  composite  wUerials  to  fuel  and/or 
water  may  cause  effect  not  only  on  the  matrix- 
dominant  mechanical  properties,  but  also  in  other 
properties,  such  as  impact  related  performances. 
Therefore,  tests  were  conducted  on  impacted  samples 
of  Hercules  AS-4/8552  to  determine  if  damage  growth 
or  penetration  of  fluids  in  the  damage  area  occur 
as  a  consecuence  of  the  exposure  to  fuel  and  thermal 
cycles.  Further,  impact  damage  mey  be  a  potential 
source  of  fuel  leakage.  It  has  been  reported  [8] 
that  impacted  samples  of  some  epoxy  resin/carbon 
fiber  composites  showed  fuel  leakage  after  a  very 
short  time  of  being  subjected  to  low  fuel  pressures. 
Thus, Impacted  panels  of  Hercules  AS-4/8552  were 
subjected  to  pressure  and  the  existence  of  fuel 
leakage  was  investigated. 


2.  EXPERIMENTAL  PROCEDURES 

2.1  Spocimons  preparation 

The  composite  material  selected  for  this  study  was 
Hercules  AS-4/8552  unidirectional  tape.  Specimens 
for  the  different  tests  were  cut  from  autoclave 
cured  panels  which  were  fabricated  using  standard 
lay-up  and  vacuiaa  bagging  procedures. 

2.2  Exposure  conditions 

Specimens  for  mechanical  tests  Mere  immersed  in 
the  fluids  and  fluid  mixtures  indicated  in 
Tahle-1. 

When  required,  the  temperature  of  the  fluids  was 
kept  constant  by  placing  the  fluid  containers  in 
an  oven.  The  weight  of  traveller  specimens  was 
controlled  by  weighing  then  periodically  on  an 
analytical  balance. 

Thermal  cycles  were  performed  in  an  automatical ly 
controlled  thermal  shock  chamber.  The  cycling  con¬ 
ditions  were  those  indicated  in  Figure-1. 

A  culture  of  the  following  microorganisms  was  made 
grow  in  a  JP8/water  mixture: 
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Tap  1 e- 1 :  Exposure  conditions 


EXPOSURE  CONDITION 

Fluid 

Temperature 

bWvln  1  Nnl  IUPFTT7 

A:  JP8 

70  °C 

8:  JP3  ♦  Water 

70  *C 

0.258  ml  of  water  in  1000  ml  of  disolution 

C:  Water 

70*C 

0:  A  ♦  C 

70  *C 

£:  3  *  C 

70*C 

■:  Water 

Thermal 

cycles 

G:  JP8  +  Water 

Thermal 

cycles 

0.258  c.l  of  water  in  1000  ml  of  disolution 

H:  JP8  ♦  Anti-icing 

Thermal 

cycles 

0.151  (in  volume)  of  anti-icing  8P 

I :  JP8  ♦  Anti-oxidant 

Thermal 

cycles 

23.9  mg  of  anti-oxidant  HI1EC  4733  in 

1000  ml  of  disolution 

J:  JP8  ♦  Anti-static 

Thermal 

cycles 

1.07  mg  of  anti-static  ASA-3  in 

1000  ml  of  di solution 

K:  JP8  ♦  Anti-fungi 

Thermal 

cycles 

50.3  mg  of  anti-fungi  BIOSOR  in 

1000  ml  of  di solution 

(1)  AS  PER  ASTM-D-1655  and  0ER0  2494 

-  Claudospori  un  resinae 

-  Fusarium  s.p. 

-  Pen ici Ilium  s.p. 

-  MicroCOCCUS  S.p. 

•  Pseudomonas  s.p. 

-  Alcaligenes  s.p. 

-  H-4  yeast 

-  H-5  yeast 

The  exposure  of  specimens  to  this  solution  was 
carried  out  in  containers  placed  in  an  environmental 
chamber  regulated  at  28*C  and  351  of  relative 
hunidity. 


2.3  Mechanical  tests 

I'.SS  measurements  were  performed  on  two  different 
types  of  specimens: 

-  Unidirectional  specimens  following  the  standards 
ASTM  02344  and  Pr  EN  2563  (AECMA). 

-  Multidirectional  specimens  made  with  20  plies 
and  a  quas i- isotropic  lay-up  ([ *45/ -45/0/-45/ 
♦45/0/-45/0/0/]s ) .  The  nominal  dimensions  were 
32  mm  x  25  mm  x  3.6  mm. 

Compression  tests  were  performed  on  unidirectional 
Specimens  following  the  ASTM  0695  standard. 

rhe  t .'St  machine  used  to  measure  these  prope-“ies 
was  n  instron  1185. 

Tests  were  pe-formed  at  70 °C.  All  the  conditioned 
specimens  were  tested  after  oemg  wiped  and  allowed 
to  stabilize  at  this  temperature  for  5*1  minutes. 


Impact  tests  were  carried  O"  on  24  plies  quasi¬ 
isotropic  specimens  with  a  lay-up  sequence  of 
[ ( -45/90/+45/0 ) 3]  .  The  nominal  dimensions  were 
152  nw  x  102  wi  <  4  urn..  Impact  energies  ranging 
from  1  J/mm  to  12.5  J/mm  were  used  and  the  impact 
device  was  a  vertical  dropping  weight  machine  with 
a  semispherical  impactor  tip  of  15.9  t  1.0  mm 
diameter  and  4.5  kg  weight. 

Once  impacted,  the  samples  were  inspected  using  an 
automatic  scanning  equipment  Versiscan  with  C-Scan 
records. 

Tne  fuel  leakage  tests  on  impacted  sample.,  were 
performed  at  0.34  N/mm?  (5  p.s.i.)  using  the 
pressurizing  device  described  in  Figure-2. 


•  70»C 


Fiqure-1:  Thermal  cycle  useo  for  the  exposure  of 
multidirectional  I'.SS  specimens. 
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Figure-2:  Pressurizing  Fixture  for  fuel  leakage 
tests. 


2.4  Microscopy  studies 

Samples  were  metaiized  by  sputtering  with  Au-Pd 
for  30  seconds  and  subsequently  observed  in  a 
Hitachi  S-570  scanning  electron  microscope  (SEM). 
When  required,  the  samples  surfaces  were  cleaned 
by  immersion  in  acetone  for  3  minutes  in  an 
ultrasonic  bath. 


3.  RESULTS  ANO  DISCUSSION 

To  determine  the  effect  of  the  exposure  to  fuel 
and  to  fuel/water  on  the  mechanical  properties  of 
the  material,  unidirectional  I'.SS  and  compression 
strength  specimens  were  irmersed  in  the  conditions 
A  to  E  shown  in  Table-1.  These  conditions  were 
Chosen  in  order  to  take  into  account  the  risk  of 
combined  exposure  to  fuel  and  water  a-d  the  fact 
that  fuel  can  carry  a  small  amount  of  dissolved 
water. 

Tne  weight  gain  on  the  travellers  was  determined 
as  a  function  of  time  and  tests  were  performed 
when  the  travellers  reached  the  equilibria  fluid 
contents,  which  are  shown  in  Table-2.  Both  I'.SS 
sod  compression  travellers  reached  similar  fluid 
contents  under  conditions  A  and  8  (JP8  and  JP8  ♦ 
water).  These  fluid  contents  were  found  to  be 
lower  tnan  the  equilibria  water  content  absorbed 
by  the  travellers  wnen  exposed  to  water  at  70*C 
(condition  C). 

Similar  results  have  been  previously  obtained  [9] 
for  several  epoxy  resm/caroon  fiber  composites 
where  water  and  aviation  fluids  uptakes  were  com¬ 
paratively  studied.  These  results  seem  to  indicate 
that  the  affinity  of  resins  for  fuel  is  lower  than 
the  affinity  for  water.  In  fact,  when  ".pecimens 
previously  saturated  with  fuel  at  70°C  are  placed 
in  water  at  70*C  (conditions  0  and  E  of  Table-!) 
they  increase  tneir  weight  gain  up  to  a  new  equi¬ 
librium  level  (Table-2).  This  equilibrium  level, 
which  is  similar  for  botn  I'.SS  and  compression 
specimens,  is  lower  than  the  sum  of  the  individual 
A  ♦  C  or  8  ♦  C  conditions. 

The  results  of  the  mechanical  tests,  earned  out 
at  7u*C,  on  conditioned  and  reference  specimens 
are  summarized  in  Tible-3. 


Table-2:  Equi  I  ibrun  fluid  contents  of  mercules 
AS-4/9552  travellers  uncer  several  expo¬ 
sure  conditions. 


auio  CONTENT  <*> 

EXPOSURE 

CONDITIONS 

UNIDIRECTIONAL 
ILSS  TRAVELLERS 

COMPRESSION 

TRAvaLERS 

A:  JP8  (70°C) 

0.48 

0.61 

B:  JP8  *  water 

( 70°C) 

0.55 

0.55 

C:  Water  (70*0 

1.36 

1.41 

0:  A  ♦  C  (70“C) 

1.40 

1.47 

E:  8  ♦  C  ( 70®C) 

1.40 

1.47 

MOISTURE  CONTENT  (X) 

Reference: 

witnout 

conditioning 

C.20 

0.45 

These  results  show  a  decrease  in  the  I'.SS  values 
obtained  for  the  specimens  kept  under  conditions  A 
to  E  when  compared  to  reference  specimens.  This 
drop  is  less  pronounced  for  the  specimens  condi¬ 
tioned  in  JP8  and  in  JP8  *  water  than  for  the  rest 
of  the  specimens.  The  I'.SS  values  obtained  for  tne 
samples  under  these  conditions  are  very  similar, 
which  indicates  that  the  presence  of  a  small 
amount  of  water  in  the  fuel  does  not  seem  to  have 
any  influence.  Identically,  the  exposure  to  fuel 
previous  to  the  immersion  in  water  has  not  influence 
as  it  is  shown  oy  the  I'.SS  values  obtained  for  tne 
specimens  under  conditions  C,  0  and  E. 

The  compression  strength  values  decrease  in  tne 
samples  exposed  to  water  (condition  C)  or  to  fuel 
and  water  (conditions  0  and  E).  When  the  sample> 
have  oeen  exposed  only  to  fuel  (conditions  A  and  8) 
there  is  only  a  little  effect  on  the  compression 
strength  value,  compared  to  the  reference  one.  It 
has  to  be  remarked  that  the  fluid  contents  of  tne 
compression  specimens  after  being  exposed  to  con¬ 
ditions  A  and  8  are  only  a  bit  higher  than  the 
moisture  content  of  the  reference  specimens 
(Table-2). 

Table-3:  I'.SS  and  compression  strength  values 
obtained  at  70*C  of  Hercules  AS-4/8552 
after  being  exposed  to  conditions  A  to  E. 
Reference  values  are  me)  used. 


EXPOSURE  CONDITIONS 

(MI  DIRECTIONAL] 
ILSS  (N/mrn?) 

COMPRESSION 

STREN6TH 

InW) 

Reference: 

without  conditioning 

9b. 0 

1476.6 

A:  JP8  (70"C) 

89.4 

1404.8 

B:  JP8  *  water( 70"C . 

88.9 

1451.9 

C:  Water  (7J"C) 

68.5 

1268.8 

0:  A  ♦  C  (70*0 

70.6 

1333.3 

E:  8  *  C  ( 7j*c ) 

69.3 

1314.2 
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Tne  USS  and  compression  strengtn  values,  obtained 
at  70*C,  have  been  represented  versus  the  fluid 
content  of  the  specimens  (either  fuel,  water  or 
the  mixture  of  both)  (Figure-3).  It  can  (*•  observed 
that  both  mechanical  p<operties  decrease  as  a 
function  of  the  fluid  content  of  the  malarial.  The 
interactions  fuel -resin  ard  water-resin  seem  to 
produce  a  plasticization  of  the  material  which 
affects  the  mechanical  properties  in  the  same 
amount,  provided  that  the  fluid  contents  (either 
fuel  or  water)  of  the  specimens  are  tie  same.  A 
recent  study  [5]  carried  out  on  three  types  of 
epoxy  resin/carbon  fiber  composites  has  shown  a 
decrease  in  the  flexural  strength  of  specimens 
immersed  in  fuel  at  82*C,  but  this  nas  been  attri¬ 
buted  to  a  degradation  of  tne  matrix-fioer  inter¬ 
face  instead  of  a  matrix  plasticization. 

A  second  series  of  evaluations  was  performed  to 
ascertain  the  effect  of  the  exposure  to  different 
JP8/additive  mixtures  (conditions  G  to  <  of  Table-1) 
on  tne  ILSS  values. 

In  order  to  reproduce  as  close  as  possible  tne 
material  in  service  conditions,  I'.Ss  tests  were 
carried  out  on  coupons  with  a  quasi-isotropic 
configuration  (see  Experimental  Procedures)  similar 
to  the  one  used  in  the  fuel  tank  skin.  Further, 
the  samples  were  immersid  in  some  JP8/additive 
mixtures  and  suojected  to  thermal  cycles,  following 
the  scheme  shown  in.Figure-1. 

Table-4  shows  tne  I'.SS  values  at  70*C  obtained 
after  200  and  500  cycles.  No  changes  in  these 
values  can  be  observed,  when  compared  to  the 
reference  ones. 

From  these  experiments  it  can  be  concluded  that 
tne  I’.SS  is  affected  mainly  by  the  static  immersion 
o.  direct  contact  with  fuel  and/or  water  at  7u°C, 
while  tne  exposure  to  fuel  and  thermal  cycles  does 
not  produce  an  appreciable  variation  in  the  I'.SS 


Table-4:  I'.SS  values  obtained  at  70*C  of  Hercules 
AS-4/8552  after  being  immersed  i.i  JP8,' 
additive  mixtures  and  subjected  to  thermal 
cycles.  Reference  values  are  included. 


EXPOSURE  CONDITIONS 

NUM&Cft 

OF 

THERMAL 

CYCLES 

MULTIDIRECTIONAL 
ILSS  (N/a»2) 

Reference: 

witnout  conditioning 

— 

80.0 

G:  JP8  ♦  Water 

— ?tsu 

500 

36.0 

85.0 

H:  JP8  ♦  Anti-icing 

~ 

500 

32.3 

86.4 

I :  JP8  *  Anti-oxidant 

— too 

500 

78.5 

82.6 

J:  JP8  ♦  Anti-static 

2(30 

500 

82.4 

83.8 

<:  JP8  ♦  Anti-funyi 

— Jlo 

500 

82.1 

82.0 

values.  As  it  is  shown  in  Table-2,  the  moisture 
content  of  reference  specimens  are  only  sliyhtly 
lower  than  the  *uel  content  of  specimens  conditioned 
in  fuel  or  in  fuel  ♦  water  (conditions  A  and  B). 
Therefore,  the  fuel  content  of  specimens  under 
thermal  cycles,  instead  of  conditioned  at  70°C, 
could  be  expected  ti  be  similar  to  the  moisture 
content  of  the  reference  specimens.  This  fact  could 
explain  the  no  variation  of  the  obtained  I'.SS 
values. 

The  evolution  of  the  damage  area  in  impacted  panels 
immersed  in  water  and  in  fuel/additives  mixtures 
and  subjected  to  thermal  cycles  was  subsequently 
investigated.  For  that,  samples  were  impacted  at 
an  energy  of  12.5  J/mm  and  inspected  visually  and 
ultrasonical ly  to  evaluate  the  extent  of  damage. 
Then,  they  were  imnersed  in  fluids  F  to  K  (Table-1) 


FLUID  CONTENT  ('*’> 


Figure- 3:  Variation  of  I'.SS  and  compression  strength  values  of 

Hercules  AS-4/8552  as  a  function  of  the  fluid  content 
of  tne  specimens. 


Figure-4  S£M  pnotograpn  of  tne  surface  of  an  Hercules  AS-4/9552 
specimen  (a)  exposed  to  a  culture  of  microorganisms  in 
JP3/water  and  (0)  after  having  oeen  wiped  with  acetone. 


and  suojected  to  thermal  cycles,  as  tie  one  pre¬ 
sented  in  Figure-1.  Finally,  after  500  cycles,  tne 
samples  were  inspected  again. 

The  comparison  of  the  ultrasonic  C-Scan  records, 
Before  and  after  the  expo'ure,  snowed  no  variation 
in  tne  damage  area,  except  for  tne  samples  immersed 
in  water.  For  tnese  specimens  an  apparent  decrease 
of  the  damage  area  could  oe  ooserved  prooaoly  due 
to  trapped  water,  wnicn  acts  as  a  transmitter  of 
the  ultrasonic  wave.  In  fact,  wnen  tnese  samples 
were  subsequently  dried  in  an  oven  -t  70®C  tne 
damage  area  recovered  its  original  site. 

additional  tests  to  evaluate  tne  presence  of  fuel 
leaxage  tnrougn  tne  damage  area  were  conducted 
using  the  fixture  described  in  Figu re-2,  under  a 
nominal  pressure  of  0.34  N/mm^  (5  p.s.i.).  Samples 
impacted  at  several  energy  levels,  ranging  from 
1  J/mm  to  10  J/mm,  were  analyzed.  Fuel  leakage 
through  tne  damage  area  is  not  observed  in  panels 
impacted  at  3.3  u'/mm.  However,  at  an  energy  level 
of  6.6  J/mm  a  fuel  permeability  was  detected.  To 
properly  evaluate  these  results,  other  composite 
materials  with  resins  of  several  categories, 
including  not  toughened,  tougnened  and  oismaleimide 
resins,  were  tested.  All  yielded  comparable 
results,  witn  the  appareance  of  fuel  leaxage  a*  an 
impact  energy  of  6.6  J/mm.  It  has  bten  reported 
[10]  that  aluminium  panels  Show  a  similar  behaviour 

As  the  final  step  on  the  study  of  the  behaviour  of 
Hercules  AS-4/8552  in  contact  witn  fuel,  multi¬ 
directional  ILSS  and  impacted  specimens,  as  well 
as  some  samples  for  microscopy  studies,  were 
immersed  for  250  days  in  a  culture  of  microorga¬ 
nisms,  wnich  composition  has  been  described  in 
Experimental  Procedures,  and  kept  at  23°C  and 
35*  PH.  I'.SS  tests  at  70°C  were  performed  after 
tnis  period  and  an  average  value  of  76.4  h/mm2 
was  obtained,  wnicn  is  very  close  to  tne  value  ob¬ 
tained  for  tne  reference  specimens  (see  Table-4). 

On  tne  other  hand,  a  decrease  in  tne  damage  area 
of  tne  impacted  specimens  was  observed  after  tne 
exposure  to  tne  culture,  which  could  be  attributed 
to  trapped  water  i.i  tne  impacted  area.  As  >t  has 
been  previously  described,  after  drying  tne  sam¬ 
ples  in  an  oven  at  70“C  for  !5  days,  tne  original 
damage  area  was  recovered. 


Finally,  some  samples  immersed  in  tne  Culture  of 
microorganisms  were  Observed  Oy  scunmng  electron 
microscopy.  Tne  Surface  of  tne  specimens  appeared 
covered  by  microorganisms  (Figure-4a),  Out  after 
wiping  the  surface  witn  acetone,  no  damage  or  al¬ 
teration  of  tne  material  could  be  observed 
( F i gure-4b) . 

4.  COHCIUSIOHS 

Tne  effect  of  tne  exposure  to  fuel  on  the  necnam 
cal  properties  of  -‘ercules  AS-4/3552  nas  been  fnunj 
to  depend  on  tne  exposure  conditions.  Tnus,  static 
immersion  on  JP8  at  7J*C  produces  a  decrease  on 
tne  I'.SS  and  compression  strength  values  of  tnis 
material,  wmle  specimens  immersed  m  JP8/ 
additives  mixtures  at  tne  indicated  concentrations 
and  subjected  to  tnermai  cycles,  keep  practically 
invariable  tneir  I'.SS  value.  The  mecnanism  of  pro¬ 
perties  degradation  oy  tne  exposure  to  fuel  ap¬ 
pears  to  oe  a  plasticization  of  tne  matrix, 
directly  related,  therefore,  to  tie  fluid  content 
of  the  specimens. 

However,  the  drop  in  tne  mecnanical  properties  due 
to  tne  contact  with  fuel  nas  been  found  to  be  less 
pronounced  tnan  the  one  produced  by  tne  exposure 
to  water.  Tnis  can  oe  attributed  to  tne  higher  af¬ 
finity  of  tne  resi"  for  the  water  tnan  for  tne 
fuel  or  fuel  mixtures. 

Otner  properties,  suen  as  tne  damage  growtn  and 
detectability  in  impacted  samples,  are  not  affect¬ 
ed  by  tne  exposure  of  tne  material  to 
JP3/addi t i ves  mixtures  and  thermal  cycles.  Fuel 
leaxage  was  found  not  to  ta*e  place  m  panels  im¬ 
pacted  at  3.3  J/mrt.  At  an  energy  level  of  6.6  J/mm 
a  fuel  oermeaoility  was  detected.  This  Oen3viour 
is  similar  to  the  one  observed  in  otner  conponte 
materials  and  aljniniun  alloys. 

Tne  exposure  to  a  J?8/water  solution  where  a  cult¬ 
ure  of  microorganisms  was  made  grow  neither  caus 
es  any  effect  in  tne  material  properties. 

The  investigation  rupprted  nere,  covering  several 
aspects  of  the  material  performance  under  diffe¬ 
rent  exposure  conditions,  nas  snown  tne  suita¬ 
bility  of  Hercules  AS-4/d55^  for  tne  manufacturing 
of  structural  elements  m  direct  contact  witn  fuel 
and  fuel /additives  mut-res. 
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A  study  vaa  perforned  to  aaaaaa  the 
effect  of  galvanic  corroalon  phenonena  on 
the  atrengtb  of  graphita/blaaalelnlde( 8HI) 
conpoaltaa.  The  reeulta  Indicate  that 
degradation  ocurred  In  BHI  conpoaltaa 
galvanically  coupled  to  aiunlnun  alloye. 

The  aechealea  reaponelble  for  the 
degradation  lnvolvea  hydroxyl  Ion 
generation  In  the  cathodic  reaction. 

Optical  and  electron  alcroacopy  of  the 
eurfaca  of  coupled  apeclnena  abound  a  great 
deal  of  cracking  and  deterioration  of  the 
reeln.  Thla  phenonenon  la  thought  to  be 
aaaoclated  ulth  atreaaea  In  the  reeln 
lnpoeed  by  thernal  or  chanlcal  proceaaea. 
Theae  cracka  nay  be  an  Indication  that  Che 
nechanlan  of  degradation  la  not  alnply  the 
hydroxl  attack  on  the  reeln  but  a 
conblnatlon  of  chenlcal  and  aechanlcel 
attack.  Conposlte-alunlnun  naterlal 
couplea  uere  expound  to  aalt  water/ fuel 
solutions  and  to  aalt  apray  envlronneot  and 
then  conpoalte  propertlea  were  deternlned. 
Conventional  protection  acheeea  uere 
evaluated.  The  reaulta  Indicated  that  the 
perfornance  retention  waa  teat  epeclflc  and 
that  bearlog  teata  were  noac  sensitive  to 
the  galvanically  Induced  degradation. 
Significant  bearing  atrength  loaa  uaa  found 
when  the  protection  acheeea  failed.  In 
addition,  a  ayatenattc  atudy  of  the 
electrochealcal  condltlona  uhlch  uere  noat 
Inportant  In  control  of  the  degradation 
ratea  uaa  perforned. 


Introduction 


High  teaperature  coapoalt 
algnlflcant  weight  aavlnga  ove 
conventional  aaterlala  auch  aa 
tltanlua.  Inlde  baaed  coapoal 
only  organic  aatrlx  aaterlala 
been  denonstrated  for  appllcat 
149  C  (300  P)  to  288  C  (550  F) 
chenlcal  atructure  of  the  real 
the  naterlal  operating  teapera 
Polynera  baaed  on  blaaalelalde 
condensation  polylalde  chealat 
1)  have  been  developed  for  eng 
alrfraae  coapooenta.  In  aany 
tatde  baaed  conpoalte  la  In  dl 
with  ateel  or  eluatnua.  In  a 
laboratory  teat  prograa, 
graphlte/blaaalelalde  coapoalt 
In  aalt  water  while  In  contact 
were  obaerved  to  degrade.  Thi 
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reaultad  In  renoval  of  raaln  and 
delaalnatlon  of  the  conpoalte  within 
aeveral  daya. 

Bacauae  of  the  lnportance  of  polylalde 
conpoaltea  for  Navy  appllcatlone  a  prograa 
waa  Initiated  at  NADC  to  exaalne  the 
degradation  phenoaena.  The  Navy's  efforts 
have  focussed  on  evaluation  of  the  severity 
of  the  degradation  la  existing  and  energlng 
aircraft,  developaeat  of  a  aethodology  to 
altlgate  the  phenonenon  and  on 
Identification  of  the  degradation 
nachanlsna.  The  prograa  waa  perforned  In 
three  tasks,  specifically  salt  fog 
exposure,  cleaning  fluid  exposure  and 
alectrochanlstry .  Salt  fog  and  aalt  water 
exposures  were  used  to  evaluate  the 
severity  of  the  problen  and  to  evaluate 
currently  used  protection  schenes.  These 
experlnents  used  speclnen  designs  In  which 
conposltes  were  electrically  coupled  to 
aetal.  Electrochenlstry  experlnents  were 
used  to  assess  the  lnportance  of  specific 
exposure  variables  In  the  degradation 
process . 


Background 


The  effect  of  water  on  polyaer  aatrlx 
graphite  conposltes  In  the  fleet  la  a 
reduction  of  the  thernal  stability  of  the 
naterlal.  This  effect  la  a  well 
characterised  reversible  plast lclsat Ion 
process.  Moisture  la  also  known  to  cause 
corroalon  in  natal  aircraft  coaponents. 

The  Navy  spends  considerable  tine  and 
effort  on  corrosion  aalntenance  of  the 
aetel  alrcreft  In  the  shipboard 
envtronnent.  One  fora  of  corrosion  la 
caused  by  the  electrical  coupling  of  two 
dlaalnllsr  netala.  Galvanic  corroalon 
occurs  when  there  Is  a  difference  In  the 
electrical  potentials  of  two  conducting 
aaterlsls  exposed  in  a  corrosive  aolutlon. 
In  the  couple,  the  aorc  corrosion  resistant 
naterlal  beconea  the  cathode  where 
reduction  reactions  occur  while  the  other 
aor<  active  naterlal  beconea  the  anode 
where  oxidation  reactions  take  place.  The 
cathodic  reaction  that  occurs  depends  on 
the  aolutlon  conditions.  In  neutral  or 
basic  solutions,  the  reaction  la  the 
reduction  of  water  and  oxygen  to  produce 
hydroxyl  Iona.  Graphite  la  cathodic  to 
alualnua  and  ateel  and  conpoaltea  utilizing 
thla  type  of  re lnforcenent  will  cause 
corroalon  of  these  aetala  when  they  are 
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connected  electrically.  Thla  electrical 
coupling  in  atructural  coaponents  is 
ueually  accoapllshed  either  through  the 
taatenere  ueed  to  attach  coapotlte  skins 
to  aatal  substructure  or  through  adhesive 
bond  s . 

Graphite  coaposlte  driven  corrosion 
of  aircraft  atructural  alloys  has  been 
studied  previously.  Fischer  and 
DeLuccla(l)  aeasured  a  large  1  volt 
potential  difference  between 
g raph 1 t e / e poxy  coaposltes  and  7075 
alualnus  alloys.  This  potential  provided 
the  driving  force  for  extensive  corrosion 
of  the  alloy.  Nechanlcsl  testing  of  the 
couples  Indicated  that  the  corrosion  was 
responsible  tor  significant  strength  loss 
In  tha  alualnua  coaponents.  Additional 
efforts  have  exaalned  the  effectiveness 
of  various  protection  scheaes  for  the 
prevention  of  galvanic  corrosion. 
Thoapson,  White  and  Snlde(2)  reported 
that  protection  scheaes  which  consisted 
of  coatings  on  the  coaposlte  and  the 
aetal,  sealant  on  the  faying  surface  and 
around  the  fastener,  and  a  fiberglass 
barrier  ply  draaatlcally  reduced  the 
corrosion  found  In  unprotected  couples. 
These  authors  cautioned  that  the 
protection  scheaes  were  only  effective  If 
all  surfaces  were  coated  and  If  the 
sealant  layers  were  not  porous. 

Slallarly,  DeLuccla  and  Brown(3)  found 
that  Isolation  coatings  significantly 
reduced  the  galvanic  corrosion  Induced 
fatigue  strength  loss  In  alualnua  alloys. 
In  all  of  the  work  described  In  the 
literature  there  was  no  Indication  of 
degradation  of  the  epoxy  resins  used  In 
the  coaposlte. 

The  degradation  of  lalde  polyaers 
through  hydrolysis  by  aolsture  or  bases 
hes  been  studied  by  e  nusber  of  workers. 
Strong  bases  attack  the  lalde  jroup  In 
the  polyaer  structure  and  produce  aalc 
acid  salts  and  aaines  figure  2.  The  aost 
widely  studied  aaterlal  has  been  Kapton 
wire  Insulation.  Env 1 ronaental  factors 
such  as  teaperature,  stress,  aolsture 
concentration  and  basicity  have  all  been 
fouad  to  affect  degradation  rates.  The 
actual  aechanlsa  responsible  for  the 
degradation  observed  has  alto  been 
addressed.  Asklut(4)  node  lied  the 
degradation  phenoaena  with  an  arhennlus 
relationship  and  further  found  that  the 
strength  loss  In  the'  aaterlal  followed  an 
exponential  decay,  first  order  reaction 
type  response.  Wolf  and  Soloaan<5) 
showed  that  under  specific  exposure 
conditions,  hydrolysis  rates  could  be 
significantly  reduced  through  annealing 
of  the  polyaer  prior  to  exposure.  These 
authors  speculated  that  the  degradation 
could  be  a  nechanochealcal  process. 

Discussion  of  Experlaental  Results 


Evaluation  of  Galvanic  Degradation 

Processes 

Exposure  Speclaen  Study.  The 
Initial  ef  fort  In  the  prog  ran  was  the 
verification  of  the  results  reported 
regarding  the  degradation  phenoaena.  A 
set  of  speclaens  was  fabricated  with  U. 


S.  Polyaerlc  AS-4/V-378A  coupons 
connected  to  2024  T-6  alualnua  coupons  of 
the  saae  dlaenslons.  The  speclaen  size 
used  was  7.5  ca  x  1.25  ca  x  .2  ca  (8  ply 
q uas  1 1  sot roplc  laalnate).  The  coaposlte 
and  Al  were  tied  together  with  a  nylon 
string.  Three  saaples  were  placed  In 
glass  Jars  containing  various 
coabinatlons  of  JP-5  (Jet  fuel)  and  3.5Z 
HaCl  solution.  The  coabinatlons  Included 
a  50/50  atx  of  JP-5  and  neutral  salt 
water,  a  50/50  atx  of  JP-5  and  pH  2  salt 
water  and  a  jar  half  filled  with  neutral 
salt  water.  A  forth  jar  with  a  50/50  alx 
of  salt  water  and  JP-5  was  asde  up  with 
only  the  coaposlte  ssaple  In  It.  QThese 
jars  were  placed  In  an  oven  at  82  C 
(180  F).  The  jars  were  reaoved  at  24 
hour  Intervals  and  the  saaples  were 
observed.  The  total  exposure  period  was 
four  days. 

The  first  observation  regarding 
these  exposed  saaples  was  that  there  was 
degrsdatlon  of  the  coaposlte  in  a  short 
period  of  tlae.  The  type  of  attack 
varied  depending  on  the  nature  of  the 
solution.  Speclaens  In  water/fuel 
solutions  showed  an  effect  which  was 
concentrated  In  the  Interface  between  the 
fluids.  Over  a  period  of  tlae,  the 
affected  zone  grew  up  the  edge  and  In 
towards  the  center  of  the  speclaen. 
Speclaens  half  laaersed  In  water  showed  a 
aore  general  attack  over  the  portion  of 
the  speclaen  above  the  water  surface. 

All  of  the  degradation  occurred  on  the 
surface  opposite  the  anting  surface  of 
the  speclaens.  The  degradation  was 
evidenced  first  by  a  lightening  of  the 
surface  and  then  exposure  of  bare  fibers. 

The  saaple  exposed  to  the  pH  2 
solution  showed  slallar  degradation  to 
the  pH  7  exposed  saaple.  These  pH  2 
speclaens  were  not  expected  to  degrade  In 
the  saae  asnner  as  those  exposed  to 
neutral  water  since  the  nature  of  the 
reduction  reactions  In  acid  and  eutral 
solutions  are  different  and  also  because 
the  low  pH  solution  was  expected  to  react 
with  any  hydroxl  Ions.  A  aeasureaent  of 
the  pH  of  this  salt  solution  showed  that 
It  had  Increased  to  4.8  during  the 
exposure  tlae.  The  pH  Increased  due  to 
the  production  of  alualnua  hydroxide. 
These  observations  Indicate  that  hydroxyl 
attack  Is  not  the  only  laportant  feature 
of  the  degradation  phenoaena.  It  also 
shows  the  laportance  of  the  local 
solution  chealstry  i.e.;  the  chealstry  of 
the  envlronaent  where  degradation  occurs. 
In  the  saaples  exposed  to  only  sslt 
water,  the  degradation  did  not  appear  to 
oe  as  severe,  however  It  covered  a  auch 
larger  area  than  the  fuel  water  saaples. 
The  degradation  was  not  visible  until  48 
hours  of  exposure. 

The  second  observation  aade  was  that 
the  alualnua  attached  to  the  degraded 
coaposlte  speclaens  had  considerable 
surface  corrosion.  The  corrosion 
appeared  to  be  qualitatively  slallar  to 
that  reported  by  Fischer  and  De 
Luce  I  a  (  1 ) . 


After  4  days  of  exposure  the  seaples 
were  reaoved  froa  the  solutions  and 
Inspected  with  optical  and  scanning 
electron  alcro  sco  pjr  i  S  Eh  '  .  Exaalnaclon  of 
the  water/ fuel  exposed  speclaens  showed 
that  the  resla  had  been  coapletely 
reaoved  froa  the  fibers  on  the  surface  In 
the  acea  Just  above  the  Interface.  The 
resin  higher  up  the  speclaens  In  the  fuel 
phase  but  still  In  the  affected  rone  was 
cracked  and  fibers  were  visible  below  the 
surface.  SES  alcrographs  froa  three 
areas  are  shown  In  figure  3.  The 
speclaens  exposed  to  only  water  had  such 
less  exposed  fiber,  however  the  cracks 
and  chipped  resin  were  aore  visible  over 
the  surface.  The  resin  had  been  thinned 
down  a  great  deal  on  these  speclaens. 

SEHs  of  the  surface  of  the  water  fuel 
saaples  showeu  that  the  resla  was  heavily 
cracked  above  che  degraded  area,  figure 
3A.  Moving  down  tha  speclaen  a  large 
nuaber  of  rough  chips  were  observed  on 
the  surface  of  che  speclaen,  figures  38. 
Finally  In  the  area  of  greatest 
degradation  there  were  fibers  with  a  thin 
resin  coating,  bare  fibers  and  chips  of 
resin  visible,  figure  3C. 

The  laforaatlon  obtained  froa  these 
exposure  tests  does  not  allow 
quantitative  analysis  of  tha  degradation 
aechanlsa  to  be  provided.  There  are  aoae 
Insights  Into  the  aechanlsa  chat  can  be 
stated  based  on  the  observ  a-t  Ion  s  .  The 
degradation  of  chi  coupled  speclaens  was 
affected  by  the  foraatlon  of  hydroxyl 
Ions  at  the  cathode  In  the  galvanic  cell. 
In  the  speclaens  exposed  to  only  salt 
water  the  thin  layer  of  water  that 
condensed  on  the  surface  of  the  speclaen 
above  the  water  level  was  the 
electrolyte.  This  thin  layer  of  water 
provided  an  area  for  che  reaction  to 
proceed  and  allowed  the  hydroxide  loos  to 
concentrate  on  the  surface.  In  the  area 
below  the  water  the  hydroxide  Ions  were 
able  to  diffuse  away  froa  the  surface  and 
no  degradation  was  observed.  The  saaples 
exposed  to  Jet  fuel/salt  water  alxtures 
showed  a  concentrated  degradation.  This 
effect  was  due  to  a  concentration  of 
hydroxyl  Ions  and  oxygen  In  the  aeolscus 
between  the  water  and  fuel.  The  hydroxyl 
Ions  are  nearly  Insoluble  In  the  fual  and 
when  foraed  diffusa  down  to  the 
Interface.  The  fact  that  the  acid  water 
solution  caused  slallar  degradstion  to 
the  oeutral  solution  Indicates  that  the 
degradation  process  Is  driven  by  local 
chealcal  env  lronaents . 

Evaluation  of  Protection  Scheaes. 

The  next  set  of  experlaents  perfumed 
were  designed  to  evaluate  the 
effectiveness  of  currently  used 
protection  aethods  for  g r aph  1 1 e/ epoxy  - 
aecal  couples  for  che  prevention  of  8HI 
coaposlte  degradation.  The  procedure  Is 
outlined  In  Hll-F-7170.  The  protection 
scheaes  proposed  for  the  graphite/ 5. MI 
coapcsltes  consist  of  a  layer  of 
flberglass/BMI  cocuted  on  the  surface  of 
che  coaposlte  and  epoxy  prleer  on  the 
aatlng  surface  of  the  laalnate.  A 
sealant  Is  applied  to  the  eating  surface 
and  around  any  fasteners  in  the 
structure.  The  alualnua  In  cc  r.  tact  with 


graphite  reinforced  ccaposltes  is 
anodized  and  prlaed  with  epoxy  prlaer. 
There  were  three  screening  studies 
perforaed  which  exaalned  the  effect  of 
specific  protection  scheaes  on  coaposlte 
strength. 

The  first  set  of  speclaens 
fabricated  were  used  to  screen  paints  and 
sealants  for  their  ability  to  protect  the 
coaposlte  under  aggressive  exposure 
conditions.  Four  prlaers.  a  topcoat  and 
a  one  coat  prlaer/ topcoat  were  evaluated. 
The  coatings  evaluated  Included:  M1I.-P- 
233"  solvent  based  epoxy  prlaer,  MIL-?- 
35582  water  based  epoxy  prlaer.  loroflex 
flexible  epoxy  prlaer,  a  high  teaperature 
urethane  prlaer  Sesoto  825-009.  HIL-C- 
35235  urethane  topcoat  and  L'ntcoat,  a 
self  ptiaiag  top  coat  recently  developed 
at  SAOC.  The  coaposlte  speclaens  were  1* 
ply  (♦.-,0.0.v,-.90)s  IS'/ 5250-4.  The 
alualnua  was  chroaate  conversion  coated 
2024-18.  Coaposlte  and  Al  speclaens 
coated  with  these  eaterlals  were  cured 
for  one  week  at  rooa  teaperature.  The 
coaposlte  aod  Al  werr  attached  using 
tltanlua  6, A  fa.:*'ers  with  A286  cuts. 
Each  coating  was  evaluated  with  no 
sealant,  an  Inhibited  sealant  and  an 
uninhibited  sealant.  The  coupled 
speclaens  were  laaersed  to  half  height  In 
neutral  salt  water  (^.51  SaCl)  and 
exposed  at  32°C  il80°Fi.  The  speclaens 
were  reaoved  froa  the  oven  and  visually 
inspected  once  a  day  for  7  days.  After  7 
days  tha  speclaens  were  reaoved  for 
testing.  The  effects  of  this  exposure  on 
the  speclaen  surface  condition  are  shown 
In  figure  A.  The  unprotected  coupled 
speclaens  used  as  controls  coapletely 
delaalnated  after  7  days.  The  other 
paint  scheaes  showed  various  aaounts  of 
degradation  froa  none  for  the  urethane 
prlaer  to  severe  for  the  water  based 
pricer  aod  koroflex.  The  use  of  top 
coats  laproved  the  surface  appearance 
coapared  to  the  prlaer  alone.  The 
Cnlcoat  provided  a  high  level  of 
protection.  One  surrrisfr.g  finding  was 
chat  the  sealants  did  not  affect  the 
aaount  of  blistering  observed.  The 
prlaers  blistered  to  the  saae  degree  with 
Inhibited  and  uninhibited  sealant.  The 
coaposlte  speclaens  were  tested  In  A 
point  flexure  ASTS  0790  at  rooa 
teaperature.  The  results  are  given  In 
table  1.  These  results  show  that  the 
flexure  strength  correlated  with  the 
aaount  of  degradation  observed  on  the 
surface.  However,  the  flexure  strength 
of  the  speclaens  which  bad  Inhibited 
sealant  was  higher  than  those  which  had 
uninhibited  sealant.  An  observation  of 
the  aost  severely  degraded  saaples  showed 
that  the  prlaer  had  fibers  eabedded  In 
It.  this  was  evidence  that  the  prlaer 
bonded  to  the  surface  however,  due  to 
degradation  of  the  resin,  fibers  aod 
prlaer  were  lifted  froa  the  surface. 

The  next  set  of  speclaens  were 
fabricated  to  evaluate  the  effects  of 
fiberglass  surface  piles,  sealant  and 
high  teaperature  aging  of  the  paint.  The 
saaples  used  for  this  study  were  2a  ply 
iT'.*?'  IS- "  '  5  25  :-  A .  The  alualnua  was  .32 
:i  , .1251n.  2T2A-T6  sheet.  The 


coaposlta  and  alualnua  speclaens  war*  2.5 
Cl  X  10  Cl.  (1  X  4  la.)-  A  HIL-S-85430 
polysulfide  italaac  vai  applied  ca  the 
faying  surface  and  the  fastenars  ware 
coated  with  uninhibited  polysulfide 
sealant  before  Installation.  Tuo  .468  ci 
(3/161  Inch)  holes  were  drilled  one  half 
Inch  fcoi  the  edges  of  the  specimens. 

The  saiples  were  connected  using  tltanlui 
6,4  alloy  bolts  with  sn  A286  alloy  out. 
The  assembled  speclien  Is  shown  In  figure 
3.  The  test  aatrlx  used  In  this 
evaluation  Is  shown  In  table  2.  The 
variables  exailned  Included  the 
fiberglass  ply,  the  sealant,  the  type  of 
prlier,  and  the  condition  of  the  prlaer. 
Specifically,  bare  and  glass  covered 
saiples  with  and  without  polysulfide 
sealant  with  cither  a  solvent  baaed  (H1L- 
P-23377)  or  a  water  based  prlier  (NIL-P- 
85382)  were  evaluated.  Soae  of  the 
coated  composite  saiples  ware  heat  aged 
at  149°C  (300°F)  for  100  hours  before 
they  were  assembled.  After  the  sealant 
had  fully  cured! 1  week)  the  saiples  were 
exposed  In  a  salt  spray  chaiber.  Host  of 
the  spec  liens  wars  exposed  for  30  days. 

In  addition,  another  set  of  specimens 
which  wece  fabricated  with  HIL-P-23377 
prlier,  NIL-C-82S82  and  825-009  high 
teiperature  urathene  prlier  were  exposed 
for  90  dsys.  The  exposure  conditions  for 
all  of  the  salt  fog  speclieos  confon  to 
the  ASTH  G-84  specification. 

After  30  days,  the  specimens  were 
raioved  froi  the  salt  spray  environment 
and  visually  Inspected.  Each  set  of 
saiples  was  photographed  and  then 
disassembled.  After  dlsassexbly  the 
composite  saiples  were  sectioned  In  half. 
The  saiples  were  placed  in  a  bearing 
fixture  and  tested  In  compression.  This 
speclien  was  chosen  In  order  to  test  the 
area  around  the  hole.  It  was  expected 
that  this  would  be  the  lost  vulnerable 
area  due  to  the  bare  composite  and 
exposed  fibers  In  the  hole. 

After  30  days  of  exposure  sole  of 
the  speclieos  were  severely  blistered. 
Ssiples  with  water  based  prlier  and  no 
sealant  had  the  lost  severe  blistering. 
Exaiples  of  speclieos  with  and  without 
glass  and  with  sod  without  sealant  are 
shown  In  figure  6.  Blisters  were  visible 
on  all  surfaces.  The  glass  scrli  ply  on 
the  surface  had  no  effect  on  the  nuiber 
of  blisters.  The  use  of  a  faying  surface 
sealant  with  water  based  prlier  hed 
little  effect  on  the  mount  of 
blistering.  In  sole  cases  the  prlier 
flaked  off  the  speclieos  during  exposure 
and  testing.  The  area  under  the  prlaer 
was  observed  to  be  slightly  degraded. 

The  pH  of  the  fluid  In  the  blisters  was 
•assured  to  be  In  the  12  to  14  range.  As 
was  noted  above,  this  basic  solution  will 
cause  daiage  to  the  BMI  resin.  The 
solvent  based  prlier  provided  better 
protection,  however  blisters  occurred 
near  the  edge  on  several  speclaens.  The 
use  of  a  sealant  on  the  faying  surface 
aod  glass  scrli  reduced  the  nuiber  of 
blisters  on  the  water  based  prlaer 
speclaens.  The  edge  blisters  In  the 
solvent  prlaer  saaples  are  probably  due 
' -  edge  thinning  of  the  prlaer  as  It 


stretchad  across  tha  corner  of  the 
speciaen.  The  saaples  that  were  heat 
aged  for  100  hours  at  149°C  (300  F) 
showed  no  blisters  for  either  the  solvent 
or  water  based  prlaers.  In  order  to 
evaluate  the  aaount  of  degradation  In  tha 
hole  several  speclaens  were  sectioned  and 
microscopically  evaluated.  The  saiples 
exposed  In  salt  spray  all  show  alnor 
aiounts  of  degradation  In  the  hole  area. 
There  was  a  qualitative  correlation 
between  the  hole  quality  and  the  bearing 
strength  of  the  saaples. 

Bearing  test  results  sre  given  in 
table  2.  The  data  show  a  decrease  froi 
the  control  speclien  strength.  The 
average  for  the  control  was  550  HPa  (80 
XSI)  while  the  coupled  saiples  ranged 
froi  406  HPa  (58.9  KSI)  for  water  based 
prlier,  no  glass  aod  sealant  to  517  HPa 
(75.0  KSI)  for  solvent  prlaer, 
teiperature  aged,  glass  surface  ply 
saaples.  The  results  show  that  the  glass 
ply  had  little  effect  on  the  bearing 
strength  of  the  lanlnate.  In  all  cases 
except  glass  with  sealant  the  solvent 
borne  prlier  speclaens  exhibited  higher 
strength.  Saiples  with  sealant  In  tne 
faying  surface  showed  lower  properties 
than  tha  saiples  without  sealant  In  every 
case.  This  result  was  not  expected  slJw* 
the  sealant  Is  an  added  layer  of 
protection  between  the  composite  and 
alualnua.  It  Is  possible  that  the 
sealant  acted  to  concentrate  any  cathodic 
reaction  on  a  Halted  area  of  the 
composite . 

Speclaens  that  were  removed  after  90 
days  showed  sole  blistering  and  wrinkling 
of  the  prlier.  The  glass,  prlier, 
sealant  coablnatlons  are  shown  In  table 
3.  The  aiount  of  degradation  on  the 
surface  was  not  significantly  different 
than  the  30  day  exposure  ssiples. 

Bearing  strength  results  were  found  to 
besllghtly  lower  for  the  90  day  exposure 
speclaens.  The  lost  Interesting 
difference  found  was  that  the  high 
teiperature  prlied  speclaens  with  sealant 
had  bearing  strengths  significantly  lower 
than  those  of  unsealed  speclaens  (68.0 
KSI  vs  91.0  KSI).  The  control  for  this 
set  of  laminates  was  86.0  KSI.  This  data 
supports  the  hypothesis  that  the  sealant 
acts  to  concentrate  the  degradation 
process  at  the  hole. 

The  third  set  of  speclaens  prepared 
for  exposure  were  open  hole  coipresslon 
speclaens.  These  saaples  consisted  of  24 
ply  (+43,  0,  -45,  90).  IH-7/5250-4 

connected  to  2024  T6  alualnua  ample  of 
the  saae  slxe  with  s  tltsnlua  fastener  In 
the  center  of  the  speciaen.  The  coatings 
and  Isolation  scheaes  used  sre  shown  In 
table  4.  Several  of  the  saaples  were 
scratched  to  simulate  a  flaw  that  aay 
occur  In  the  protection  scheae  during 
service.  These  speclaens  were  also 
exposed  in  a  salt  spray  environment  for 
30  days.  After  exposure,  the  speclaens 
ware  dlsasseabled  snd  were  tested  st  room 
teiperature  In  sn  NTS  test  aachlne  at  a 
rate  of  .125  ca/aln  (.03  In/aln). 


Tha««  speclaens  showed  soae 
blistering  of  Che  prlaer.  Scratched 
saaples  did  not  show  any  Increased 
blistering  over  unscratched  saaples. 

Areas  under  blisters  and  near  the 
fasteners  showed  soae  sign  of  resin 
daaage  however  It  was  llalted  to  the 
resin  on  the  surface  of  the  coapcslte. 
Test  results  are  shown  In  table  4.  The 
data  Indicated  that  there  was  no 
significant  change  In  the  strength  of  the 
aaterlal  after  exposure.  Non  coupled 
control  saaples  which  were  exposed  for 
the  saae  tlae  had  an  average  strength  of 
410  NPa  (59.7  KS1)  while  the  prlaed 
spectaens  which  did  not  have  a  fiberglass 
barrier  ply  had  a  strength  of  400  NPa 
(57.9  KSI).  The  use  of  topcoat  and 
sealant  provided  a  slight  iaproveaent  In 
the  strength. 

The  results  of  this  testing  Indicate 
that  the  aaount  of  coapoalte  that  Is 
affected  by  the  degradation  Is  saall  for 
this  type  of  exposure.  Speclaen  designs 
which  test  the  aechaolcal  Integrity  of 
the  exposed  surfaces  are  aost  sensitive 
to  the  degradation  phenoaena.  The 
bearing  strength  Is  dependent  on  the 
quality  of  the  aaterlal  In  the  hole  where 
the  degradation  process  Is  concentrated . 
The  coapresalon  strength  was  not  affected 
because  the  saall  aaount  of  degradation 
was  Insignificant  In  the  teat  geoaatry. 


Elec t rochealstry 

In  an  effort  to  deteralna  which 
variables  to  the  process  aost  strongly 
effect  the  rata  aod  severity  of 
degradation,  a  factorial  teat  aatrlx  was 
developed.  An  elec trochaalcal  cell  was 
usad  to  expose  the  BHI  coapoalte  to 
various  env Ironaents .  The  variables 
evaluated  Included  salt  conceu'-atloo, 
oxygen  concentration,  pH,  tine,  current 
density  and  teaperature.  Two  levels  of 
each  variable  were  evaluated.  The  levels 
of  each  variable  were  as  follows:  Salt 
concentration  .1  and  3.5X,  aerated  and 
dearatad  water,  pH  7  and  1 1 » 0 1  andg4  day 
exposure,  temperatures  of  25  C  (75  F)  and 
83  C  (180  P)  and  current  densities  of  40 
aod  180  alcro  saps  per  square  centlaeter. 
The  speclaen  consisted  of  a  24  ply  5250-4 
coapoalte.  Electrical  connection  was 
aada  to  the  coapoalte  by  drilling  a  hole, 
sanding  both  surfaces  to  expose  fibers, 
coating  the  hole  and  area  around  It  with 
sliver  filled  paint  and  Installing  a 
steel  nut  aod  bolt  with  the  wire  lead. 

The  test  area  was  then  aaeked  off  and  the 
speclaens  prlaed  with  epoxy  prlaer  and 
topcoatad  with  urethane  paint.  Three 
saaples  wars  exposed  at  each  condition 
listed  In  table  6.  The  test  cell  with 
the  speclaen  Is  shown  in  figure  7.  The 
coaposlte  speclaen  was  the  cathode  and 
the  platlnua  aash  electrode  the  anode. 
This  call  allowed  the  duplication  of  the 
reactions  lo  the  freely  corroding  cell. 
Each  test  was  replicated  three  tlaes  to 
ellaioate  extraneous  results. 

During  exposure  bubbles  foraed  on 
the  surface  of  the  coaposlte  aod  In  soae 
spaclaens  cracks  and  blisters  foraed  as 
shown  In  (figure  8).  Slallar  blisters 


were  observed  by  Tucker  and  Brown  (6)  In 
g raph  1  te/v  lny 1  ester  laalnates  coupled  to 
steel.  After  reaoval  froa  the  cell  soae 
of  the  speclaens  with  little  or  no 
blisters  were  observed  to  have  turned 
lighter  In  color.  Alter  exposure  the 
speclaens  were  tested  In  flexure.  The 
results  are  given  In  table  5.  The 
results  showed  that  high  current,  high 
teaperature  aod  long  tlaes  had  the 
greatest  effect  on  the  speclaen 
appearance  and  flexure  strength.  Hany 
blisters  and  low  flexure  strengths  were 
observed  for  speclaens  exposed  under 
these  conditions.  Reduction  of  the  data 
and  deteralnatlon  of  significant  factors 
was  perforaed  on  tha  flexure  results. 

This  screening  showed  that  the  variables 
were  ranked  In  the  following  order; 
current  density,  tlaa,  teaperature, 
oxygan  concen’ratloa,  pH,  salt 
concentration.  Tha  aost  significant 
factors  were  current  density,  tlae  and 
teaperature.  These  variables  had  greater 
than  .95  significance  level.  There  was 
very  little  Interaction  between  any  of 
the  variables.  The  lack  of  significance 
of  the  oxygen  concentration  Is  sn 
laportant  factor  since  oxygen  Is  required 
for  the  reaction.  Further  study  of  this 
factor  will  *>e  carried  out  in  future 
stud les . 

Conclusion 

The  aechaolcal  property  testing 
perforaad  Indicated  that  bearing  strength 
of  BHI  coaposttes  was  aost  sensitive  to 
the  degradation  caused  by  galvanic 
corrosion.  Observation  of  the  speclaens 
showed  that  the  daaage  to  the  Inside  of 
the  hole  was  slight,  howevei  the  effect 
on  the  coaposlte  bearing  strength  can  be 
significant.  Tha  degradation  which 
results  froa  the  30  day  salt  spray 
exposure  appears  to  only  effect  the 
exposed  surface  of  the  coaposlte. 
Therefore,  the  bearing  strength,  decreased 
but  the  open  hole  coapresalon  strength 
was  not  affected.  Slallarly,  flexure 
tests  on  speclaens  exposed  In  the 
elec t rochealcal  cell  showed  large 
decreases  In  strength  when  the  surface 
ply  was  blistered.  However  when  the 
turfnee  was  only  discolored  there  was 
only  a  alnlaal  loss  of  strength. 

The  elec trochaalcal  tests  point  out 
that  teaperature,  tlaa  and  current 
density  ara  laportant  factors  In  the 
degradation  process.  Tha  rate  and 
severity  of  degradation  are  greatly 
effected  by  these  factors  while  oxygeo 
and  salt  concentration  had  little  effect. 

The  Navy  has  dealt  with  corrosion 
and  degradation  la  tha  past.  Methods  of 
preventing  corrosion  of  aetals  and 
Inspecting  for  corrosion  arc  part  of  all 
aircraft  production  processes  and 
nalntcnance  annuals.  Degradation  of 
lalde  based  conposltes  Is  potentially 
rapid  and  severe.  Strict  attention  oust 
ba  paid  to  aaterlal  selection, 
application  and  fleet  Inspection. 
Potential  prlnary  or  critical  application 
of  lalde  conposltes  oust  couslder  the 
associated  risk  of  galvanic  degradation 
vs  slternate  aaterlala.  The  risk 
analysis  oust  also  consider  the  use  of 
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Table  1  Coating/sealant  flexure  test  results 


Coating/Sealant 

Flexure  Strei 

23377 

1585 

85582 

1144 

Koroflex 

1523 

Urethane 

1781 

23377/83430 

1635 

85582/83430 

1583 

Koroflex/83430 

1648 

Urethane/83438 

1987 

23377/81733 

1741 

85582/81733 

1971 

Koroflex/81733 

1866 

Urethane/81733 

1756 

23377/85285 

2035 

85582/85285 

2041 

Koroflex/85285 

1575 

Urethane/85285 

1924 

Unicoat 

1894 

Control 

1753 

15-7 


Table  2:  Bearing  Results 


PROTECTION  SCHEME 

STRENGTH  (MPa) 
_ am _ s _ 

Water  based  primer,  sealant 

406 

39.4 

Solvent  based  primer,  sealant 

438 

30.0 

Water  based  primer 

454 

31.7 

Solvent  based  primer 

47T 

40.5 

Water  based  primer,  sealant,  glass 

438 

38.6 

Solvent  based  primer,  sealant,  glass 

442 

25.0 

Water  based  primer,  temperature  aged 

498 

36.1 

Solvent  based  primer,  temperature  aged 

517 

31.4 

Control 

550 

32.1 

Table  3  Three  month  bearing  test  results. 

PROTECTION  SCHEME 

STRENGTH 

MPa  S 

High  temperature  urethane 

627 

27 

High  temperature  urethane,  sealant,  glass 

469 

10 

Solvent  based  primer,  sealant  glass 

403 

21 

Control 

593 

24 

Table  4:  Open  Hole  Compression  Test  Results 

jprotection  Scheme 

Strength  (MPa) 

AVQ  S 

Bare  /  Primer  /  Sealant 

399 

16.5 

Qlass  /  Primer  /  Sealant 

408 

3.3 

Bare  /  Primer  /  Topcoat 

407 

12.6 

3are  /  Primer  /  Topcoat  /  Sealant 

422 

15.1 

Glass  /  Primer  /  Topcoat 

398 

14.5 

Qlass  /  Primer  /  Topcoat  /  Sealant 

420 

13.2 

Qlass  /  Primer  /  Topcoat  /  Sealant  /  Scratched 

432 

15.1 

Control 

427 

18.6 

Table  5  Electrochemical  test  results 


RUN# 

SALT 

% 

OXYGEN 

pH 

TIME 

DAYS 

TEMP 

*C 

CURRENT 

DENSITY 

mA/cm2 

FLEXURE 

STRENGTH 

MPa 

1 

.1 

YES 

7 

1 

83 

40 

1489 

2 

.1 

NO 

7 

4 

83 

160 

593 

3 

3.5 

NO 

11 

4 

25 

160 

855 

4 

.1 

NO 

11 

4 

25 

40 

938 

5 

3.5 

YES 

11 

4 

83 

160 

676 

6 

3.5 
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Figure  1  Chemical  structure  of  bismsMmide  end  polyknkie. 


Figure  2  Imide  degradation  by  base. 
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Figure  5  3alt  softy  exposure  specimen 


A  No  glass  or  sealant 


B  Glass  and  sealant 


Figure  6  Bearing  specimens  after  1000  hr  sal!  spray 


PRISE  EN  COMPTE  DES  EFFETS  DE  L'ENVIRONNEMENT  SUR  LE  COMPORTEMENT  EN 
SERVICE  DES  STRUCTURES  PRIMAIRES  D’AVIONS  EN  MATERIA U  COMPOSITE 

HISTORIQUE  ET  SITUATION  ACTUELLE 

Jeaa  Rouchoa 

D4l4g*oon  G4n4rale  pour  I'Aimement 
Centre  d'essai s  adronautique  de  Toulouse  (CEAT) 

310S6  Toulouse  cedes 
France 


ph4  no  mines  (domdtriqaemeM  ddfiais  et  r4pui4s  ddtectables 
par  inspection  non-destnctive. 

Seules  les  liaisons  collies  prdscnteni  une  sensibility 
particuliire  au  vieillissemeaL  Les  liaisons  mycaniques  pour 
lesquelles  les  phino mines  de  corrosion  galvamque  itaient 
tris  redoutis  au  dipart  s'avteeat  jusqu'l  main  tenant,  (race  k 
des  systimes  de  protection  relanvemem  simples,  d'une 
durability  salisfaisante.  De  mime  que  poor  )e  composite 
proprement  dit,  1'altirauoo  de  la  liaison  collde  sera 
susceptible  de  revetir  deux  formes  :  le  do  mm  age  ou  plus 
exactement  le  dycoUement.  et  la  dygradation. 

Le  phynomine  de  dygradation  est  propre  aaut  systimes 
organiques,  et  relive  de  racoon  combinee  de  rhumidity  et  de 
la  tempyrature.  Avec  les  composites,  la  dygradation  ne 
concemera  que  les  propriisis  gnuvemies  par  la  matnce  done 
essentiellement  la  compression  et  Ie  cisaillement 
interlaminaire.  L'expyrience  acquise  avec  les  dpoxydes, 
puisqu'il  s'agit  de  1'unique  fondle  de  maiinau  actuellement 
utilisde  dans  les  structures  phmaires  d’avions.  montre 
qu'admettre  une  relation  de  type  univoque  entre  la 
concentration  dealt  dans  le  composite  et  sa  dygradation  par  le 
vieillissement,  est  une  approximation  considdrie  comme 
salisfaisante  au  niveau  du  dnensaonnement  des  structures,  ou 
des  justifications  par  essns  n4cessxires  1  la  certification  ou 
homologation.  Le  problime  se  ramine  done  i  I'anticipation 
de  la  valeur  maximale  de  cene  concentration  d'cau  jusqu'au 
retrait  de  service  des  appareib  concemis.  la  tempyrature 
extreme  de  la  structure  4 taut  par  ailleurs  un  paramitre 
beaucoup  facile  i  dyurminer. 


Le  vieillissement  est  dyfini  ici  comme  ytant  l'altyration 
progressive,  en  court  d'exploitation  de  l’avion,  des 
performances  structuralcs.  Avec  les  matyriaux  mytalliques,  la 
fatigue  mycanique  a  4t4  consid4r4e  pendant  longtemps  comme 
ytant  la  cause  principale  de  ce  vieillissement,  mais 
1’expyrience  r4cente  a  montr4  que  l'importance  de  la  corrosion 
avail  4ty  comparativement  tris  sous  esiim4e.  Fatigue 
mycanique  et  corrosion  ne  constituent  pas  i  ce  jour  des 
probiymatiques  particuliires  avec  les  structures  en  composite, 
mais  par  ailleurs,  tempyrature  et  humidity  se  sont  avyryes 
capables  d’influencer  sensiblement  leurs  performances. 
L'altyration  des  structures  en  composite  par  les  dommages 
accidentels  ne  fait  pas  fobjet  de  cet  article,  cet  aspect  est 
largement  d4vek>ppy  dans  les  ryfyrences  [  1 1  et  [2J. 

Le  vieillissement  d'une  structure  en  composite  doit  et re 
appryhendy  sous  deux  aspects  :  I'alteration  des  propriytys 
mccaniques  du  composite  proprement  dit  d'une  part,  et 
l’altyration  des  fonctions  d’assemblage  propres  aux  princtpes 
constructifs  utilis4s  (liaisons  coliyes  et/ou  boulonn4es) 
d'autre  part. 

L'altyration  des  propriytys  mycaniques  du  composite  est 
susceptible  de  revetir  deux  formes  :  la  cr4ation  de  dommages 
structuraux  (els  qu'une  ftssuration  interlaminaire  par  exempie, 
et  la  dygradation.  e'est  1  dire  la  modification  des  propriety* 
intrinsiques  de  la  mauere.  A  I  inverse  de  la  d4g«adation  qui  est 
un  ph4nombie  diffus,  les  dommages  structuraux  sont  des 


2.  EXPERIENCE  ACQL'ISE  DANS  LE  DOMAINE 
DU  VIEILLISSEMENT  DES  STRUCTURES 
PRIMAIRES  EN  CARBONE 


2.1  Exp4rieuce  en  service 

Le  tableau  1  ry$ume  l'expyrience  acquise  en  service  dybut 
1990  sur  les  principaux  excmples  d' application  structural 
des  composites.  Pour  les  aftwrnts  pr4semant  une  architecture 
conventionnelle  du  type  structure  monolithique  avec 
fixations  mycaniques,  sucun  problime  liy  l  un  yventuel  effet 
du  vieillissement  et  nycessiunt  des  r4paralions  structurales 
n'a  4t4  rapporty.  Quelques  problem es  ont  cl4  relevys  avec  les 
structures  sandwiches,  ils  oat  4ty  le  plus  souvent  le  rtvyiatcur 
d  un  problime  d'assurance  quality  ou  d'un  choix  de  materiau 
non  appropriy. 

Un  programme  spycifiquement  d4volu  i  l'4tude  des  effets  du 
vieillissement  en  service  a  iit  lancy  par  le  STPA  et 
I'Ayrospatiale  en  1980.  Ce  programme  a  consisty  i  monter  22 
a4rofreins  en  carbon*  sur  certams  avions  du  type  A300B  de  la 
compagnie  AIR  FRANCE.  1  les  suivre  par  un  programme 
d'inspection  non -destructive  spycifique.  puis  i  les  prelever  k 
des  4chyanccs  pr4d4terminyes  pour  mesurer  leurs 
caractyristiques  sutiques  risiduetles.  Le  tableau  2  issu  de  la 
ryfyrence  (3)  r4capitule  les  rysullals  de  ce s  essais. 
actuellem 


RESUME 


Lonque  fureiu  envisagyes  les  premiires  applications  de 
matyriaux  composites  i  matrice  organique  dans  les  structures 
travaillantes  d' avions,  la  pryoccupation  majeure  des 
concepteurs  et  services  officiels  fut  leur  tenue  au 
vieillissement.  Quelques  quinze  ann4es  sprit,  l'expyrience 
acquise  en  service  associye  i  de  nombreux  rdsultats  de 
laboratoire  a  fortement  dissipy  ces  craintes.  tout  au  moins 
pour  les  structures  ne  faisant  pas  appel  i  un  usage  extensif  des 
technologies  de  collage.  Cela  ne  signifie  pas  que  le 
vieillissement  des  composites  n'existc  pas,  mais  ses 
consyquenccs  sont  mainienanl  conJid4i4es  d'une  portye 
limiiye  et  pryvisibles.  e'est  i  dire  susceptibles  d'etre  prises  en 
compte  au  niveau  de  la  conception,  de  certification  et  du 
su'vi  en  service  des  structures. 

Cette  publication  retrace  briivement  les  principales  etapes 
ayant  conduit  k  la  situation  actuelle,  puis  analyse  les 
diffyrentes  mythodes  actuellement  utility**  pour  prendre  en 
compte  ces  ph4nom4net  de  vieiilissement.  en  particular  la 
d4 termination  de  la  concentration  d'eau  absorbie  en  service 
par  le  composite.  Cette  analyse  repose  en  grande  partie  sur  la 
base  des  rysultats  d'un  programme  ^exposition  naturelle  aux 
intempyries  sous  charges  cyc!4es  en  court  au  CEAT. 


1.  INTRODUCTION 


EtAmams  da  structure  ayant  subi  un  assai 
da  f atigua  combtnA  k  un  cydage  tharmo- 
hygromAtriqua  a u  CEAT 


rtelua  que  cam  du  progrenunc  d'insoectian  non -destructive 
ne  moairent  devolution  sensible  de  ces  structures  due  su 
vieillisscntcnt.  Ce  programme  qui  doit  se  terminer  en  1992. 
s’spperente  E  une  Etude  UncEe  per  '«  NASA  en  1973  sur  108 
aErofreins  de  B737  et  dont  les  rEsuluts  ont  EtE  lsrgement 
publics  (4], 


Element 

1*  AlAment 
ansarvica 
d  sputa 

NombradTt.  da 
voia  accumUA 

DArtva  Airbut 

>200 

1985 

9000 

Gouvamada 
direction  Airbus 

>200 

1983 

20000 

Voilurs  V10F 

1 

1985 

3300 

Ailerons  Falcon 
SOou  900 

280  x2 

1977 

565000 

DAriva  at  sur- 
facasmobila 
M2000 

>150  av. 
livrAs 

1982 

120000 

Tableau  1 


Typal 

nappa  cartoon* 

Typa2 

tissu 

carbona 

DurAa  da  sarvioa 
affactiva  sur  avion 

60  mots 

51  mots 

47  mots 

Nombre  d'anarriasagos 
rAalisAs 

5483 

5645 

4519 

RAsistanca  statiqua 
rAsidualla 

3.5  CL 

3.3  CL 

_ 

3,5  0. 

RAsultat  assai  d'un 
aArofrain  nauf 

3  CL 

3.6  CL 

Tableau  2 


Un  programme  Equivalent  de  suivi  en  service  d'EIEmenu  en 
composite  d'avions  d'arme  (ailerons  FI,  dErive  M2000)  a  EtE 
lancE  par  le  STPA  et  Dassault  Aviation.  Ce  programme  arrive 
maintenant  aux  premieres  EchEances  de  prElEvemenl  de 
pifeces. 

2.2  ExpErlence  en  essals  accEIErEs 

On  se  limitera  dans  ce  domaine  aux  seuls  essais  oil  il  a  EtE 
tentE  de  simuler  aussi  fidElement  que  possible  les  conditions 
rEelles  rencontrEes  en  service,  e'est  E  dire  la  combinaison  de 
la  fatigue  mEcanique  et  du  cyclage  tbermohygromElrique. 
DEbut  a:s  annEes  80,  le  CEAT  s'Euit  EquipE  de  quatre 
installations  capables  de  la  rEalisation  de  tels  programmes  : 
-deux  installations  spEcialement  dEvolues  aux  esstis 
structuraux 

-deux  installations  adaptEes  aux  essais  de  matEriau  et 
Eprouvettes  technologiques. 

Plusieurs  programmes  ont  EtE  rEalisEs  grace  E  ces 
installations,  ceux  concern  nt  des  ElEments  de  structure  sont 
rEcapitulEs  tableau  n°3. 


-AArofrain  A300B 

-Ailaren  F50 

-Aitoron  Mirage  FI 

•Caisson  ds  flaxionAorsion  VI  OF 


Tablsau3 

Au  niveau  maiEriaux  et  Eprouvettes  technologiques.  les 
principales  Etudes  ont  EtE  rEalisEes  dans  le  cadre  de 
1'opEration  V10F  et  d  un  programme  spEcifique  E  1’Etude  de 
I'influence  d'un  cyclage  ihetmohygromEtiique  reprEsentatif 
d  une  million  d'avion  de  combat  (5].  Le  principe  gEnEral  de 
ces  diffErentes  Etudes  Etait  de  superposer  un  cyclage 
thermohygromEtrique  E  des  sollicitations  de  fatigue  d’un 
niveau  reprEsentatif  dea  sollicitations  effectivement 
rencontrEes  en  service  (pour  fixer  un  ordre  de  grandeur, 
environ  30%  de  la  rEsistance  statique).  Dea  exemples  des 
cycles  rEalisEs  sont  reprEsentEs  figures  1  et  2  .  On  remarquera 
que  le  cycle  de  la  figure  2,  reprEsentatif  d'une  mission  d'avion 
de  combat,  se  diffErencie  de  celui  de  la  figure  1.  notamment 
par  une  incursion  E  haute  tempErature  simulant  une  croisifere  E 
vitesse  supersonique.  Les  effels  du  vieillissement  Etaient 
mesurEs  au  travers  de  1'Evolution  des  performances  sutiques 
des  Eprouvettes  entre  l'Elat  rEputE  neuf  et  I'Etal  vietlli,  le  lout 
assorti  d'un  programme  d'inspection  non-destructive.  Les 
conclusions  qui  ont  pu  etre  tirEes  de  ces  diffErentes  Etudes  ont 
EtE  que  la  chute  de  rEsistance  statique  observEe  aprfes  ces 
vieillissemcnis  rEputEs  reprEsentatifs.  n’Etait  pas 
significativement  supErieure  E  cclle  qui  pouvait  se  dEduire  de 
la  connaissance  de  la  concentration  en  eau  du  matEriau.  et 
n'apparaissait  pat  infiuencEe  par  Vhistoire  (effets  de  cyclage) 
ayant  conduit  E  cette  concentration.  Des  Eludes  rEalisEes  par 
d’autres  laboratories  europEens  oh  les  cyclages  thermo- 
hygromEtriques  Etaient  superposEs  E  des  essais  classiques  de 
fatigue  E  rupture  (txacE  d'une  courbe  de  Wohler)  ont  pu  aboutir 
E  des  conclusions  diffErentes. 

De  lels  essais  n'ont  pas  EtE  reconduits  dans  les  plus  rEcents 
programmes  de  certification  de  structures  primaries  en 
composite  (A320  et  ATR  72). 
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2.3  Lcs  essals  sous  exposition  naturelle  aux 
Intemperlea 

Conscient  que  ces  etuis  acceicris  en  laboratoire  ne  prenaient 
pas  en  compte  I'effet  de  dur6e  d'exposition  et  certains  autres 
paramitres  lies  i  l'exposiiion  naturelle  (rayonnement, 
facteurs  biologiques),  le  CEAT  a  Ianc6  en  1983  un  programme 
delude  du  comportement  des  composites  en  exposition 
naturelle  (sur  le  site  de  Toulouse)  combing  ce  qui  fait 
l'originalitd  de  ce  programme,  i  des  solicitations  de  fatigue. 
Lea  matin  aux  itudiis  sont  le  T300/N5208  et  le  T300/914. 
Lcs  iprouvettes  sont  representatives  de  details  de  dessin  de 
structure  reputes  critiques  (voir  figure  3)  :  une  iprouvette 
monolithique  percie  avec  iron  habile  sollicitie  en 
compression,  et  une  enture  i  deux  ranges  de  fixations 
sollicitie  en  traction.  Ce  programme  a  tit  lance  sur  dix  arts, 
et  les  resuluts  sont  deji  disponibles  apris  les  preiivemems  1 
deux  ans  et  demi  et  cinq  ana.  Ces  resultats  sont  rapportes  dans 
lcs  references  (6)  et  |7j.  La  figure  4  issue  de  ces  references 
montre  qu'il  n'a  pas  ete  observe,  jusqu'i  ce  jour,  de  variation 
significative  des  performances  slatiques  apris  vieillissement. 
Ceci  confirme  les  conclusions  provisoires  de  rexpirience  en 
service,  exposies  $2-1. 


Figuru  3 


L'cnsemble  de  ces  resultats  eat  encourage  sat.  et  explique 
l'actuelle  "baisse  de  press  ion'  relative  4  ces  problimea  de 
vieillissement  en  service  des  composites.  II  eat  toutefois 
important  de  noter  que  les  premieres  pieces  monties  sur 
avions  en  service  en  Europe  now  pas  encore  accumuie  10 
annies  d'exploitation,  alors  que  les  prob limes  importants 
ricemment  rencontris  (probtetnes  dits  des  'vieux  avions") 
sont  apparus  4  des  ichiances  ultineures.  En  consequence, 
eiuder  definitivement  le  problime  serait  premature,  prudence 
et  humilite  demeurent  encore  necessaires. 


3.  DETERMINATION  DE  LA  CONCENTRATION 
D'EAU  ABSORBEE  A  LONG  TERME  PAR  LES 
COMPOSITES 


La  sensibilite  au  vieillissement  huotide  d'un  composite,  en 
terme  de  concentration  en  eau  absorbee  dans  un 
environnentent  donni,  eat  une  caracteristique  intrinsique  du 
materiau.  S'il  est  admis  que  la  ccr.naissance  de  ceue 
concentration  constitue  une  approximation  suffisante  pour 
quantifier  la  degradation,  due  aux  effels  de  l'environnemem 
rencontre  en  service,  d'un  materiau  composite  4  matrice 
dpoxyde,  celle-ci  merite  d'etre  determines  de  fayon  rigoureuse. 
Lorsque  la  modeiisalion  est  utilisee  4  cet  effet,  les  modiles 
doivent  etre  validea  par  des  resultats  experimentaux  aussi 
representatifs  que  possible  des  durees  effectives  d'exposition. 
Alois  que  les  avions  sow  actuellemew  cony  us  pour  des  durees 
d'exploitation  de  20  i  25  ana.  les  modiles  utilises  pour 
determiner  l'absorption  dean  (Fkk.  Langmuir)  onl  ete  au 
mieux  validea  sur  quelqucs  cycles  thcimohygrometnques 
realises  en  laboratoire.  II  eaiste  done  un  grand  besoin 
d'accumuler  des  rdsullau  dans  ce  domaine.  en  particulier  en 
faisanl  "voter"  des  eprouvettes  suiveuses  sur  des  avions.  ou 
en  effectuant  des  mesures  par  dessiccation  sur  des 
echantillons  prilevii  dans  des  piices  retirees  de  service 
(exemple  dans  le  cadre  des  programmes  spdcifiques  relates  en 
fin  de  {  2-1). 

3.1  Les  risultats  experimentaux  disponibles 

La  figure  S  montre  revolution  de  la  masse  d'echantillons  non 
peints  exposes  en  ambiance  naturelle  i  Toulouse  pendant  5 
ins.  Une  augmentation  de  la  masse  est  observee  en  debut 
d'exposition,  puis  ensuite  les  phenomincs  d'erosion 
superficielle  dipassent  en  importance  l'accroissement  de 
I'humidite  absorbee.  Ceue  mithode  de  mesvire  n'est  done  pas 
valable,  el  peindre  les  echantillons  ne  fait  que  reporter  le 
problime  1  I'echeance  ulterieure  de  la  degradation  de  la 
protection.  En  consequence,  la  methodc  la  plus  fiable  est  la 
mesure  gravimetrique  par  dess'ccalion  des  echantillons  apris 
preiivemenl,  tout  en  essayant  de  prendre  en  compte  les 
phenomincs  de  rimanence  par  pkgeage  de  I’eau  susceptibles 
d'exister.  Des  resultats  obtenus  au  CEAT  suivant  cette 
meihode  seront  exposes  i  la  fin  de  ce  paragraphs 
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ENTURES  T300/N  5208 


ENTURES  T300/914 


I 


MONOUTHIQUES  T300/N  5208 


MONOUTHIQUES  T300/914 


Contrainte  brute  &  rupture  (MPa) 


Contrainte  brute  k  rupture  (MPa) 


Lcs  premiers  rlsultats  disponiblcs  rclalifs  a  dcs  mesures 
d'absorption  d'cau  pendant  des  durces  significalivcs  (au  moins 
cinq  ans)  sont  dus  1  des  programmes  soutenus  par  la  NASA, 
donl  une  synlhise  esl  presentee  dans  la  reference  (8)  .  C'esl 
sur  1c  malcriau  T300/N  5209.  denominates  commun  i 
plusicurs  de  ces  programmes,  que  le  plus  dc  rcsultats  sont 
disponiblcs.  Dcs  experiences  rialisccs  par  MBB-'JT  cn  RFA 
ont  montre  que  la  concentration  maximalc  cn  cau  mcsurce 
pour  ci  mime  matcriau  (soil  0.8%)  dans  lcs  conditions 
climatiques  lcs  plus  severes  correspondait  environ  i  ccllc 
absorbcc  1  I'tSquilibre  dans  une  exposition  'i  70°C/70%  HR. 
Un  programme  d'iprouvettcs  suivcuscs  cn  T300/9I3C. 
attenantes  i  dcs  spoilers  months  sur  A300  B4  explodes  par 
Thai  Airways  (localisation  gcographique  reputce  severe  vis  li 
vis  dc  I'humiditl)  a  donne  une  concentration  &  1'cquilibrc 
d'environ  1.1%  laquellc  correspond  egalcment  a  un 
conditionncmcnt  en  atmosphere  constante  a  70°C/70%  HR. 
Cette  dcrnicre  experience  ctait  egalcmcnt  pilotcc  par  MBB- 
UT.  C'cst  a  partir  de  ces  observations  sur  deux  matcriaux  que 
ccttc  regie  d'equivalcncc  a  ct6  extrapolie  a  tous  lcs  matcriaux 
composites  utilises  dans  l'A320,  dans  lc  cadre  dcs 
justifications  structuralcs  associccs  a  la  certification  dc  cct 
avi->n. 

D'autrcs  rcsultats  d'essai  obtenus  depuis  remettent  cn  cause 
ccttc  regie  d'equivalcncc.  Ces  rcsultats  sont  toujours  extraits 
dc  letudc  CEAT  |b|  (7)  ct  eonccmcnt  deux  matcriaux  :  lc 
T300/N5208  r£putd  comme  un  dcs  moins  scnsiblcs  a 
I'humidite  dans  la  categoric  dcs  matrices  epoxydes,  ct  lc 
T3')0/914  repute  un  dcs  plus  scnsiblcs  (du  moins  a  I'intcricur 
des  rcsincs  durcissant  i  180°C).  Lcs  mesures  ont  cuS  cffcctuecs 
par  dcssiccation  1  70°C  jusqu'a  equilibre  d'lchantillons  dc  50 


Figure  4 

x  30  mm  prdleves  dans  lcs  surlongucurs  dcs  cprouvettes 
denture  dont  lcs  rlsullats  ont  ivt  donnes  §  2-3. 

Lcs  rcsultats  de  ces  mesures.  jusqu'i  cinq  ans.  sont  rdcapitulcs 
tableau  4.  II  esl  intcressant  d  observer  que  pour  ces  matcriaux 
considers  au  depart  comme  ires  different*  au  niveau  de  leur 
caractcre  hydrophile,  simull.tncmcnl  exposes  a  quclqucs  cm 
I'un  dc  l’aulrc,  lcs  rcsultats  obtenus  sont  quasiment 
equivalents. 


Masse  restitute  par  ms 
tchantillons  aprts  dess  location 

Aprte  2  ans  1/2 

AprteSane 

MATERIAU 

T300 

NS208 

0,68% 

0,90% 

T300 

Ciba  914 

0,71% 

038% 

Tableau  4 


3.2  La  raodillsatloa 

[.'absorption  de  lliumiditi  par  les  composites  ett  un 
processus  de  diffusion  contrail  qui  a  iti  modilisi  i  partix  de  la 
thiorie  de  la  diffusion  de  Fick.  De  nombreuses  publications 
existent  sur  le  sujet,  avec  pour  point  de  dipart  les  travaux  de 
Shen  et  Springer  [9]  .  Les  limites  de  ce  modile,  en  particulier 
pour  ce  qui  conceme  certain es  matrices  et  les  temperatures 
elevles,  ont  iti  rapidement  mixes  en  evidence  [10]. 

Un  modile  plus  evolve  (Langmuir)  prenant  en  compte  une 
cettaine  non-reversibilite  du  phenomena  (effet  de  piigeage  de 
1'eau  par  fixation  sur  un  nombre  limitl  de  sites)  a  III 
egalement  divelopp e.  II  a  fait  l'objet  de  certains  travaux  en 
France  [11]  mais  est  nlanmoms  peu  ripandu. 

Ccs  modeles  devraient  peimettre,  a  partir  des  caractlnstiques 
du  materiau  et  de  ses  conditions  deposition  en  termes  de 
profils  de  temperature  et  t"humiditi.  de  connaitre  i  tout 
moment  Hirmidite  contenue  tuns  le  composite.  Relativement 
depensiers  en  temps  de  calcuL  ces  modules  ne  tolirent  pas  une 
discretisation  tris  fine  des  conditions  d'env ironnemenL  Pour 
les  ichantillons  du  tableau  4.  exposls  pendant  cinq  arts  i 
TOULOUSE,  un  calcul  a  iti  effectui  avec  60  segments 
reprlsentant  les  valeurs  moyennes  mensuelles  d'humidite 
relative  et  de  temperature  sur  le  site.  Les  rlsuluis  sonl 
reprisentis  figure  6. 


de  la  temperature  moyeraie  tl  est  possible,  k  partir  du  meme 
modile,  de  demontrer  que  les  ichauiUons  predtis  ont  aueint 
un  list  d'equilibre  avant  cinq  ana.  Cet  Hat  correspond  i  une 
humidili  absorbie  de  134%  pour  le  T30Q/914  et  0,82%  pour 
le  T300/NS208  (voir  figure  7  tea  conditions  du  calcul).  Ces 
valeurs  torn  tris  proches  de  celles  obtenues  avec  la 
discretisation  en  60  segmenu  de  la  figure  6,  respectivement 
137%  pour  le  T300/914  et  0,83%  pour  le  T300/N5208. 


T300/N5208 

T300/914 

C 

79.7% 

032% 

1,34% 

Conditions  de  calcul: 

,  \b  bm  l 

C.Cmu  ("M 

i  V100 ; 

C-  concentration  k 
ftquilibre,  pour  une  ■ 

HR  constanta  dormte  " 

—  1.316  (N5208) 

—  1,548  (914) 

2ma  ^saturation 
pour  HR  100%) 

1,1%(N5208) 

1,9%(914) 

Figure  7 


Cette  methods  de  discretisation  en  couples  de  segments 
associis  repriscntanl  respectivement  la  temperature  et 
Hiumidite  relative  moyennes  enregistries  pendant  1  jour,  une 
semaine.  un  mots  etc...  est  remise  en  cause  par  une  etude  du 
Royal  Aircraft  Establishment  1 12].  11  est  propose  une 
pondir anon  de  cos  vrleurs  pour  tenir  compte  des  correlations 
naturelles  exuuuit,  dans  un  climat  donni.  entre  la  temperature 
et  Hiumidite  relative  ambiaite  durant  la  journee. 

33  La  correlation  theorle/expirlence 

Dans  le  cas  du  T300/N3208.  la  concentration  rlelle  en  eau 
mesurie  au  bout  de  cinq  arts  est  un  peu  plus  ilevle  que  cclle 
pridile  par  l'analyse  (0,90%  au  lieu  de  0.83%)  alors  que  pour 
le  T300/914  elle  est,  par  centre,  tris  infirieure  i  la  prediction 
(0,88%  au  lieu  de  137%).  Un  lean  aussi  sensible  mirite  une 
recherche  des  causes  possibles. 

La  premiire  explication  i  considirer  serait  1'existence  dune 
fraction  remanente  d'eau.  piigie  par  le  materiau.  La  figure  8 
illustre  les  resultats  d'un  essai  de  saturation  (i  70*C  dans  de 
l'eau  distil  lie)  realise  sur  les  ichantillons  qui  avaient  iti 
utilises  pour  mesurer,  par  deshydratation.  la  concentration  en 
eau  au  bout  de  cinq  ans.  La  partie  droite  de  cene  meme  figure 
illustre  les  risultsts  d'essais  de  saturation  et  de  deshydratation 
(toujours  k  70*C)  realises  simultanement  sur  des  ichantillons 
identiques  prilevis  au  bout  de  cinq  ans  de  vieillissemenL  Les 
valeurs  montrent  que  la  "capaciti"  du  materiau  k  absorber  ce 
l'eau  (1,8  -  1,9%)  n’a  pas  iti  modiflie  par  rapport  aux 
hypothises  de  calcul,  ce  qui  icarte  done  1'hypothise  de 
1'existence  d'une  forte  proportion  d'eau  piigie  par  le 
T300/914.  La  meme  experience  a  iti  rialisie  sur  le 
T300/N5208  et  les  risultats  obtenus,  illustris  figure  9. 
montrent  que  pour  ce  materiau  egalement,  il  n'y  a  pas  lieu  de 
cotuidirer  une  part  importante  d'eau  piigie  par  le  matiriau. 


La  simplification  maximale  de  cette  discretisation  consists  k 
ne  considirer  qu'un  seul  segment  reprisentant  I'humiditi 
relative  moyenne  du  site  pendant  les  cinq  armies  d'exposition 
(soil  HR  79,7%  dans  ce  cas  pricis).  En  lui  associant  la  valeur 


Figures 


4.  PRISE  EN  COMPTE  DU  VIEILLISSEMENT 
DANS  LES  ESSAIS  DE  JUSTIFICATION 
STRUCTURALE 


La  figure  10  illustre  des  resultats  d'essais  de  cisaillement 
interlaminaire  realis it  k  100°C  sur  des  6chan  til  Ions  preievks 
dans  des  coupons  identiques  ayant  subi  :  cinq  ans  de 
vieillissemem  nature!,  cinq  ans  de  vieillissement  nature)  plus 
une  dcshydraiation.  cinq  ans  de  vieillissement  nature)  plus 
une  saturation  en  eau  4  70®C.  Ces  r6sultats  sont  normalises 
par  rapport  i  la  valeur  obtenue  la  plus  forte  (echantillons 
secs).  La  chute  de  caract£ristiques  aprks  vieillissement  seul 
ctant  identique  pour  les  deux  materiaux  (*  10%),  ceci 
confirmer  ait,  comme  les  mesures  de  concentration  en  eau.  que 
le  T3 00/914  est  moins  sensible  au  vieillissement  humide,  s'il 
est  expose  en  ambiance  natuielle  realiste.  que  ce  que 
laissaient  supposer  les  valeurs  mesurees  aprks  les 
traditionnels  conditionnements  a  70*0.  Une  conclusion 
inverse,  mais  k  un  bien  moindre  degre.  semblerait  se  dessiner 
avec  le  T300/N5208. 

Cette  constatation  conduit  tout  naturellement  k  remettre  en 
cause  la  mesure  des  parimitres  necessaires  •  ('application  de 
la  loi  de  Ficlc  (en  particulier  le  taux  de  saturation)  par  des 
conditionnements  k  des  temperatures  trap  eicvees  ou  plus 
exactement  crop  differentes  de  celles  exisunt  en  service. 


Figure  9 


Sachant  que  la  concentration  en  eau  d'un  composite  soumis  i 
un  environnement  dome  est  depcndante  de  sa  nature  plus  ou 
moins  hydrophile.  la  solution  la  mieux  appropriee  consiste  k 
definir  un  environnement  constant,  forfaitaire  en  terme 
dliumidite  relative  ambiarue,  dans  lequel  l'etat  d'equilibre  du 
materiau  correspondrait  effectivement  k  la  concenuation 
maximale  d’eau  susceptible  d'etre  atteinte  en  service.  Des 
resultats  pres entes  dans  cette  publication  ont  montrt  que  la 
valeur  de  70%  HR  qui  avail  ete  demontree  et  utilise*  dans  le 
cadre  des  justifications  smicturales  assocides  k  la  certification 
de  l'A320  ne  pouvait  pas  etre  etendue  sans  precaution  a  tous 
les  autres  materiaux  composites.  La  valeur  de  85%  HR  dejk 
acceptee  en  Europe  dans  le  domaine  des  iv  ions  de  combat 
devrait  dorenavant  servir  egalemem  de  reference  dans  le 
domaine  des  avions  civils,  k  moins  que  des  resultats  d'essai  en 
exposition  representative  pendant  des  durees  significalivcs 
ne  juslifient  des  valeurs  moins  conservatives. 

Cette  condition  d'environnement.  generalement  associee  I  la 
temperature  de  70°C  pour  les  epoxydes  durcissani  k  180*C. 
sera  utilisde  pour  determiner  la  concentration  maximale  en 
eau  absorbee  k  prendre  en  compte  pour  chaque  materiau 
composite.  Cette  valeur  constituera  par  la  suite  l'objeciif  k 
attcindre,  controie  par  des  eprouveltes  suiveuscs  d'epaisscurs 
et  drapages  representatifs,  dans  les  essais  suucturaux  destines 
k  mettre  en  evidence  I'influence  du  vieillissement.  II  est  une 
pratique  courante  de  realises  ces  conditionnements  It  une 
valeur  plus  eievee  de  rhumidiie  relative  afin  de  raccourcir  leur 
duree.  Augmenter,  aux  memes  fins,  la  temperature  du 
conditionnement  n'est  pas  une  pratique  rccommandee,  car  il 
est  necessaire  de  rester  dans  un  domaine  oil  les  lois  de 
comportement  du  material:,  relativemenl  k  1'ibsorption 
dliumidite.  sont  rkputees  ne  pas  etre  modifiees. 

L'application  des  riglements  de  navigabilite  relatifs  k  la 
certification  des  structures,  n'exige  pas  des  essais  d*ensembte 
systematiques  avec  simulation  du  vieillissement.  Celui-ci 
peut  etre  pris  en  compte  par  I'utilisation  de  coefficients 
majorateurs  sur  les  charges  ou  par  I'analyse  k  partir  de 
resultats  d'essai  obtenus  sur  des  echantillons  representatifs 
des  caracteristiques  du  materiau  et  des  principes  constructifs 
utilises.  Une  telle  pratique  parait  relativemenl  peu 
recommandee  k  I'auteur  dans  le  cas  de  solutions 
technologiques  faisant  largement  appel  su  collage,  oil  fessai 
de  vieillissement  humide  est  susceptible  d'etre  le  reveiateur 
des  principaux  problimes  lies  k  ce  type  de  solution  :  choix 
inadequat  des  materiaux,  assurance  qualite,  etc... 


S.  CONCLUSION 


L'expErience  maintenant  accumulEe  en  service  depuis 
(introduction  des  composites  dans  les  structures  travaillantes 
d'aEronefs  a  considerable  in  ent  tempErE  les  premieres  cramtes 
quant  a  la  susceptibibte  k  l'environnement  de  tels  materiaux. 
II  est  maintenant  demoncrE  que  leur  "vieillissemenf ,  exprixne 
en  terme  de  degradation  des  pr^pnetEs  mecaniques 
intrinseques  de  la  matiere.  est  d  une  portee  limitee  et  peut  etre 
pris  en  compte  par  t'analyse. 

Admettre  que  ce  vieillissement  est  V unique  effet  de  I’humidite 
absorbee  par  le  matehau  et  qu'il  existe  une  relation  univoque 
entre  la  concentration  d'eau  dans  le  composite  et  ses 
performances  s  true  turtles  rEsiduelles  constituent.  k  ce  jour, 
une  approximation  suffisante  pour  apprehender  le 
phenomEne.  A  partir  de  lk.  les  Evaluations  par  essai  de  type 
cyclage  thermohygromEtrique  (ou  climatique)  sur  des 
ensembles  structuraux  ont  perdu  leur  raison  d'etre  et  ont  EtE 
progressivement  remplacEs  au  milieu  des  annees  80,  par  des 
conditionnements  k  paramEtres  constants  permettant 
d'aboutir  au  meme  rEsullal  en  terme  de  concentration  d'eau 
finale  dans  ie  matEriau.  II  serait  nEanmoins  imprudent 
d’extrapoler  une  telle  approche  dEmontrEe  avec  les  Epoxydes. 
a  toutes  les  nouvelles  matrices  organiques.  rEputEes  k  tEnacitE 
ameliorEe,  apparaissant  maintenant  sur  le  marchE.  sans 
l'avoir  redEmontrEe  au  travers  d'essais  sur  coupons  et 
eprouvettes  technologiques  EIEmentaires. 

L' utilisation  de  mEthodes  analytiques  pour  dEterminer  cetle 
concentration  en  eau.  k  partir  des  profils 
thermohygromEtriques  rencontrEs  par  l'aeronef  au  sol  et  en 
vol.  a  montrE  rapidement  ses  limites.  Ceci  non  seulement  en 
raison  de  la  nature  mathEmalique  des  modiles.  mais  trks 
certainement  de  par  la  dEpendance  des  caractEristiques 
"matEriau"  qui  sont  nEcessaires  k  leur  application,  k  des 
paramEtres  tels  que  la  gEomEtrie.  le  drapage.  les  effets  de 
bord.  la  tempErature.  le  vieillissement  physique,  etc... 
Continuer  k  amEIiorer  ces  modiles  pour  les  rendre  plus  prEcis, 
pourrail  conduire  k  une  complexitE  de  mise  en  oeuvre  sans 
aucune  mesure  avec  l'ampleur  du  problime  qui  est  k  rEsoudre. 
La  dEflnition  d'un  environnement  constant,  forfaitaire  en 
terme  d'humiditE  relative  ambiante.  dans  lequel  1'Etat 
d’Equilibre  du  matEriau  correspondrait  effectivement  k  la 
concentration  maxtmale  d'eau  susceptible  d'etre  atteinte  en 
service  est  une  solution  prEfErablc.  Un  consensus  se  destine 
actuellement  en  Europe  sur  une  telle  approche  avec  une  valeur 
forfaitaire  de  1'humiditE  relative  Egale  k  85%.  Ces  conditions 
seront  en  effet  appliquEes  a  la  certiflcation  des  structures  en 
composite  du  nouvel  Airbus  A330/340,  ainsi  que  pour  les 
avions  d’arme  ffanfais  [13]  en  paniculier  PACT /ACM  Rafale, 
dont  la  cellule  comprend  environ  28%  de  matEriau  composite. 
Si  1'aliEration  par  le  vieillissement  des  performances 
structurales  des  matEriaux  composites  proprement  dits 
apparait  aujourdhui  comme  un  phEnomene  bien  maltrisE.  on 
nt  peut  considErer  qu'il  en  est  de  meme  pour  les  solutions 
d' assemblage  de  type  liaison  collEe  sou  vent  ulilisEes  avec  ces 
matEriaux.  De  tels  principes  constructifs.  toujours  Iris 
perform  ants  du  point  de  vue  du  devis  de  masse,  continuent  k 
nEcessiter  une  attention  parliculiire  au  niveau  de  la  sElection 
des  matEriaux,  de  1'assurance  quaiitE,  des  essais  de 
justification  structurale,  el  du  suivi  en  service. 
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1.  SUMMARY 

The  sensitivity  of  several  advanced  aerospace  composite 
materials  to  military  jet  fuel,  JP-4,  was  investigated  in 
this  study.  The  following  fiber/matrix  preprcg  materials 
were  used  in  this  investigation:  AS -4/3 501 -6;  IM7/8551- 
7 A;  IM7/977-2  (1377-2T);  IM7/5250-4;  IM8/HTA;  and 
AS-4/PEEK(  APC-2)  The  materials  were  chosen  u 
representative  state-of-the-art  mairrials  in  their  classes  rtf 
standard  epoxy,  toughened  epoxy,  toughened  BMI,  and 
•nermoplattic  matrix  composites  respectively.  The 
materials  were  processed  into  l±4S]2S.  W)i2T.  •nd 
[90Ji2T  laminates  using  the  manufacturers  recommended 
process  cycle  and  standard  quality  assurance  checks  were 
performed  an  the  panels.  Standard  geometry  coupons  were 
fabricated  from  the  panels  and  divided  into  a  control  set 
and  test  set.  The  test  coupons  were  immersed  in  JP-4  in  a 
sealed  pressure  vessel  at  180°F.  The  weight  gain  was 
recorded  as  a  function  of  the  square  root  of  time  and  the 
jet  fuel  was  exchanged  each  time  the  coupon  weight  was 
recorded.  In  general,  the  thermoaet  matrix  composites  did 
not  pick-up  significant  levels  of  fuel  in  any  lay-up 
examinee'.;  while  the  thermoplastics  did  absorb  JP-4.  The 
amount  of  JP-4  absorbed  by  the  thermoplastic  matrix 
composites  was  dependent  on  the  lay-up.  After  1680 
hours  of  total  exposure  time  the  mechanical  properties  of 
the  coupons  were  evaluated.  G12  was  determined  from  the 
[±45)2S  coupons  and  Eflex  and  Oflex  were  determined  for 
the  (0)|2T  and  [90Ji2T  coupons.  In  addition,  the  creep 
compliance,  Sj2(t),  was  determined  for  APC-2  with 
various  thermal  processing  cycles  and  after  exposure  to 
JP-4.  G12  for  the  thermoplastic  matrix  composites  was 
markedly  lower  at  elevated  temperatures  in  the  fuel 
exposed  specimens  than  in  the  control  specimens,  due  to 
plasticization  of  the  matrix.  The  0*  and  90°  thermoset 
matrix  composites  flexure  specimens  exposed  to  JP-4  had 
lower  strengths  than  did  the  control  specimens.  The  lower 
strength  is  attributed  to  degradation  of  the  interface 
between  the  fiber  and  matrix.  Scanning  electron 
microscopy  was  used  to  examine  the  failure  surfaces.  The 
flexure  modulus  in  the  90®  flexure  specimens  was  not 
affected  by  exposure  to  JP-4  while  the  0s  flex  modulus 
was  lower  in  the  fuel  exposed  coupons  than  in  the  control 
coupons.  The  creep  rate  for  quenched  APC-2  control 
specimens  was  always  greater  than  the  standard  slow 
cooled  APr'-2.  After  exposure  to  JP-4,  however,  the  slow 
cooled  specimens  had  greater  creep  rate  than  the  quenched 
specimens  exposed  to  JP-4.  This  is  most  likely  due  to 
greater  plasticuation  of  the  matrix  in  the  slow  cooled 


coupons,  since  they  absorbed  a  great  deal  more  JP-4  than 
2.  INTRODUCTION 

The  issue  of  the  interaction  between  organic  matrix 
composite  mssrriah  and  fluids  which  they  may  be  exposed 
to  during  their  lifetime  has  been  controversial.  It  is  well 
understood  that  advanced  composites  utilizing 
thermosetting  resins  absorb  moisture  when  exposed  to 
high  humidity  environments.  The  absorption  of  moisture 
causes  plasticization  of  the  resin  with  concurrent  swelling 
and  lowering  of  the  resin's  glass  transition  temperature 
(Tg).  This  results  in  a  reduced  service  temperature  of  the 
composite.  This  phenomena  has  been  studied  and  well 
characterized  (1,2).  Composite  materials  are  typically 
tested  after  exposure  to  temperature  and  humidity  to 
determine  the  reduction  in  mnchamcal  properties. 

The  effects  of  other  aircraft  fluids  which  are  in  contact 
with  these  materials  over  their  lifetime  has  not  been  as 
well  characterized.  There  are  no  current  industry  standards 
to  assess  possible  effects.  A  typical  exposure  test  may 
involve  submersion  of  the  materials  in  the  fluid  at  room 
temperature  for  seven  days.  The  material  is  then 
mechanically  tested  at  room  temperature.  Typically  no 
reduction  in  properties  occin  from  this  type  of  exposure. 
Therefore,  it  is  concluded  that  the  fluids  tested  have  no 
significant  effect  on  the  mechanical  properties  and  that  a 
"hot/wet"  exposure  represents  the  worst  case 
environmental  conditions. 

Recent  investigations  of  thermoplastic  matrix  composites 
have  determined  that  these  materials  absorb  some  aircraft 
fluids  (3,4).  An  attempt  was  made  to  correlate  this  data 
with  other  fluid  studies.  However,  because  there  are  no 
current  industry  standards  for  testing  fluid  exposure,  it  was 
impossible  to  compare  or  correlate  any  existing  data. 

An  Air  Force  sponsored  study  was  conducted  (5)  in  an 
attempt  to  assess  current  industry  practice  for  testing 
composites  in  fluids.  The  procedures  employed  by 
companies  surveyed  were  so  varied  that  it  was  extremely 
difficult  to  correlate  data  from  one  participant  to  another. 
These  variations  ranged  from  die  number  of  plies  and 
orientation  to  the  choice  of  fluid,  exposure  time,  and 
exposure  conditions. 


Aircraft  composites  may  be  exposed  to  relatively 
aggressive  fluids,  such  as  jet  fuel  at  elevated  temperatures, 
an  a  daily  basis  for  as  long  as  20  or  30  years.  Because  of 
this  it  is  important  to  gain  a  fundamental  understanding  of 
the  effects  of  aircraft  fluids  on  composite  materials. 
Several  issues  have  been  raised  relative  to  the  sensitivity 
of  advanced  composites  to  aircraft  fluids.  These  include: 
a)  realistic  temperatures  arid  time,  b)  the  definition  of 
typical  in-service  mechanic*'  state  during  exposure,  c)  the 
development  or  selection  of  a  mechanical  test  to  measure 
the  effects  of  fluid  exposure  on  composites,  and  d) 
understanding  the  median:  sms  of  interaction  between  the 
fluid  and  the  composite. 

In  this  study  we  have  adopted  the  approach  of  trying  to 
gain  a  better  understanding  of  the  fundamental 
mechanisms  of  interaction  of  the  aircraft  fluid  with  the 
composite.  Our  view  is  that  if  the  fundamental 
mechanisms  of  interaction  are  understood  then  this 
information  can  be  used  to  understand  the  effect  of  fluid 
interaction  on  die  macroscopic  properties  of  more 
complex  composite  materials.  This  approach  includes 
exposure  of  the  composite  at  an  elevated  temperature  until 
saturation  (or  apparent  saturation)  is  achieved,  weight  gain 
versus  lime  and  coupon  configuration,  determination  of 
diffusion  mechanisms,  effects  of  weight  gain  on  physical 
and  mechanical  properties,  and  absorption/de sorption 
studies. 

There  are  several  aircraft  fluids  of  concern.  Hydraulic  fluid, 
paint  strippers,  cleaners,  and  jet  fuel  are  among  those  of 
most  concern.  In  this  study  we  have  chosen  to  evaluate 
only  the  effect  of  jet  fuel  since  very  little  is  known  about 
this  and  also  because  it  is  very  difficult  to  protect  the 
composite  from  this  fluid. 

3.  EXPERIMENTAL  PROCEDURES 

3.1  Sample  Preparation 

The  materials  used  in  this  study,  the  supplier  of  the 
material,  and  the  cure  or  consolidation  cycle  used  are 
given  in  table  1.  The  cure  or  consolidation  cycles  are 
those  recommended  by  the  supplier  and  in  all  cases  were 
found  to  give  quality  laminates.  The  thermoset  materials 
were  all  autoclave  cured  using  a  standard  net  resin  bagging 
technique;  the  thermoplastic  materials  were  all  press 
consolidated.  After  processing,  the  panels  were  C-scanncd 
to  verify  mat  they  were  free  of  porosity. 
Photomicrograph  specimens  were  also  made  from  several 
different  sections  in  the  laminates  to  verify  uniform  fiber 
distribution.  Acid  digestion  of  specimens  taken  from 
various  sections  of  the  laminates  was  used  to  obtain  the 
fiber  volume  of  each  laminate.  Differential  Scanning 
Calorimetry,  Thermogravimetric  Analysis,  and 
Thermomechanical  Analysis  were  also  used  to  verify  that 
the  laminates  were  of  expected  quality.  Test  specimens 
were  cut  from  laminates  using  a  water-cooled  diamond 
impregnated  saw  and  the  edges  were  finished  using  a  fine 


grit  paper.  Ail  specimen  were  then  dried  in  a  vacuum 
oven  and  weighed  and  measured.  The  control  specimens 
were  stored  in  a  desiccator  until  testing,  and  the  exposure 
specimens  were  immediately  placed  ir.  the  exposure 
vessels. 

For  the  APC-2  creep  compliance  studies  at  different 
processing  cycles,  quenched  +/-45°  specimens  were 
prepared  by  cold  press  transfer  consolidation.  X-ray 
scattering  was  used  to  determine  that  the  quenched 
specimens  were  amorphous. 

3.2  Jet  Fsel  Exposure 

Military  jet  fuel,  type  JP-4,  was  used  in  this  study  as  the 
exposure  fluid.  JP-4  is  n  extensively  used  jet  fuel  and  is 
a  more  aggressive  solvent  than  another  widely  used  jet 
fuel,  JP-8.  JP-8  has  lower  levels  of  low  molecular  weight 
aromatic  hydrocarbons  and  is  also  less  volatile  than  JP-4. 
Therefore,  JP-4  was  chosen  as  a  ’worst  case’  fluid. 

Composites  may  be  exposed  to  jet  fuel  at  temperatures 
greater  than  ambient  because  of  several  factors  such  as 
aerodynamic  healing  of  the  structures  and  radiant  heating. 
Fuel  may  even  be  used  as  a  cooling  medium  for  aircraft 
systems  and  is  heated  in  the  process.  We  chose  82°C  as  a 
representative  temperature  for  exposure  of  the  composites 
to  fuel.  Specially  made  vessels  were  used  to  contain  the 
jet  fuel  and  coupons  at  temperature.  The  vessels  were 
constructed  of  stainless  steel  aircraft  hydraulic  tubing  and 
had  flare  fittings  with  copper  gaskets  to  assure  a  leakproof 
seal.  The  vessels  were  filled  with  JP-4  and  the  composite 
coupons,  leaving  only  a  minimal  head  space  for  thermal 
expansion.  This  was  done  to  prevent  differences  in  liquid 
and  vapor  phase  compositions  of  the  JP-4.  The  low 
molecular  weight  aromatic  components  of  the  jet  fuel  arc 
likely  to  absorb  into  the  composites  to  the  greatest  extent; 
therefore  an  effort  was  made  to  ensure  that  these 
components  were  of  the  highest  possible  concentration  in 
the  liquid  phase.  The  specimens  were  scaled  in  the  vessel 
and  then  the  vessels  were  placed  into  a  convection  oven  at 
temperature.  Periodically  the  vessels  were  cooled  down 
and  the  specimens  were  wiped  off  and  weighed.  At  each 
weighing  the  fuel  was  exchanged  with  fresh  fuel  from  the 
same  batch.  The  exchange  was  done  in  an  attempt  to 
maintain  the  same  composition  in  the  exposure  vessel. 
The  coupons  were  exposed  to  jet  fuel  for  a  total  of  1680 
hrs. 

3.3  Thermal  Analysis 

Differential  Scanning  Calorimetry  (DSC), 
Thermogravimetric  Analysis  (TGA),  and 
Thermomechanical  Analysis  (TMA)  were  performed  on 
each  laminate  produced  and  on  specimens  after  exposure  to 
JP-4.  DSC  was  performed  with  a  DuPont  Model  910 
DSC,  TGA  was  performed  with  a  DuPont  Model  951 
TGA,  and  TMA  was  performed  with  a  DuPont  Model  943 
TMA.  The  DuPont  equipment  was  controlled  with  an 
Omnitherm  Atvantage  II  IBM  PS/2-60  data  station. 
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Sample  size  ranged  from  5  mg  to  15  mg  for  the  DSC  and 
TGA  while  the  TMA  used  6  mm  X  6  mm  X  laminate 
thickness  for  samples.  TMA  and  TGA  were  performed 
under  an  inert  atmosphere.  All  tests  were  performed  at  a 
standard  heating  rate  of  10°C/min.  In  addition  to  standard 
quality  assurance.  TGA  isothermal  aging  was  performed 
on  laminates  after  exposure  to  JP-4  to  determine  if  weight 
change  during  mechanical  testing  at  elevated  temperatures 
would  be  a  problem.  The  specimens  were  aged  at  their 
maximum  test  temperature  up  to  4S  min.  and  showed  no 
measurable  weight  loss  due  to  fuel  desorption. 

3.4  Dynamic  Mechanical  Analysis 

Dynamic  Mechanical  Analysis  (DMA)  was  performed  on 
both  the  control  and  fuel  exposed  specimens.  The  [0°]  \jt 
coupons  were  used  in  a  forced  torsion  geometry  on  a 
Rheometrics  RDS-II  dynamic  mechanical  spectrometer. 
The  shear  storage  and  loss  moduli  were  determined  as  a 
function  of  temperature  at  1Hz  (G'(T)ca=lHz  and 
C"(T)(b»ihz).  The  heating  rate  used  was  10°C/min. 
These  data  were  used  to  determine  the  Tg  of  the  coupons, 
for  a  quality  control  check  and  also  to  determine  if  there  is 
a  detectable  Tg  depression  due  to  the  fuel  absorption. 

3.5  Mechanical  Testing 

The  mechanical  test  matrix  used  to  evaluate  the  effect  of 
the  jet  fuel  exposure  is  given  in  Table  2.  The  tests  (with 
the  exception  of  90°  flex  and  0°  four  point  shear)  were 
conducted  at  room  temperature.  82°C.  and  an  elevated 
temperature  indicated  in  Table  2.  These  temperatures  were 
chosen  low  enough  to  be  in  the  elevated  temperature  dry 
service  range  of  the  composites,  but  high  enough  to  see 
the  effect  of  the  JP-4  on  the  properties.  The  span-to-depth 
ratio  was  32:1  for  the  0°  and  90°  four  point  flex  tests  and 
16: 1  for  the  0°  four-point  shear. 

3.5.1  Four  Point  Flexure  Testing 

The  four-point  flex  testing  was  performed  in  accordance 
with  ASTM  standard  D790-81  on  an  Instron  test  frame. 
The  crosshead  speed  in  all  flex  and  the  0°  four-point  shear 
was  0.127cm/min.  Cross  head  displacement  was  used  to 
calculate  mechanical  properties  for  the  0°  flex  and  0°  shear, 
while  the  90J  ilex  specimens  were  strain  gauged  on  their 
tensile  surface. 

3.5.2  +/-  45  ®  Tension  Testing 

The  +/-  45°  tension  testing  was  performed  in  accordance 
with  ASTM  standard  D35 18-76(82)  on  an  MTS  test 
frame.  The  samples  were  all  strain  gauged  and  the  loading 
rate  was  44.5N/sec.  The  specimens  were  only  tested  to 
approximately  0.3%  axial  strain  so  end-tabbing  was  not 
necessary. 

Creep  tests  were  also  performed  on  the  +/-450  strain 
gauged  specimens.  The  deformations  used  were 
determined  to  be  linear  and  recoverable.  The  MTS  test 
frame  was  used  to  apply  loads  to  the  specimen  in 


approximately  0.2  seconds  (without  overshoot  or 
oscillation). 

3.6  Scanning  Electron  Microscopy 

The  90s  flex  failure  surfaces  and  the  '3-direction'  surface 
of  the  90°  flex  control  and  fuel  exposed  coupons  were 
examined  using  a  JEOL  840  scanning  electron 
microscope.  The  samples  were  coated  with  Palladium- 
Gold  and  examined  using  10k V.  The  *3-direction'  surface 
was  examined  for  crazing  due  to  fuel  exposure,  and  the 
failure  surfaces  were  examined  for  fiber/matrix  adhesion 
and  any  other  characteristics  of  the  90°  flex  failure. 

3.7  Desorption  Analysis 

A  specially  designed  apparatus  was  used  to  extract  and  iron 
the  components  of  jet  fuel  that  were  absorbed  intc  the 
composite  specimens.  This  apparatus  is  shown 
schematically  in  Figure  1.  The  fuel  exposed  coupons  are 
loaded  into  the  sample  chamber  and  the  entire  apparatus  is 
repeatedly  purged  with  nitrogen  to  remove  all  air  then 
evacuated  under  continuous  vacuum.  The  chamber  is 
heated  to  approximately  3 16°C  and  held  for  1  hr.  Any 
volatiles  from  the  laminates  are  collected  in  the  cold  trap. 
The  desorption  process  is  quantitative,  as  the  weight  of 
the  laminates  after  desorption  is  identical  to  (heir  weight 
before  exposure  to  JP-4.  The  condensate  is  diluted  with 
spec  grade  n-pentane  and  collet -’d.  The  samples  arc  then 
analyzed  using  GC-MS.  This  technique  allows  for 
separation  of  the  components  in  the  mixture  (GC)  and 
their  identification  (MS).  This  technique  can  also  be  used 
to  qualitatively  determine  the  relative  amount  of  each 
component  in  the  mixture. 

4.  RESULTS  AND  DISCUSSION 

4.1  Jet  Fuel  Exposure  Results 
The  weight  gain  plotted  versus  the  square  root  of  time  is 
shown  for  the  thermoplastic  [+/-45°)2S  coupons  in 
Figures  2  and  3  and  for  the  [0o)i2T  »n  Figure  4.  Figure  2 
is  the  weight  gain  characteristics  for  the  conventionally 
processed  APC-2  and  HTA  thermcplastic  matrix 
composites.  Figure  3  shows  the  weight  gain  curves  for 
APC-2  as  a  function  of  the  processing  cycles  investigated. 
The  fuel  absorption  of  the  thermoset  matrix  1+/-45®] 
coupons  was  identical  to  the  thermoset  matrix 
unidirectional  coupons  so  it  is  omitted  here.  The  weight 
gain  trends  of  the  [90°)  1 2T  coupons  were  identical  for  all 
materials  to  the  [0°J  1 2T  specimens  so  that  data  is  not 
presented. 

The  (♦/-45el2S  thermoplastic  laminates.  APC-2  and  the 
IM8/HTA,  both  picked  up  approximately  0.85  weight 
percent  (wi%)  jet  fuel  and  reached  an  apparent  saturation 
value.  However,  in  the  0®  and  90®  unidirectional  coupons 
the  APC-2  did  not  pick  up  a  significant  amount  of  jet  fuel 
and  the  IM8/HTA  absorbed  only  approximately  0.35wt%. 
This  difference  may  be  attributed  to  several  factors  such  ?■ 
residual  stress,  crystallinity  and  crystal  morphology  on 
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APC-2),  fiber  wicking,  or  microcracks.  If  fiber  wicking 
were  responsible  for  the  observed  difference  there  should 
be  a  difference  between  the  0°  and  90°  unidirectional 
coupons.  However,  these  configurations  have  virtually 
identical  weight  gain  characteristics.  Thus,  fiber  wicking 
has  been  ruled  out  as  a  mechanism  for  absorption  in  this 
case.  Photomicrographs  of  the  +/- 45®,  0°,  and  90° 
coupons  show  no  microcracking  so  this  has  been  ruled  out 
as  a  cause  of  the  difference.  The  crystal  morphology  of 
the  APC-2  may  be  different  in  the  angle  ply  laminates  and 
the  unidirectional  laminates,  but  this  was  not  investigated 
in  this  study.  The  state  of  stress  in  a  polymer  has  been 
directly  related  to  the  diffusion  of  solvents  (6)  in  polymers 
and  this  is  the  most  likely  reason  for  the  difference  in 
absorption  characteristics  between  the  different  laminate 
configurations. 

The  thermoset  matrix  laminates,  with  the  exception  of 
IM7/8551-7A.  absorbed  less  than  0.1  wt%  in  all  laminate 
configurations.  There  was  also  large  scatter  in  the 
measurements  because  of  the  low  level  of  fuel  absorbed 
and  the  small  number  of  coupons  exposed.  The 
IM7/8551-7A  system  had  a  very  pronounced  weight  gain 
between  48  hrs  and  168  hrs,  after  which  the  weight  gain 
remained  constant  within  the  scatter.  The  8SS1-7A  is  a 
very  complex  heterogeneous  resin  system.  The  unusual 
absorption  characteristics  are  attributed  to  the  complex 
phase  structure  of  the  resin. 

Other  than  demonstrating  that  the  absorption  of  jet  fuel 
into  the  composites  is  non-fickian.  no  attempt  has  been 
made  to  model  the  diffusion  behavior  of  the  composites 
from  this  data.  Much  more  testing  will  be  required  to 
make  any  conclusions  about  the  nature  of  the  diffusion 
process. 

4.2  Thermal  Analysis  Results 
The  thermal  analysis  performed  on  the  control  specimens 
was  used  primarily  for  quality  assurance,  verifying  that  the 
Tg,  crystallization  temperature  (Tc),  and  endotherm  peaks 
were  all  characteristic  of  the  materials  evaluated.  Thermal 
analysis  on  the  fuel  exposed  specimens  was  performed  to 
detect  changes  in  Tg  and  phase  transitions.  The  thermoset 
matrix  composites  did  not  absorb  any  appreciable  jet  fuel, 
and  there  are  no  significant  changes  in  their  DSC,  TMA, 
or  TGA  scans.  The  APC-2  DSC  scan  did  have  a  larger 
heat  of  crystallization  for  the  +/- 45  laminate  configuration 
exposed  to  jet  fuel  than  for  the  +/-45  control  coupon. 
TGA-MS  results  have  indicated  that  there  is  a  large 
volatile  evolution  that  occurs  with  the  crystallization 
transition.  This  could  contribute  to  the  larger  heat  of 
crystallization.  The  TMA  scan  of  the  APC-2  +/- 45 
exposed  to  JP-4  indicated  a  Tg  of  106°C.  This  is  an 
approximately  40°C  decrease  in  the  Tg  for  the  fuel  soaked 
coupons.  The  TMA  of  the  IM8/HTA  specimen  did  not 
yield  a  distinct  glass  transition.  The  thermal  analysis  data 
are  presented  in  their  entirety  in  a  separate  report  (7). 


4.3  Dynamic  Mechanical  Results 

The  results  of  the  DMA  are  summarized  in  Table  3. 
There  was  very  little  effect  of  the  jet  fuel  on  AS-4/3501-6 
and  IM7/977-2,  but  all  of  the  other  materials  experienced 
drop  in  their  Tg,  as  measared  by  the  storage  and  loss 
modulus  respectively.  TheTg  from  the  storage  modulus 
transition  for  APC-2  is  1 37°C  as  opposed  to  106°C  from 
the  TMA  measurement  Tins  is  due  to  the  large  difference 
in  absorbed  JP-4  content  between  the  |-*-/-45°l2S 
(0.85wt%  JP-4)  coupon  used  for  the  TMA  and  the  [0°]]2T 
(0.05wt%  JP-4)  coupon  used  for  the  DMA 
measurements. 

4.4  Mechanical  Testing  Results 

The  results  of  the  test  matrix  (Table  2)  are  given  in  Table 
4.  No  measurements  of  error  or  standard  deviation  are 
given  because  of  the  tow  n— her  of  specimens  tested. 

4.4.1  0  °  Four-Point  Flexure  Results 

At  room  temperature  all  of  the  materials  exposed  to  JP-4 
had  lower  flex  strength  and  moduli  than  the  controls.  The 
same  trend  was  observed  in  the  specimens  tested  at  82°C. 
With  the  exception  of  IM7/5250-4,  the  specimens  tested 
at  their  respective  elevated  temperatures  (See  Table  2  for 
temperatures)  exhibited  no  measurable  difference  in 
strength  and  modulus  between  the  control  specimens  and 
those  exposed  to  JP-4. 

The  decrease  in  room  temperature  properties  could  be 
attributed  to  several  factors  such  as:  a)  decrease  in  matrix 
modulus  due  to  plasticization,  b)  degradation  of  the 
fiber/matrix  interface  from  the  solvent  absorption,  or  c) 
surface  microcracks  or  crazing  from  thermal  cycling  or  JP- 
4  absorption.  With  the  exception  of  IM8/HTA  the  0° 
laminates  did  not  absorb  an  amount  of  fuel  sufficient  to 
plasticize  the  materials  to  the  degree  observed.  In 
addition,  crazing  is  usually  observed  in  polymers  exposed 
to  very  good  solvents.  JP-4  is  not  a  good  solvent  for  the 
matrix  polymers  evaluated.  Degradation  of  the 
fiber/matrix  interface  could  be  a  possible  explanation  for 
the  observed  decrease  in  four  point  flex  properties.  This 
phenomenon  will  be  discussed  further  in  the  next  section. 

The  elevated  temperature  results  support  the  hypothesis 
that  degradation  of  the  interface  could  be  occurring.  The 
effect  of  temperature  on  the  composite  properties  is 
overwhelming  the  effect  of  temperature. 

4.4.2  90°  Four-Point  Flexwe  Results 

The  190°)  12T  coupons  were  only  tested  at  room 
temperature.  There  is  no  areasurablc  difference  in  the 
moduli;  however  the  strengths  arc  dramatically  lower  in 
the  coupons  exposed  to  JP-4  than  are  the  control  coupons. 
The  90°  flex  is  very  sensitive  to  interfacia]  adhesion,  thus 
this  data  supports  the  hypothesis  that  there  is  degradation 
of  the  fiber/matrix  interface.  The  SEM  photographs  in 
Section  3.4.3  give  some  supporting  evidence  that  the 
interface  has  degraded.  The  90°  (lex  is  also  very  sensitive 
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to  surface  Haws,  such  as  crazing.  However.  SEM 
evaluation  of  the  surfaces  showed  no  evidence  of  crazing. 

♦A3  0°  Four-Point  Shear  Results 
The  0°  four  pou  t  shear  strengths  of  the  coupons  exposed 
to  fuel  were  only  slightly  lower  than  the  control  coupons. 
More  testing  will  be  required  to  determine  if  the  0°  four- 
point  shear  test  is  sensitive  to  the  effects  of  fluid  exposure 
on  composites. 

4.4.4  +/-  45  °  Tension  Results 
The  +/45°  tension  test  is  used  to  determine  the  In  Plane 
Shear  (IPS)  Modulus.  Gi2-  G12  is  very  sensitive  to  the 
composite  matrix,  and  is  a  good  measure  of  plasticization 
due  to  solvent  absorption.  The  angle-ply  laminates  also 
absorb  much  more  solvent  than  oo  the  unidirectional 
coupons.  Thus,  the  IPS  evaluation  is  viewed  as  a  litmus 
test  for  fluid  exposure  testing. 

Table  4  shows  a  •v'easurable  effect  of  the  jet  fuel  exposure 
on  G 12  for  most  of  the  materials.  The  largest  differences 
between  the  control  specimens  and  those  exposed  to  JP-4 
were  observed  in  the  thermoplastics.  The  AFC-2  was 
tested  at  an  elevated  temperature  of  12I°C  which  is  above 
its  fuel  soaked  Tg  of  approximately  106°C.  Based  on  this 
we  would  expect  a  dramatic  drop  in  the  modulus  at  121°C. 
The  APC-2  retains  only  42%  of  the  12TC  control  Gi2. 
The  IM8/HTA  also  exhibits  a  significant  drop  in  elevated 
temperature  properties  due  to  plasticization  from  the  jet 
fuel.  The  IM8/HTA  retains  84%  of  the  177°C  control 

G  12- 

Figures  S  and  6  are  plots  of  the  creep  compliance,  Si2<0, 
at  room  temperature  and  I00°C  comparing  the  creep  after 
exposure  to  JP-4  (Figure  3.)  of  APC-2  that  has  been  slow 
cooled  from  the  melt  state  to  APC-2  that  has  been 
quenched  from  the  melt  state.  In  both  cases,  contrary  to 
our  intuitive  expectations,  the  relatively  amorphous  APC- 
2  absorbed  less  JP-4  than  the  slow  cooled  APC-2,  and 
consequently  had  a  lower  creep  rate. 


4.5  Scanning  Electron  Microscopy  Results 

We  choose  IM7/8551-7a  as  representative  of  the  property 
degradation  exhibited  by  the  thermosets.  The  90°  flex 
strength  of  the  fuel  soaked  specimen  was  only  52%  of  the 
control  specimen;  while  the  modulus  of  the  fuel  soaked 
specimen  was  96%  that  of  Lie  conirrl  Similar  results 
were  observed  for  all  of  the  thennoset  matrix  composites 
evaluated.  Our  hypothesis  is  that  the  mixture  of 
hydrocarbons  must  degrade  the  interfacial  adhesion 
between  the  fiber  and  matrix.  SEM  analysis  supports  this 
belief.  There  appear  to  be  many  more  "dean''  fibers  in  the 
fracture  surface  of  the  coupons  exposed  to  JP-4. 

4.6  Desorption  Results 

The  jet  fuel  extracted  from  the  APC-2  IPS  sample  was 
analyzed  using  GC-MS  and  the  results  are  presented  in 


Table  5.  For  purposes  of  comparison  the  GC-MS 
analysis  of  JP-4  used  for  exposure  is  also  presented.  The 
extracted  fuel  is  nearly  entirely  composed  of  aliphatic 
substituted  benzene  components,  while  the  JP-4  sample 
is  predominantly  low  molecular  weight  paraffin  and  olefin 
hydrocarbon  components.  To  estimate  some  relative 
measure  of  concentration,  all  component  peaks  were 
normalized  to  the  octane  peak.  Only  one  component,  1 ,2- 
dimethylbenzene,  is  common  to  both  samples,  but  the 
desorbed  sample  has  a  concentration  nearly  18X  greater 
than  in  the  JP-4  sample.  Thus,  it  appears  that  the 
aromatic  components  of  JP-4  are  selectively  absorbed  and 
concentrated  in  the  APC-2  specimen.  A  complete 
analysis  of  the  GC-MS  data  is  presented  in  a  separate 
report  (7). 


5.  CONCLUSIONS 

A  technique  was  developed  to  expose  composite  materials 
to  volatile  and  inflammable  fluids  at  elevated 
temperatures.  Exposure  to  JP-4  at  elevated  temperatures 
has  been  demonstrated  to  have  a  significant  effect  on  the 
performance  of  advanced  thermoplastic  and  thermoset 
matrix  composite  materials.  The  mechanism  of  property 
degradation  on  the  thermoplastic  matrix  composites 
evaluated  appears  to  be  a  plasticization  of  the  matrix 
polymer.  The  mechanism  in  the  thermoset  matrix 
composites  evaluated  appears  to  be  degradation  of  the 
fiber/matrix  interface.  Further  work  in  this  area  will  focus 
on  the  following  topics;  a)  effect  of  the  state  of  stress  in 
the  matrix  on  absorption  of  JP-4;  b)  investigation  of  the 
degradation  of  the  fiber/matrix  interface;  a.VI  c.)  use  of  high 
pressure  dilatometry  to  measure  the  glass  transition 
temperature  of  exposed  specimens. 
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Figure  1 .  Schematic  diagram  of  apparatus  used  to 
desorb  JP-4  from  thermoplastic  matrix  composite 
coupons. 
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Figure  3.  JP-4  weight  gain  for  A  PC-2  ±45*  coupons 
for  various  processing  cycles.  The  circles  are  slow 
cooled  (see  Table  1.).  the  triangles  are  quenched, 
and  the  squares  are  quenchetVannealed  at  1 60°C. 
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Figure  2.  JP-4  weight  gain  characteristics  for 
standard  process  (see  Table  1.)  APC-2  and  IM8/HTA 
±45®  coupons. 


Figure  4.  JP-4  weight  gain  for  0°  laminates  for 
materials  given  in  Table  1 .  Symbol  meanings  are  as 
follows:  open  square,  IM8/HTA;  diamond,  IM7/8551 
7A;  solid  circle,  APC-2;  open  circle,  AS4/3501-6; 
cross,  IM7/977-2;  and  triangle,  IM7/5250-4. 


Table  1.  Materials  and  Process  Conditions  Used. 


AS -4/3501-6  Hercules 


IM7/8551-7A 

IM7/977-2(1377-2T) 

EM7/5 250-4 


AS  -4/PEEK(APC-2) 
IM8/APC(HTA) 


Hercules 

Hercules 

ICI/Fiberite 

BASF/Nannco 


ICI/Fiberite 

ICI/Fiberite 


Heat  to  116°C,  60  min.  @  586  KPa. 
Heat  to  I77°C,  6  hrs.  @  655  KPa. 
Heat  to  180°C,  250  min.  @  620  KPa. 
Heat  to  99°C,  60  min.  @  690  KPa. 
Heat  to  177°C,  3  hrs.  @690  KPa. 
Heat  to  149*C,  45  min.  @  586  KPa. 
Heal  to  19l°C,  6  hrs.  @  586  KPa. 
Post-cure  @  227°C  for  6  hrs. 

Heat  to  382°C.  30  min.  @  1379  KPa. 
Heat  to  357®C,  30  min.  @  1379  KPa. 


Table  2.  Mechanical  Test  Matrix  for  JP-4  Exposure  Study 


0° 

4-PT  Flex* 

•C  ET1*** 


MATERIAL 

CONDITION 

AS-4  /  3501-6 

CONTROL 

JPA 

IM-7  /  5250-4 

CONTROL 

JP-4 

IM-7  /  8551-7A 

CONTROL 

JP-4 

IM-7  /  977-2 

CONTROL 

JP-4 

AS-4 /PEEK  (APC-2) 

CONTROL 

JP-4 

IM-8  /  APC  (HTA) 

CONTROL 

JP-4 

•••AS-4  /  3501-6 

ET1  *149 °C 

IM-7/  855 1-7A 

121  °C 

IM-7  /  5250-4 

177  °C 

IM-7/  977-2 

149  °C 

AS-4/PEEK  (APC-2) 

121  °C 

IM-8/APC  (HTA) 

177  °C 

90°  0° 

4-PT  Flex  4-PT  Shear* 


±45° 

Tension** 
RT  82  ®C  ET1 


3  3  3 


*  ASTM  #  D790-81 
length  =  6.35  cm 
width  =  1.14  cm 
thickness  =  0. 16  cm 


**  ASTM#  D35 18-76(82) 
length  =  13.9  cm 
width  =  1.91  cm 
thickness  =  0.10  cm 


Table  3.  Dynamic  Mechanical  Analysis  Results. 


Material _ Control.  G' _ JPA..G' _ Control  G: _ IEdLGl 


AS-4/3S01-6 

181 

182 

205 

200 

IM7/8551-7A 

195 

181 

219 

206 

IM7/5 250-4 

243(272) 

258 

266(313) 

276 

IM7/977-2  (1377-2) 

174 

178 

194 

193 

AS-4/PEEK  (APC-2) 

ISO 

137 

167 

157 

IM8/HTA 

262 

253 

273 

264 

•Temperature  in  °C,  Heating  Rate  »10°C/min,  Numbers  in  Parenthesis  are  Rescan 


Table  4.  Mechanical  Teat  Results 


90*  4-pt  (TA-pt  ±45 


MATERIAL 

COND. 

RT 

0“Flex* 

82  «C 

ET1*** 

Flex* 

RT 

Shear* 

_JQL_ 

RT 

Tenaion** 

82  *C  ET1*** 

MOD/STR 

MOD/STR 

MOD/STR 

MOD/STR 

STR 

MOD 

MOD 

MOD 

(GPa/MPa) 

(GPa/MPa) 

(GPa/MPa) 

(GPa/MPa) 

(MPa) 

(GPa) 

(GPa) 

(GPa) 

AS4/3501-6 

CNTRL 

118.5/1841.0 

131.3/1698.0 

100.7/1161.0 

10.5/85-3 

100.6 

5.8 

5.3 

4.3 

JP-4 

86.0/1493.0 

87.9/1346 .0 

101.3/1162.0 

9.3/39.8 

93.7 

63 

5.8 

3.5 

IM7/5250-4 

CNTRL 

153.8/1772.0 

170.8/1756.0 

128.4/1131.0 

10.4/83.4 

ioa4 

7.0 

6.8 

5.9 

JP-4 

111.1/1399.0 

113.5/1330.0 

113.3/1029.0 

10.5/46l2 

92.0 

6.9 

6.1 

5.4 

IM7/8551-7a 

CNTRL 

151.3/1671.0 

157.7/1468.0 

138.9/1229.0 

9.6/92* 

91.2 

6.4 

5.6 

5.1 

JP-4 

115.1/1259.0 

105.3/1120.0 

134.4/1216.0 

9.3/47.9 

74.6 

6.5 

5.4 

5.4 

IM7/977-2 

CNTRL 

138.5/1678.0 

147.9/1402.0 

125.6/1048.0 

10.2/107.6 

96* 

5.7 

5.7 

4.5 

JP-4 

107.1/1299.0 

97.8/1116.0 

122.4/1004.0 

10.Q/68.0 

88.0 

6.3 

5.6 

3.4 

AS4/PEEK 

CNTRL 

141.0/1875.0 

150.2/1619.0 

125.7/1211.0 

11.4/136.5 

107.1 

6.7 

6.0 

5.4 

(APC-2) 

JP-4 

100.8/1515.0 

102.7/1347.0 

126.0/1234.0 

11. 2/135  J 

99.2 

5.9 

5.4 

2.3 

IM8/HTA 

CNTRL 

169.9/1472.0 

186.6/1277.0 

152.8/865.0 

8.8/99.2 

85.0 

4.9 

4.8 

4.0 

JP-4 

122.3/1182.0 

125.2/1084.0 

153.0/949.0 

9.C/82JS 

89.5 

4.7 

4.1 

3.4 

Table  5.  GC-MS  Results  (Octane  is  used  as  reference). 

No. 

Desorbed 

A/Ao 

JP-4 

A/Ao 

1 

octane 

1.0 

2^3-dimethylpentane 

2.3 

2 

1,2-dimethlybenzene 

8.9 

heptane 

1.9 

3 

1-ethyl-  3-methylbenzene 

31.8 

methylcydohexane 

1.4 

4 

l-ethyl-2-tnethyIbenzene 

9.4 

octane 

1.0 

5 

1 2  ,3-trimethy  1  benzene 

34.4 

2,6-dimethylheptane 

0.1 

6 

1 ,2, 4-trim  ethylbenzene 

17.9 

ethylcyclohexane 

0.5 

7 

l-methyl-3-ptopylbenzene 

8.8 

2-methyloctane 

0.4 

8 

1,4-diethylbenzene 

32.2 

1 ,2-dimethy  Ibenzene 

0.5 

9 

2-ethyl- 1 ,4-dimethylbenzene 

21.8 

nonane 

1.0 

10 

1,2,4,5-tctramethylbcnzene 

31.8 

3,4,4-trir>iethyl-2-hexeae 

0.1 
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Abstract 

Fluid  absorption  of  carbon  fibre  composites,  both  thermosetting  and  thermoplastic,  immersed  in  jet  fuel  under  controlled 
conditions  of  time  and  temperature,  was  determined  and,  in  the  sequence,  DMA  studies  were  performed.  Storage  modulus, 
loss  factor  and  glass  transition  temperature  were  the  parameters  utilized  for  the  evaluation  of  the  dynamic  behaviour  of  said 
materials. 

1.  INTRODUCTION 

Structural  composites  applied  in  vehicles  driven  by  various  kinds  of  thermal  engines  are  subject  to  the  influence  of  chemical 
reagents  associated  with  the  presence  of  a  large  number  of  fluids,  among  which  fuels,  hydraulic  oils,  lubricants  etc.  are  only 
a  few,  besides  humidity,  salt  water  etc.  normally  existing  in  the  environment. 

The  effect  of  water  absorption  on  the  various  properties  of  polymeric  composites  has  been  studied  extensively,  see  for  example 
[1.  2],  and  it  is  well  known  how  sensitive  thermosetting  matrices  aie,  absorbing  up  to  5%  b.w.  water,  as  opposed  to 
thermoplastics,  by  which  water  absorption  does  not  exceed  2%.  Very  few  studies  exist  for  other  important  fluids,  as  the  cues 
already  mentioned,  most  of  which  contain  substantial  amounts  of  organic  solvents. 

A  considerable  number  of  the  latter,  even  mild  ones,  may  have  a  detrimental  effect  on  polymers.  For  example,  acetone  may 
cause  a  stressed  resin  to  craze,  with  a  simultaneous  decrease  by  more  than  16%  for  both  static  and  dynamic  strength,  while 
alcohol,  ether,  chlorophorm  and  carbon  tetrachloride  may  have  similar  effects,  especially  with  highly  plasticized  resins  [3, 
41. 

In  the  present  an  attempt  is  made  to  investigate  jet  fuel  interaction  with  two  typical  carbon  Fibre  laminates,  with  a  thermosetting 
and  a  thermoplastic  matrix  respectively. 

2.  EXPERIMENTAL 
2.1  Materials 

The  following  materials  were  tested: 

(a)  A  0*/90*  non  crimp  fabric/|polyetherimide  thermoplastic  composite  (C/PEI)  made  of  Courtauld's  Apollo  43-750  12K 
untreated,  A-size  C-fibtes  at  about  50%  volume  fraction  manufactured  by  Brochier,  France.  Hot  forming  took  place  at  10  bar 
pressure  and  380*  C  temperature.  The  FIT  consists  of  Fibre  rovings  which  are  spread  out  and  impregnated  with  un melted 
polymeric  powder.  Then  they  are  put  into  a  polymer  sheath,  the  polymer  used  being  the  same  as  that  of  the  original  powder 
resin.  The  product  has  the  advantage  to  remain  flexible  and,  when  woven,  gives  a  fabric  pre  impregnated  to  the  core. 
Specimen  dimensions  were  40x10x2.4  mm. 

(b)  A  unidirectional  thermosetting  8-layer  laminate,  at  about  55%  volume  fraction  manufactured  from  a  piepteg  type  SIGRI 
UD  tape  CE  1007/150/36  with  Toho  fibres  HTA7. 

The  curing  temperature  was  125*  C  and  the  curing  process  was  a  controlled  heating/cooling  2-hour  cycle,  leading  to  a 
practically  stress-free  lamiiate  at  ambient  temperature.  Specimen  dimensions  were  40x12x1.2  mm. 

The  main  properties  of  both  types  of  laminates  appear  in  Table  1 . 


^^\Properties 

Materials 

Ei 

GPa 

El 

GPa 

Gil 

GPa 

Vij 

Oh 

xlO^’C' 

Otj 

xio-»  *cr’ 

Tg 

*C 

SIGRI  CE  1007 

145 

8.5 

4.8 

0.335 

-0.55 

30 

147 

C/PEI 

Kiia 

■ 

0.07 

15 

15 

215 

Specimens  were  immersed  for  several  hours  in  JP-8  jet  fuel  [5]  at  two  different  temperatures,  namely  25*  C  and  75*  C. 

2.2  DMA  tests 

After  immersion  cpecimens  were  tested  on  a  DuPont  Dynamic  Mechanical  Analyzer  (DMA)  at  both  fixed  and  resonant 
frequency  modes,  to  determine  complex  moduli  as  well  as  glass  transition  temperatures  over  a  temperature  range  from  -70  to 
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Fiprel  Fuel  «bntption  unu  of  SIGRI CE 1007  thermotetling 
specimens  at  0*  nd  90*  fibre  eri—ia.  mn!  a  two  different 
temperatures. 
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Figure  3.  Storage  modulus  of  virgin  end  48  hr  -  immersed  C/PEI  specimens,  a  three  different  temper—,  agaesa  frequency. 

3.  RESULTS  AND  DISCUSSION 
3.1  Fad  absorption 

Fuel  absorption  against  time  for  both  laminates  (a)  and  (b)  is  presented  in  Figures  1  and  2  respectively.  On  both  occasions 
absorption  is  low  as  compared  with  water  absorption.  However,  with  the  thermoplastic  laminate  (Fig.  1),  by  which  a  state  of 
saturation  is  reached  in  48  hours,  temperature  seems  to  be  important,  since  a  difference  in  saturation  values  of  over  30% 
appears.  With  the  thermosetting  laminate  (Fig.  2),  the  temperature  is  less  important,  the  latter  value  is  less  than  13%,  and 
absorption  is  substantially  lower.  As  expected,  a  difference  appears  with  fibre  orientations,  which,  however,  does  not  exceed 
10%. 

3J  Dynamic  measurements 

The  complex  E-modulus  was  determined  by  means  of  the  storage  modulus  E  and  the  lorn  factor  tan. 

With  the  fixed  frequency  mode  both  parameters  were  measured  at  three  different  tcmpm—ri.  namely.  -65. 23  and  70*  C.  as 
functions  of  frequency  m  the  range  from  0  to  10  Hz  both  for  virgin  and  for  48-hour  immersed  specimens. 

The  results  for  the  thermoplastic  laminate  appear  in  Figs.  3  and  4:  The  detrimental  effect  of  fuel  immersion  is  of  the  order  of 
6%  for  the  storage  modulus,  while  the  loss  factor  increases  by  around  25%.  The  effect  of  frequency  is  much  more  pronounced 
for  the  loss  factor. 

The  results  for  the  thermosetting  laminate  for  fibre  orientations  0*  and  90*  appear  in  Figs.  3  and  6  and  7  and  8  respectively: 
Values  for  the  storage  modulus  are  reduced  by  11-12%  on  both  occasions,  while  for  the  loss  factor  they  seem  to  increase  by 
45%. 

With  the  resonant  frequency  mode,  storage  modulus  and  loss  factor  were  plotted  as  functions  of  temperature  in  the  range  frotr. 
•100  to  200 *  C,  out  of  which  values  for  storage  modulus,  loss  factor  and  glass  transition  temperature  against  immersion  time 
at  a  given  temperature  and  at  the  respective  resonant  frequency  can  be  determined. 

With  the  thermoplastic  laminate  the  storage  modulus  drops,  as  expected,  by  nearly  6%  within  48  hours  of  immersion  (Fig. 
9),  while  the  loss  factor  fust  drops  by  6.3%,  assumes  a  minimum  value  at  6  hours  of  immersion  and  then  increases  rapidly 
(Fig.  10).  This  effect  appears  to  be  the  same  as  with  moisture  absorption,  by  which  the  water  diffused  is  at  first  filling  the 
voids  and  acts  as  a  lubricant,  while  in  the  sequence  it  causes  plasticization  of  the  polymeric  matrix. 

In  Fig.  11  both  the  first  and  the  second  transition  temperatures  are  presented.  In  the  first  care  the  variation  was  of  the  order 
of  10%,  while  in  the  second  it  did  not  exceed  4%. 

With  the  thermosetting  laminate  the  results  appear  in  Figs.  12, 13  and  14  and  analogous  phenomena  appear.  A  remarkable 
difference  lies  in  the  variation  of  glass  transition  temperature,  which  for  both  fibre  orientations  is  of  the  order  of  12.5%. 
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3J  Microscopic  observation 

A  number  of  specimens  were  subjected  to  microscopic  examination,  and  interestin'  effects  in  the  farm  of  rather  deep  pits 
anteared  with  thermoplastic  laminate  immersed  in  jet  fuel  for  over  24  days  (Fig.  .5),  a  fact  which,  if  confirmed,  indicates 
action  of  organic  solvents  within  an  otherwise  inert  fluid. 

4.  CONCLUSIONS 

With  both  types  of  laminates  fuel  absorption  is  low  in  comparison  to  moisture  absorption,  although  thermoplastic  specimens 
absorb  higher  amounts  -  a  tendency  quite  opposite  than  with  moisture  absorption.  Despite  that,  the  effect  on  the  properties 
investigated  is  much  more  pronounced  with  thermosetting  laminates.  Fuel  temperature  doing  immersion,  although  important 
for  the  amount  of  fuel  absorbed,  has  no  statistically  significant  effect  on  the  respective  properties  •  probably  due  to  the  fact 
that,  when  the  specimen  is  healed  up  during  measurements,  the  fuel  is  partially  rejected  mi  die  material  resumes  its  previous 
state.  This  fact,  together  with  the  variation  of  loss  factor  with  immersion  time,  as  illustrated  ia  Figs.  10  and  13,  indicates  that 
fuel  absorption  is  based  on  more  or  less  the  same  mechanisms  as  moisture  absorption,  despite  the  differences  in  quantitative 
results,  due  to  the  individual  properties  of  the  respective  materials.  At  this  point,  it  is  interesting  to  stress  the  importance  of 
loss  factor  in  the  determination  or  the  variation  of  properties,  as  a  parameter  far  more  sensitive  to  changes  than  glass  transition 
temperature. 

The  additional  action  of  organic  solvents,  especially  with  thermoplastic  matrices,  must  be  father  examined,  not  only  from 
the  point  of  view  of  improving  the  operating  conditions  of  materials  working  in  adverse  environments,  but  also  as  a  problem 
of  environmental  protection,  associated  with  disposal  and  perhaps  recycling  of  such  iTriili,  cow  produced  in  vast 
quantities.. 
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SUMMARY 

This  paper  presents  the  results  of  an  investigation  into  the 
effect  of  environmental  exposure  on  the  compressive  fracture 
surface  characteristics  of  carbon/epoxy  composite  material 
(  Hercules  AS4/3501-6  ).  The  effects  of  temperature  and 
absorbed  moisture  on  laminates  are  explored  Specimens  were 
preconditioned  in  either  ambient  laboratory  humidity  or  in 
water  at  64  *C  for  4  or  7  weeks.  The  fractures  were  produced 
at  room  temperature  and  93  *C.  The  observed  fracture 
features  (  Scanning  Election  Microscope  )  of  the  specimens 
with  different  preconditioning  and  test  environments  are 
presented.  These  results  illustrated  differences  in  the  amount 
of  fibre/  matrix  separation,  fibre  fracture  and  resin  fracture 
with  increasing  temperature  and  absorbed  moisture.  The 
reduction  in  compressive  strength  of  laminates  due  to 
hygrochermal  effects  is  also  discussed. 

1  INTRODUCTION 

The  use  of  composite  materials  in  military  aircraft  structures 
is  common,  and  in  service  they  are  expo:ed  to  a  wide  range  of 
environmental  conditions.  It  is  well  recognized  that  epoxy 
resins  utilized  in  high-performance  structural  composites 
absorb  moisture  in  humid  environments  (Ref  1).  The 
absorption  of  moisture  causes  a  slight  swelling  and  lowers  the 
resin's  glass  transition  temperature.  Composite  properties 
which  are  matrix  dominated  such  as  compression  strength,  can 
also  be  adversely  affected  by  moisture  uptake  and  this  can 
reduce  the  maximum  permissible  service  temperature. 


2  EXPERIMENT 

2.1  Development  of  a  New  Test  Fixture 

For  the  evaluation  of  combined  moisture-temperature  effects 
on  the  matrix  performance  of  composites,  American  Cyanamid 
Corporation's  "  hot-wet  compression  test"  (Ref  2)  which 
utilized  the  test  fixture  of  ASTM  Test  Method  D  695  (Ref  3) 
had  been  used  in  a  recent  material  characterization  of  newly 
developed  toughened  resin  composites  at  IAR  (Ref  4).  During 
the  testing,  there  were  occasional  occurrences  of  specimen 
end-brooming  in  the  ASTM  D  695  est  fixture.  The  end- 
brooming  occurred  in  the  specimen  portion  which  extended  2 
mm  beyond  the  jig.  see  Figure  1  .  Tms  end-brooming  led  to  a 
partial  load  transfer  through  the  ten  fixture  of  an  unknown 
magnitude.  The  end-brooming  proble  ti  was  particularly  senous 
for  ihe  specimens  which  were  affeciei.  by  high  moisture  uptake 
and  high  temperature  test  conditions.  The  specimen  end- 
brooming  and  frictional  load  uncertainties  are  inherent 
shortcomings  of  continuous  rigid  sjpport  jigs.  As  pan  of  ihe 
current  study,  an  improved  compression  fixture  has  been 


specimen  (Ref  S),  as  well  as  to  eliminate  frictional  load 
transfer  to  the  fixture  during  compression  loading.  This  new 
fixture  is  capable  of  maintaining  alignment  and  resisting  lateral 
motion.  The  test  specimen  is  secured  in  the  fixture  with 
clamping  plates  which  also  contribute  to  load  transfer  to  the 
specimen  through  shear  forces  and  to  prevent  end  crushing,  see 
Figure  2. 


Figure  1.  Brooming  of  Specimen  Outside  the  ASTM  D  695 
Support  Jig 


The  material  used  in  this  study  was  Hercules  AS4/3501-6 
carbon/epoxy  unidirectional  preimpregnated  tape  supplied  in 
300  mm- wide  rolls  and  siored  at  temperatures  below  -18  "C. 
The  prepreg  was  cut  and  laid  up  with  the  use  of  templates  to 
assure  proper  fibre  angles  from  ply  to  ply.  The  material  was 
cured  in  an  autoclave  in  accordance  with  the  prepreg 
manufacturer’s  instuctions.  After  cure,  the  panels  were 
examined  in  the  IAR  ultrasonic  inspection  facility  using  a 
pulse  echo  technique  and  they  were  found  to  be  free  of 
detectable  defects. 


The  stacking  sequence  of  the  16  ply  symmetric  laminate  and 
the  specimen  configuration  are  presented  in  Figure  3. 
Individual  specimens  were  cut  from  the  panels  using  a 
diamond  impregnated  saw.  Ejch  specimen  was  then  ground  on 
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Figure  2.  New  Test  Fixture 
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Figure  3.  Configuration  and  Stacking  Sequence  of  Specimen 


3-3  Conditioning 

In  order  to  investigate  the  effects  of  different  environmental 
and  test  perimeters  on  the  fracture  surfaces  and  the 
compression  strength  of  the  laminae,  the  specimens  were 
conditioned  at  two  moisture  contents  for  different  durations 
and  rested  at  two  temperatures  to  provide  7  combinations.  The 
details  and  codes  are  listed  in  the  following: 

1.  DR,  "dry"  (  conditioned  in  room  air  )  and  rested  at 
room  temperature.  These  specimens  would  provide  a 
baseline  for  determining  the  heat  and  moisture  effects 
on  the  compression  strength. 

2.  M4R,  "moist"  conditioned:  4  weeks  in  64  °C  water  and 
tested  at  loom  temperature  to  reveal  the  moisture  effect 
on  the  compression  strength. 

3.  M7R,  "moist"  conditioned:  7  weeks  in  64  °C  water  and 
tested  at  room  temperature  to  reveal  the  effect  of  any 
additional  moisture  adsorption  on  the  compression 
strength. 

4.  DH,  "dry"  as  in  (1)  but  tested  hot"  at  93  *C  to  reveal 
the  effect  of  heat  on  the  compression  strength. 


3.  DWH,  "dry"  as  in  (1)  but  clamped  into  a  warm  jig, 
brought  to  the  test  temperature  m  93  °C  water  and 
tested  "  hot"  at  93  "C 

6.  MH,  "  moist"  conditioned  4  weeks  in  64  *C  water  and 
tested  "hot"  at  93  *C  (  hot-wet  compression). 

7.  MRR,  "  moist"  conditioned  4  weeks  in  $4  *C  water, 
exposed  to  93  *C  for  13  minutes,  subsequently  dried 
for  2  days  at  80  "C  in  a  vacuum  oven  and  tested  at 
room  temperature. 


The  moisture  contents  of  the  conditioned  specimens  were 
determined  by  weight  gain  measurements.  The  weight  gains 
and  test  temperatures  for  the  seven  conditions  of  specimens  are 
presented  in  Table  1.  As  shown  in  the  table,  the  moisture  gain 
between  4  and  7  weeks  of  water  immersion  at  64  *C  is  very 
small,  and  this  suggests  an  equilibrium  of  moisture  content  of 
1.7  %  at  64  *C  for  the  Hercules  AS4/3501-6  material. 


Tablet.  Effects  of  hunt  — d  malatura  on 

eomptauulvu  strength  of  AS4/3801-6  lumlnntu 
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2.4  Test  Procedures 

Compression  tests  were  conducted  in  an  environmental 
chamber  in  the  load  frame  of  the  Ins  iron  1 123  testing  machine, 
see  Figure  4.  The  loading  rate  was  0.3  mm/min.  and  the  chan 
recorder  speed  was  20  mm/min~ 

The  mounting  of  the  specimen  in  the  jig  required  proper 
clamping  as  described  in  (Ref  5).  The  DWH  and  MH 
specimens  were  clamped  in  the  suppon  jig  and  pre-heated  in 
a  water  bath  that  was  maintained  at  93  °C,  whereas  the 
clamped  DH  specimens  were  pie-heated  in  the  chamber.  The 
test  temperature  was  monitored  with  a  thermocouple. 

2.3  Strength  Test  Results 

The  average  compression  strengths  of  the  various  conditioned 
laminates  are  given  in  Table  1.  Each  value  is  the  mean  of  14 
tests.  The  coefficients  of  variation  are  generally  low  and  do 
not  exceed  6  %.  For  comparison  purposes,  the  strength  values 
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Figure  4.  A  Typical  Set-Up  for  Hot- Wet  Compression  Test 

expressed  as  a  percentage  of  the  average  value  of  the  dry  room 
temperature  specimens  (  DR)  are  also  presented  in  Table  I.  It 
is  apparent  that  the  application  of  combined  heat  and  moisture 
produced  a  large  decrease  (  39  %)  in  the  compression  strength 
of  the  laminate.  For  the  dry  conditioned  specimens,  the 
application  of  heat  alone,  such  as  DH  and  DWH.  had  moderate 
effects,  which  reduced  the  compression  strength  of  the 
laminate  up  to  16  %,  while  moisture  conditioned  specimens, 
such  as  M4R  and  M7R,  had  “"'e  reduction  in  strength 
(approximately  6  %)  at  room  temperature.  The  relatively  small 
amount  of  moisture  increase  of  0.2  %  between  4  and  7  weeks 
of  immersion  had  no  significant  effect  on  strength.  The 
strength  of  MRR  specimens  was  only  slightly  reduced  and 
this  indicated  that  specimens  immersed  in  64  °C  water  for  4 
weeks  did  not  suffer  any  significant  damage. 

3  MACROGRAPHIC  OBSERVATIONS 

Macroscopically,  the  fractures  produced  under  compression 
loading  exhibited  gross  buckling,  extensive  delamination, 
cracks  and  over-running  of  the  delamination  planes.  Since 
there  was  a  significant  difference  in  the  compressive  strength 
between  the  DR  and  the  MH  specimens  ,  macrographic 
observations  were  conducted  mainly  on  these  specimens. 


Preliminary  visual  examination  of  the  failed  specimens 
revealed  significant  differences  in  the  overall  appearance  of  the 
fractures  of  the  DR  and  MH  specimens,  shown  as  edge  views 
in  Figure  3a  and  3b  respectively.  Compression  failure  modes 
in  MH  specimens  are  predominately  shear  crippling  as  defined 
in  (  Ref  6)  accompanied  by  delamination.  In  general,  cracks 
in  outer  plies  are  oriented  at  an  angle  of  approximately  45°  to 
the  longitudinal  axis  of  the  specimen,  whereas  in  the  central 
ply  regions,  the  cracks  are  generally  oriented  at  an  acute  angle 
of  approximately  10°  to  the  longitudinal  axis  of  the  specimen. 
For  the  DR  specimens,  compression  failures  are  characterized 
by  extensive  delamination  and  many  cracks  propagated  through 
the  thickness  of  the  laminate  at  an  angle  of  approximately  45 
degree  to  the  longitudinal  axis. 

Compression  micro-buckling  appears  to  be  the  primary  failure 
mechanism  for  these  specimens;  it  involves  local  buckling  of 
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Figure  5.  Edge  Views  of  Failed  Specimens  (a)  DR  (b)  MH 
(x25) 


individual  fibres  at  a  point  where  a  localized  instability  exists. 
When  the  fibres  are  suppor.ed  by  a  rigid  matrix  ,  failure 
usually  occurs  at  high  stress  with  considerable  delamination. 
The  DR  specimens  exhibited  this  failure  pattern,  see  Figure  5a. 
Low  modulus  resins  offer  less  support  to  the  fibres,  hence  the 
fibres  may  kink  and  lead  to  shear  crippling  and  thus  failure 
may  occur  at  a  lower  load.  The  MH  specimens  failed  in  this 
fashion,  see  Figure  5b. 


Closer  examination  of  the  failure  surface  (  exposed  by 
carefully  pulling  the  laminates  apart  in  the  laboratory)  reveals 
significant  differences  in  the  fracture  features  of  DR  and  MH 
specimens  as  shown  in  Figure  6.  The  fracture  of  DR 
specimens  are  predominately  oriented  45°  to  the  loading 
direction  and  the  frac'ure  surfaces  exhibit  a  mix  of  intra- 
inter-  and  trans-laminar  failures.  The  fracture  surfaces  are  very 
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irregular  since  the  dominating  feature  of  mns-laminar  fracture 
is  broken  fibre  bundles.  Overall,  the  test  of  the  OR  specimen 
produced  a  large  failure  surface  area  which  was  t  result  of 
failure  at  high  stress. 


Figure  6.  Failure  Surfaces  of  DR  and  MH  Specimens 

The  MH  specimens  exhibit  fractures  that  are  normal  to  the 
loading  direction.  The  fracture  surfaces  in  the  X-Y  planes  are 
mainly  ±45*  degree  plies  which  are  terminated  in  the 
transverse  direction.  The  ±45*  degree  plies  in  the  laminate 
appear  to  be  predominately  in  the  45  degree  fracture  mode 
while  the  (f  and  90*  plies  are  in  the  transverse  fracture  mode. 
Since  the  dominant  failure  mode  for  the  MH  specimens  is 
shear  crippling  within  the  laminate,  the  fractures  through  the 
0 r,  90*,0’,  90“  degree  ply  groups  in  the  laminate  are  confined 
to  small  multiple  steps  at  the  ends  of  the  fracture  surface.  The 
relatively  planar  fracture  surfaces  of  the  MH  specimens  are 
dominated  with  inter-laminar  fracture  surfaces  which  are 
significantly  smaller  than  those  of  the  DR  specimens. 


3.1  Process  of  Failure  in  Laminates 
DR  specimens: 

In  an  analysis  of  this  failure  process,  it  was  known  that  the 
specimen  had  been  subjected  to  a  compressive  load  with 
monotonic  increasing  applied  strain  at  any  given  cross  section. 
Based  on  the  ultimate  strains  reported  in  (Ref  7)  for  ±45° .  90* 
and  0*  degree  orientations,  it  appears  that  during  compressive 
loading  of  the  specimen,  when  the  applied  strain  value  reached 
a  critical  value  for  the  O’  degree  plies,  failure  would  initiate  in 
a  region  leading  to  a  gradual  loss  of  stiffness.  As  the  applied 
compressive  strain  was  further  increased  to  the  critical  value 
for  ±45*  plies,  these  plies  started  yielding.  When  the  applied 
compressive  strain  approached  the  ultimate  failure  strain  value 
for  the  90“  plies,  the  laminate  failed  by  buckling  and 
delaminating. 

MH  specimens: 

Grimes  (Ref  8)  reported  that  both  shear  and  transverse  strains 


could  be  affected  significantly  by  elevated  temperature  testing 
of  high  moisture  content  material  and  their  ultimate  strains 
could  he  reduced  up  to  50%  of  the  room  temperature  value. 
Again,  based  on  the  reported  ultimate  strain  values  (Ref  7)  for 
±45°  .  90°  ,  O’  orientations,  as  soon  as  the  applied 
compressive  strain  was  close  to  the  ultimate  failure  strain 
values,  the  ±45*  and  90*  plies  lost  stiffness  and  caused  the 
remaining  0°  plies  to  buckle.  At  this  point,  possibly  a  small 
elastic  buckle  occurred  because  of  softening  of  the  matrix  due 
to  the  elevated  temperature.  As  a  consequence,  the  matrix  was 
no  longer  capable  of  supporting  the  fibres,  resulting  in  shear 
crippling  prior  to  fracture  across  the  entire  cross  section. 


In  general,  the  inter-laminar  fractures  of  the  ±45*  plies  in  the 
MH  specimens  are  very  prominent  and  this  is  probably  due  to 
the  low  shear  strain  of  the  masix  which  has  been  degraded  by 
a  combined  effect  of  the  elevated  temperature  and  high 
moisture. 

4  DISCUSSION  ON  FR  ACTOG  R  A  PH  1C 
OBSERVATIONS 

Scanning  electron  microscopic  (SEM)  examination.,  were 
earned  out  on  the  failed  specimens  to  (a)  characterize  and 
compare  the  fracture  surface  Topography  of  the  differently 
conditioned  specimens  and  (b)  to  establish  whether  specific 
morphology  could  be  correlated  to  the  ultimate  compressive 
strengths  of  specimens  subjected  to  hot/wet  conditioning.  SEM 
is  a  very  useful  technique  far  the  detailed  examination  of  the 
fracture  surfaces. 

±45*  Ply  Fractures:  Figures  7a  and  7b  show  delaminiuon 
between  and  within  the  ±45*  plies  for  the  DR  and  MH 
specimens,  respectively.  Typical  fractures  generated  in  the  DR 
specimens  exhibit  combined  features  of  cohesive  matrix  failure 
and  limited  fibre  pull-out  The  fibre  surfaces  appear  to  be 
coated  with  a  layer  of  matrix  material.  This  implies  that  a 
satisfactory  interfacial  fibre/matrix  bond  existed.  The  fracture 
surfaces  of  the  MH  specimens  typically  exhibit  a  rougher 
topography  with  large  areas  of  fibre/matrix  separation  and  de- 
bonded  fibres.  In  general,  there  observations  are  in  agreement 
with  published  literature  (Ref  8,9,10)  and  they  indicate  a 
degradation  in  the  "fibre-to- matrix"  interfacial  region  that  tends 
to  occur  under  elevated  temperature  and  high  absorbed 
moisture  conditions. 

0*  and  90°  Cross-Ply  Fractures:  The  fracture  topography  of 
delaminadon  produced  between  cross  plies  is  illustrated  in 
Figure  8a  and  8b  for  the  DR  and  MH  specimens  respectively. 
Matrix  fracture  appears  to  be  the  dominant  fracture  feature  for 
the  DR  specimens.  The  coherent  fracture  surface  reveals  good 
interfacial  bonding  as  evidenced  by  resin  matrix  adherence  lo 
the  fibre  surface,  and  numerous  hackles  (H)  are  also  exhibited. 
On  the  MH  fracture  surface  matrix  fracture,  fibre/matrix 
separation  and  fibre  breakage  can  be  observed  in  Figure  8b. 
Again,  this  indicates  that  tic  interfacial  strength  has  been 
degraded  due  to  the  elevated  temperature  and  high  moisture 
content  in  the  materials.  There  is  an  increased  amount  of 
fibre/matrix  separation  for  the  MH  specimens  as  compared  to 
the  DR  specimens  and  the  fwtre  planes  tended  to  occur 
within  or  adjacent  to  closely  packed  fibres  within  the  ply, 
resulting  in  fibre  fracture,  fibre  imprints  and  local  regions  of 
resin  fractures. 

As  shown  in  Figure  9,  an  examination  of  the  fracture  surface 
of  ihe  DH  specimen  reveals  link  fibre  and  matrix 


fragmentation.  Most  of  the  fibres  appear  to  be  coated  with 
matrix.  In  contrast  lo  the  DR  specimens,  the  DH  iniertacial 
fracture  surfaces  show  significant  reduction  in  the  sire  of  the 
hackles.  The  reduced  fracture  surface  area  may  relate  to  ihe 
moderate  strength  loss  of  the  DH  specimens. 
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Figure  II.  Fracture  Surfaces  in  <F‘  Ply  of  Specimens  (at  UR 
(b)  \1R 


The  predominant  failure  mode  for  laminates  uiuler  compression 
loading  was  micro  buck ling  of  the  fibres.  It  appeared  that 
micro  Km  Mini*  was  very  sensitive  to  matrix  support.  The 
combination  of  a  weak  tihrr/mamx  mterfacial  region  and  a 
lower  tnxliilus  matrix  is  expected  to  promote  fibre  micro 
buckling  aiui  lienee  poor  compression  performance 

I  he  specimens  that  were  mooture  conditioned  ami  tested  at 
oV  ('  appear  to  have  failed  in  the  .ibie  matrix  interface  region 
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SUMMARY 

This  paper  examines  the  effect  of  certain  heat 
treatments  on  the  properties  of  PEEK  and  carbon  fibre 
reinforced  PEEK.  Differential  scanning  calorimetry, 
wide  angle  X-ray  diffraction,  dynamic  mechanical 
testing,  flexture  testing  ard  microscopy  were  done  to 
sti  My  the  changes  in  tne  amount  of  crystallinity  and  to 
observe  the  effect  this  crystallinity  change  on  the  other 
properties. 

DSC  thermograms  showed  that  although  there  is 
no  considerable  change  in  crystalline  melting  point  of 
the  composite  specimens  depending  on  the  heat 
treatment  applied  there  is  a  change  in  PEEK.  It  was 
confirmed  by  both  DSC  and  WAXD  data  that  it  is 
possible  to  control  crystallinity  of  PEEK  and  APC-2 
easily  by  applying  simple  heat  treatments.  The  glass 
transition  temperatures  of  as-received  PEEK  and  APC-2 
obtained  from  dynamic  mechanical  spectrum  are  163.9° 
and  160.9°  C  respectively  More  higher  glass  transition 
temoeratures  were  also  observed  for  high  %  crystalline 
composite  specimens.  In  the  literature  143°  C  is  stated 
as  Tg  of  these  materials.  The  frequency  effect  on 
dynamic  mechanic'’1  spectrum  was  also  determined.  It  is 
concluded  that  as  the  frequency  decreases  the  dynamic 
mechanical  spectrum  shifts  to  lower  temperatures  and 
loss  tangent  (tan  5)  increases  in  value. 

Flexture  testing  results  shows  that  the  flexture 
oroperties  are  independent  of  crystallinity.  Fracture 
surface  examination  was  confirmed  the  debonding  in 
qi-enchui  APC-2  samples.  It  was  also  observed  strong 
adhesion  t  r  crystallized  samples.  This  research  clarifies 
the  use  a  no  applicability  of  heat  treatment  for 
commercial  processing. 


1  INTRODUCTION 

Thermoplastic  matrix  composites  have  become  an 
important  material  for  the  aerospace  industry.  The  recent 
developments  in  thermoplastics  made  possible  the 
production  of  high  strength  and  environmental  resistant 
composites.  As  mentioned  by  Heym  et  al  ( 1 1  and 
Clemans  and  Hanness  [2|  various  thermopias.ic 
polymers  with  high  glass  transition  and  crystalline 
melting  temperatures  are  commercially  available  in  the 
market. 

The  tougness  and  environmental  resistance  are 
primarily  important  porpernes  of  PEEK/carbon  fibre 
composites.  High  glass  transition  (Tg)  and  melting 
temperature  (Tm)  are  also  quite  anractive  where  high 
temperature  applications  are  necessary.  APC-2  has  also 
superiority  against  traditional  thermosetting  composites 
from  production  point  of  view  since  the  materials 
chemistry  is  determined  before  the  impregration  stage 
and  no  need  foi  prolonged  curing  stages.  It  has  also  low 
moisture  absorpnon  [3|  and  improved  repatrabiluy. 


Undoubtedly,  the  fibre-matrix  interface  and  the 
crystallinity  have  the  main  role  in  determining  most  of 
the  composites'  mechanical  properties.  In  APC-2  fibre- 
polymer  interface  acts  as  nucleating  sites  for  spherulites. 
So  the  heat  treatment  applied  to  APC-2  may  change 
Pbre-mairix  interface  characteristics  and  sphenilite 
morphology  which  in  turn  affect  the  mechanical 
response  of  the  material.  Blundell  et  al  (4|  enlightened 
the  nucleation  behavior  of  spherulites  in  APC-2  and 
determined  how  sphcnilitic  morphology  changes  with 
the  preparation  conditions  of  the  composite.  Talbott  et  al 
[5]  determined  that  both  fracture  toughness  and  fracture 
energies  depend  mainly  on  the  amount  of  crystallinity 
for  APC-2  and  both  of  these  decrease  with  increasing 
the  amount  of  crystallinity. 


The  purpose  of  this  research  is  to  find  out  the 
effect  of  certain  heat  treatments  on  the  amount  of 
crystallinity  which  also  affects  dynamic  mechanical 
behavior,  flexural  properties  and  fibre-matrix  interface 
characteristics.  This  research  provides  an  understanding 
of  (he  physical  properties  of  APC-2  which  also 
determines  the  mechanical  characteristics.  Additionally 
the  possibility  of  heat  treatment  with  PEEK  and  APC-2 
clarifies  since  the  heat  treatment  has  an  importance  in 
commercial  processing. 


2.  EXPERIMENTAL  DETAILS 
2. 1  Materials  and  Heat  Treatments 

For  this  research,  PEET  (430  G  grade)  supplied 
by  ICI  (UK)  and  carbon  fibre  reinforced  PEEK  (AFC- 
2)  supplied  by  MBB  (Germany)  were  used.  The 
composite  was  unidirection  ally  reinforced  and  was 
composed  of  32  weight  %  PEEK  and  68  weight  %  IM- 
6  carbon  fibres. 

Four  different  heat  treatments  were  done  to  PEEK 
and  the  composite.  The  temperature  of  330°  C  were 
chosen  to  increase  the  amount  of  crystallinity  of  the 
specimens  since  this  temperature  is  below  the  crystalline 
melting  point  of  the  materials.  The  temperatures  335®  C. 
which  is  around  the  of  the  materials,  and  345°  C 
which  is  above  the  Tm  of  the  materials  were  chosen  to 
decrease  the  crystallinity  of  tile  materials  by  quenching 
from  these  temperatures.  These  heat  treatments  were  as 
follows: 

i)  The  specimens  were  heat  treated  at  330°  C  for 
10  minutes  and  furnace-cooled. 

ii)  The  specimens  were  heat  treated  at  330°  C  for 
10  minutes  then  taken  and  put  tn  a  furnace  at  240°  C 
and  slow-cooled. 

iii)  The  specimens  were  quenced  in  liquid  nitrogen 

after  heat-treating  an  hour  in  a  furnace  at  333°  C. _ 
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iv)  The  specimens  were  quenched  in  liquid 
nitrogen  after  heat  treating  an  hour  in  a  furnace  at 
345°C. 

Furnace  cooled  samples  are  denoted  by  FC  and 
quenched  samples  are  denoted  by  Q.  For  example, 
APC-2  specimens  heat  treated  at  330°  C  and  furnace 
cooled  will  be  shown  by  APC2-FC(330),  and  PEEK 
specimens  quenched  from  345°  C  will  be  shown  by 
PEEK-Q(345).  Additionally,  as  received  specimens  will 
be  called  APC2  and  PEEK,  respectively  for  the 
composite  and  the  polymer. 


2.2.  Differential  Scanning  Calorimetry  (DSC) 

In  order  to  obtain  DSC  thermograms  by  which 
crystallinity,  and  crystal  melting  point  (Tm)  were  found, 
Perkin  Elmer  DSC-2  were  used,  10-15  mg  samples 
were  cut  from  both  AFC2  and  PEEK  samples  and 
sealed  in  aluminium  pans.  The  heating  rate  of  20.0 
deg/min  and  the  cooling  rate  of  320  deg/min  were 
applied. 


The  heat  of  fusions  (AHf)  of  the  materials  were 
found  from  the  area  of  the  melting  peaks.  By  accepting 
the  heat  of  fusion  of  fully  crystalline  sample  as  130  J/g 
(6,7]  the  crystallinities  of  the  PEEK  samples  were 
calculated.  For  APC2  samples  similar  calculations  were 
done  by  correcting  the  AHf  data  for  pure  PEEK  since 
the  composite  contains  68  weight  %  carbon  fibers. 

2.3.  Wide  Angle  X-Ray  Differection  (WAXD) 

Cu  Ko  radiation  was  used.  Diffraction  profiles 
were  recorded  by  scanning  at  a  rate  of  0.02°  28  /sec 
over  an  angular  range  8°<2  <38°.  For  PEEK  samples, 
the  crystallinity  calculation  was  done  by  using  the 
following  equation  [8] 


Area  of  Crystalline  Fraction 

Crystallinity*  _ _ _ _ ( 1 ) 

Area  of  Crystalline  Area  of  Amorphorous 
Fraction  +  Fraction 


The  shape  of  non-crystalline  background  was 
estimated  by  referring  to  the  data  by  Blundell  (6], 

Figure  1  shows  the  typical  diffraction  profile  for  PEEK 
samples. 

The  crystalline  determination  for  the  composite 
specimens  was  done  by  referring  the  calibration  cur/e 
drawn  by  Blundell  et  al  (9],  More  precisely,  h|  io^c 
ratios  were  found  and  corresponding  crystallinities  were 
datermined  from  the  mentioned  calibration  curve. 


2.4.  Dynamic  Mechanical  Evaluation 

The  Rheometrics  RSA2  Solids  Analyzer  was 
used  to  determine  tan  6  vs  temperature,  E’  (storage 
modulus)  vs  temperature,  and  E"  (loss  modulus)  vs 
temperature  curves.  E’  is  the  real  pan  of  the  complex 
modulus.  E*.  and  E”  is  the  imaginary  pan  of  E*.  E*  is 
defined  as 

E*  =  E'  +  iE"  (2) 


Unclamped  three  point  bending  test  ai  a  frequency  of 
62.8  rad/sec  was  done.  In  order  to  determine  the 
frequency  effect  on  the  glass  transition  temperature  and 
tan  8  additional  tests  were  also  done  at  different 
frequencies. 


2.5.  Flexture  Testing 

Flexural  three  point  bending  tests  were  done  by 
using  an  Instron  4206  materials  testing  machine.  The 
specimen  dimensions  were  ( 1  train  1 6mmx6Qmm)  and 
(3.25mmxl6mmx60mR)  for  APC2  and  PEEK 
specimens,  respectively.  The  span  was  40mm.  The 
crosshead  speed  of  2.667  mrnrinn  and  1  6mm/min 
were  applied  for  APC2  and  PEEK  samples, 
respectively. 

The  flexture  modulus.  E.  was  cakulairri  using  the 
equation: 


mLJ 

E- _  (3) 

4bM 


where  b  is  the  beam  width  and  m  is  the  value  of  the 
applied  load  divided  by  the  crosshead  movement  of  the 
testing  machine.  L  is  the  span. 


The  flexural  strength,  a.  was  calculated  using  the 
equation: 

3PL 

o  *. _  <4) 

2bh2 

where  Pis  the  maximum  load  applied.  The  load  applied 
was  perpendicular  10  fibre  direction. 

The  fracture  siufaoes  of  the  tested  specimens 
were  examined  under  seaming  electron  microscope. 
Primarily,  the  fracture  surfaces  were  mounted  on  stubs 
and  coated  with  Au-M. 


3.  RESULTS  AND  DISCUSSION 

3.1.  DSC  Results  and  Crystal  Melting  Points 

For  as-received  PEEK  and  APC2  the  melting 
points  were  determined  as  338.5*  and  341.9°  C 
respectively.  Additionally  the  glass  transition 
temperatures  were  determined  as  168°  and  163.7°  C  for 
PEEK  and  APC2,  respectively.  The  melting  points  are 
in  agreement  with  the  tabulated  data  but  Tg  values  are 
20-25°  C  higher  than  the  usually  reported  values  for 
these  materials  in  the  literature.  The  DSC  results  for  the 
heat  treated  samples  show  slight  change  in  melting 
points  for  the  composite  specimens.  However,  the 
samples  which  were  crystallized  at  240°  C  shows 
approximately  10°  C  increase  in  the  melting  point  of  the 
composite  specimen.  This  is  attributed  to  (he  change  in 
spheruiic  crystal  structure,  both  in  terns  of  sphetulite 
diameter  and  lamellae  thickness.  On  ihe  other  hand 
PEEK  specimens  show  approximately  I  O'  C  increase  in 
melting  points  after  each  heat  treatment  except  the  one 
which  was  quenched  in  liquid  nitrogen  from  335°  C. 


The  melting  point  increase  in  PEEK  samples  may  be 
due  to  lack  of  reinforcements  which  means  the 
sphenilite  shape  can  change  more  easily  without  any 
impingement  by  carbon  fibres  and  without  any 
nucleation  effect  due  to  carbon  fibres.  Tables  1  and  2 
show  the  melting  points  of  PEEK  and  APC2  samples 
respectively. 


3.2.  Dynamic  Mechanical  Spectrums  and  Glass 
Transition  Temperatures 

The  Tg  of  PEEK  and  APC2  from  the  DSC  data 
and  from  the  dynamics  spectrums  are  in  close 
agreement.  The  dynamic  spectrum  gave  165.9°  and 
160.9°  C  as  Tg  of  PEEK  and  APC2,  respectively.  The 
Tg  of  the  composite  samples  show  changes  depending 
o.'i  the  heat  treatment  done.  While  the  Tg  of  APC2  and 
APC2-Q(34S)  are  almost  same  there  is  10°  C  increase  in 
Tg  for  APC2-FC(330),  15°  C  for  APC2-FC(240).  and 
approximately  5°  C  increased  for  APC2-Q<335). 
Therefore  a  question  arises  if  the  glass  transition 
temperatures  are  not  only  dependent  on  the  amorphous 
phase  but  on  crystalline  phase  as  well.  This  means 
degree  and  perfection  of  crystallinity.  It  is  imposible  to 
answer  this  question  at  this  moment  without  further 
investigation.  Attributing  these  changes  to  the  changing 
molecular  weig.it  of  the  sample  is  diffucult  because  it  is 
known  that  even  though  the  molecular  weights  of  three 
commercial  grade  polyethorctherkelone  polymers, 
namely  I50P,  380P  and  450P  grades,  are  different  they 
have  the  same  glass  transition  temperatures.  If  the 
change  in  glass  transition  temperatures  does  not  depend 
on  crystallinity  in  addition  to  amorphous  phase  it  may 
be  thought  that  the  entanglement  of  the  polymer  chains 
somehow  changes  so  that  they  loose  their  mobility.  The 
chain  mobility  also  decreases  by  the  presence  of  carbon 
fibres.  On  the  other  hand  glass  transition  temperatures 
of  PEEK  samples  are  more  or  less  same.  There  is  no 
distinct  change  in  Tg  of  these  samples.  Tables  3  and  4 
show  the  Tg  values  of  PEEK  and  A  PC/  samples 
respectively. 

Figures  2  and  3  show  the  dynamic  mechanical 
specturms  of  PEEK  and  APC2.  respectively,  in  the 
temperature  range  100“  -240°  C. 


It  was  further  determined  if  there  is  frequency 
effect  on  the  dynamic  mechanical  spectrums.  For  this 
purpose  1  rad/sec  and  0. 1  rad/sec  frequencies  were 
applied.  It  was  concluded  that  there  is  a  considerable 
frequency  effect  on  the  spectrums  especially  at  low 
frequency  value  of  0. 1  rad/sec.  The  results  of  these 
experiments  were  shown  in  terms  of  Tg  and  tan  5  in 
Tables  5  and  6. 

Even  when  the  frequency  was  decreased  to  0. 1 
rad/sec  the  Tg  obtained  was  greater  than  the  usually 
reported  value  of  143°  C.  Partridge  et  al  ( 10)  have  also 
reported  Tg  of  PEEK  as  160°  C.  The  results  show  that 
Tg  of  PEEK  in  literature  is  also  lower  than  the  Tg  of 
APC2  tested  which  is  also  an  indication  for  the 
difference  of  the  matrix  of  APC2  than  of  usual  matrix 
material  PEEK. 

It  was  also  seen  that  tan  5  value  measured  at  Tg 
for  less  crystalline  composite  material  is  the  largest. 

This  may  be  an  indication  of  debonding  the  fibre  and  the 

matrix.  As  the  debonding  increases  it  becomes  possible 

for  the  material  to  dissipate  more  of 

the  input  energies  due  to  inter-fibre  friction.  The 

decrease  in  adhesion  in  quenched  sample:  was  also 

cofumed  by  fracture  surface  analysis  which  is  discussed 

below. 


3.3.  Crystallinity  of  the  Specimens 

4s  mentioned  above,  the  crystallinity  of  the 
specimens  was  determined  by  using  two  methods. 

First,  it  was  determined  by  using  the  heat  of  fusion 
values  obtained  from  DSC  thermograms.  Second,  wide 
angle  X-ray  diffraction  was  used  to  calculate  the 
crystallinities.  Table  7  shows  the  heat  of  fusion  values 
and  corresponding  crystallinities  for  PEEK  samples. 
Table  8  shows  the  heat  of  fusion  values  for  APC2 
specimens,  corrected  heat  of  fusions  for  the  matrix  and 
corresponding  crystallinities  of  APC2  samples.  The 
crystallinities  determined  by  using  WAXD  are  shown  in 
Tables  9  and  10. 

It  is  seen  that  both  DSC  data  and  WAXD  data 
gave  more  or  less  same  figures.  The  difference, 
especially  for  the  APC2  samples  between  the 
crystallinities  of  the  samples  obtained  by  two  different 
methods  is  undoubtedly  due  to  the  method  difference 
and  neither  the  DSC  crystallinities  nor  WAXD 
crystallinities  are  the  absolute  crystallinities  of  the 
materials.  The  only  cxeption  which  is  contradictory  is 
data  obtained  for  PEEK-Q(345).  All  the  crystallinities  of 
PEEK  samples  were  estimated  by  drawing  an 
hypothetical  background  reflection  due  to  amorphous 
phase.  This  high  crystallinity  of  PEEK-Q(345)  is 
probably  a  wrong  estimation.  Nevertheless,  it  is 
concluded  that  the  percent  crystallinity  can  be  changed 
to  a  cenain  extern  by  heat  treatment  which  may  facilitate 
a  change  in  mechanical  properties  if  it  is  desired.  It  is 
obvious  from  the  results  that  both  slow  cooling  from 
330°  C  and  first  heating  to  330°  C  followed  by  slow 
cooling  from  240°  C  increases  the  crystallinity  as 
expected.  Although  the  difference  in  crystallinities 
obtained  as  a  result  of  these  two  heat  treatments  is  not 
significant  for  the  composite  samples.  10%  difference  is 
seen  in  the  case  of  PEEK  specimens.  Quenching  in 
liquid  nitrogen  from  335°  C  changes  crystallinity  but 
since  already  existing  crystals  could  not  melt  at  this 
temperature  for  PEEK-Q(335)  this  heat  treatment  only 
increased  crystallinity  for  this  specimen  as  if  it  was 
annealed  and  final  quenching  changed  nothing. 

However  same  heat  treatment  for  APC2-Q(335)  shows 
a  considerable  decrease  in  crystallinity.  This  means  that 
the  former  crystallites  of  APC2-Q<335)  melted  to  a 
certain  extent  and  further  crystallization  was  suppressed 
by  querying.  The  reason  why  the  melting  of 
spherulites  occur  below  341.9°  C.  which  is  the 
determined  crystal  melting  point,  is  that  some 
spherulites  may  have  different  morphology  which  in 
turn  means  that  they  may  have  somewhat  lower  crystal 
mehng  point.  Some  of  the  DSC  thermograms  show 
double  peaks  as  crystal  melting  occurs  (Figure  4).  This 
.s  probably  due  to  recrystallization  which  occured  as  a 
re.  'ilt  of  the  heat  treatment  applied. 


When  both  PEEK  and  APC2  were  quenched  in 
liquid  nitrogen  from  345°  C  they  showed  a  considerable 
decrease  in  crystallinity. 

It  is  also  worth  mentioning  that  although  the 
obtained  diffraction  patterns  for  APC2  specimens  are  in 
agreement  with  the  patterns  appeared  in  the  literature 
there  is  a  difference  between  the  diffraction  pattern 
obtained  and  that  in  the  literature  for  PEEK.  The 
obtained  peaks  appear  at  18.7°.  20.7°,  22.5°  and  28.7° 
which  are  in  agreement  with  the  reported  figures  but  the 
peak  at  18.7°  is  not  the  strongest  intensity  peak  in  the 
results  but  it  is  the  strongest  peak  in  the  literature  on 
PEEK  15,9).  The  strongest  intensity  peak  appears  at 
22.5“  i  Figure  1 ).  Additionally  there  is  no  preferred 
orientation  in  the  PEEK  tested  is  it  was  expected. 


3.4.  Flexure  Testing  Results  and  Fracture  Surfaces 
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Flexture  tests  were  done  to  determine  the  effect  of 
the  heat  treatment  on  flexural  properties.  The  results  of 
flexure  tests  are  shown  in  Tables  1 1  and  12. 

As  mentioned  above  the  load  applied  was 
perpendicular  to  the  flbre  direction.  As  far  as  the  results 
are  concerned  there  is  no  direct  relationship  between 
flexure  modulus  or  strength  and  crystallinity.  Therefore 
it  seems  that  flexural  properties  develop  independent  of 
crystallinity  at  least  in  the  crystallinity  range  tested 
which  is  21.45-41.13%  for  PEEK  samples  and  18.61- 
34.42%  for  APC2  samples  according  to  DSC  data.  For 
the  case  the  load  parallel  to  fibre  direction  the  behaviour 
of  the  composite  may  be  different. 

Finally  fractographic  examination  was  done  under 
scanning  election  microscope.  In  these  micrographs  it  is 
clearly  seen  that  apart  from  tension  and  compression 
failures  buckling  and  delamination  also  occured. 

Figures  5  and  6  show  the  whole  thickness  of  the 
fracture  surfaces  of  APC2-FC(330)  and  APC2-Q(335). 

If  the  crystallized  APC2-FC(330)  is  compared  with  the 
quenched  APC2-Q(335)  it  will  be  clearly  seen  th.it  the 
fibre-matrix  adhesion  in  the  quenched  sample  is  lower 
than  the  crystallized  one.  The  fibre  surfaces  in  the 
quenched  sample  is  more  clean.  Fibre  pull-out  from  the 
matrix  in  the  tension  area  is  quite  obvious.  Figure  7 
shows  the  fibre-matrix  interfaces  in  tension  area  of 
APC2-FC(330).  This  micrograph  also  shows  good 
fibre-matrix  adhesion  in  a  crystallized  sample.  Figure  8 
shows  the  compressive  fibre  failure  and  ductile  tensile 
failure  of  matrix  of  APC2-FC(330).  Figure  9  shows 
fibre-matrix  interfaces  in  tension  area  md  fibre  tips  in 
compression  area  of  APC2-FC(330).  Good  fibre-matrix 
adhesion  can  also  be  seen  for  the  crystallized  sample  in 
these  figures.  However,  fracture  surface  from 
compression  area  of  APC2-Q(345)  shows  fibre-matrix 
debonding  as  a  results  of  quenching  as  shown  in  Figure  e 

10.  Figure  1 1  shows  compression  and  tension  surfaces 
on  a  single  fibre  tip  and  fibre-matrix  debonding  of  the 
specimen  APC2-Q(345). 
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Figure  7  Fibre-matrix  interfaces  in  tension  area  of 
APC2-FC(330). 
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1.  SUMWRY 

Aatorphous  bonding  appears  to  be  a  promising 
method  of  joining  thermoplastic  matrix 
advanced  composites. 

The  temperature  to  bond,  lower  than  for 
fusion  bonding,  and  the  limited  dimension 
of  the  melted  zone,  allow' significant  cost 
reduction  and  guarantee  good  mechanical 
characteristics. 

On  the  other  hand  a  potential  problem 
exists,  due  to  lower  resistance  to  aero¬ 
nautical  solvents  and  service  fluids,  be¬ 
cause  of  the  amorphous  nature  of  the  bon¬ 
ding  layers. 

The  basic  resistance  to  environmental  de¬ 
gradation  of  the  resins  used  for  bonding, 
and  the  chemical  stability  of  their  blends 
with  the  semicrystalline  matrices  of  the 
adherends,  have  been  investigated. 


2.  INTRODUCTION 

Thermoplastic  resins  show  several  characte¬ 
ristics  very  interesting  for  their  use 
as  composite  matrix  in  aeronautical  appli¬ 
cations.  In  fact,  their  molecular  structu¬ 
re  makes  them  tougher  than  thermosettings, 
because  of  their  higher  plasticity;  this 
property  gives  them  also  a  higher  impact 
resistance.  When  heated  above  the  glass 
transition  temperature  (Tg)  or,  for  semi- 
crystalline  thermoplastics,  above  the  mel¬ 
ting  temperature  (Tm),  the  thermoplastic 
composites  can  be  molded.  They  can  be  in¬ 
definitely  stored  at  room  temperature  and 
can  be  potentially  reprocessed.  Several  of 
the  thermoplastic  resins  used  as  composite 
matrix  show  high  service  temperature  and 
good  resistance  to  the  environment  and  the 
aeronautical  fluids.  Finally,  welding  is  a 
joining  technique  applicable  to  thermopla¬ 
stics,  with  high  potentiality  for  cost  re¬ 
duction. 

On  the  other  hand,  the  major  drawbacks 
affecting  thermoplastic  application  for 
aeronautics  are  the  high  cost  of  raw  mate¬ 
rials  and  the  incomplete  availability  of 
processing  techniques  and  facilities. 

Two  of  the  thermoplastic  resins  more  widely 
investigated  are  PEEK  (Poly-Ether-Ether- 
Ketone)  and  PPS  < Poly-Pheni len-Sulf ide) . 
They  are  semicrystaliine,  i.e.  in  their 
molecular  structure  an  amorphous  phase  is 


merged  w*th  a  crystalline  one.  This  latter 
phase  gi  >s  higher  resistance  to  the  envi¬ 
ronment.  Furthermore,  being  the  melting 
temperature  of  the  crystalline  phase  always 
higher  than  the  glass  transition  temperatu¬ 
re  of  the  amorphous  one  (an  approximate 
ratio  of  3/2  of  the  two  temperature  expres¬ 
sed  as  Kelvin  Degrees  does  usually  exist), 
the  high  temperature  properties  of  the 
material  are  strongly  increased  when  a 
crystalline  phase  is  included. 

One  of  toe  most  interes'.ing  composite  with 
a  semicrystalline  thermoplastic  matrix  is 
APC-2,  tradename  of  a  composite  developed 
and  supplied  by  ICI  Fiberite,  with  PEEK 
matrix  and  Hercules  AS -4  carbon  fiber  rein¬ 
forcement.  Poly-Ether-Ether-Ketone  (PEEK), 
as  reported  before,  is  a  semicrystalline 
polymer,  with  a  melting  temperature  of 
343*C  and  glass  transition  temperature  of 
143°C  (1-2). 

Relative  amount  and  morphology  of  the  cry¬ 
stalline  phase  depend  on  processing;  a  very 
Important  processing  parameter  is  cooling 
rate  from  melt.  In  fact,  it  has  been  found 
that  a  very  high  crystallinity  level  (about 
40%)  is  obtained  by  cooling  the  melt  at 
very  low  cooling  rates  <l#C/min).  At  coo¬ 
ling  rates  ranging  from  10  to  80°C  the  fi¬ 
nal  crystallinity  reached  by  the  polymer 
is  nearly  constant,  showing  a  value  of 
about  30%.  Quenching  the  melt  polymer  at 
higher  cooling  rates  a  lower  crystallinity 
content  is  obtained,  until  a  complete  quen¬ 
ching,  giving  fully  amorphous  material, 
is  observed  at  cooling  rates  higher  than 
1000°C/min. 

The  mechanical  and  physical  properties  of 
the  PEEK  resin,  as  well  as  those  of  PEEK 
based  composite,  have  been  found  nearly 
constant  in  the  cooling  rate  range  from  10 
to  80®C/min,  in  spite  of  the  different 
sizes  of  the  formed  spherulites  correspon¬ 
dent  to  the  different  cooling  rates.  That 
means  that  the  above  mentioned  range  can  be 
considered  as  a  processing  window  giving 
properties  nearly  constant;  furthermore 
this  "intermediate  crystallinity''  condition 
is  the  beat  compromise  between  the  condi¬ 
tion  with  higher  crystallinity,  which  im¬ 
proves  the  environmental  properties  decrea¬ 
sing  the  toughness,  and  the  one  with  lower 
crystallinity  uitn  higher  toughness  and 
poorer  environmental  strength. 

In  practical  applications  t:.e  cooling  rate 
of  the  processed  parts  cc.-.-usIy  depends  on 
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the  fabrication  technique.  When  PEEK,  or 
PEEK  baced  composite,  is  processed  in 
thicknesses  above  O.S  mm,  it  has  been  pro¬ 
ved  that,  also  for  very  fast  cooling  of  the 
external  surface  of  the  processed  part, 
cooling  rate  of  most  of  the  parts  falls  in 
the  "optimum  processing  window"  described 
above.  So,  for  tiie  techniques  in  which 
PEEK  is  processed  as  laminate,  amorphi- 
zation  can  affect  only  the  surface  zone. 
Some  problems  can  arise,  for  this  way  of 
processing,  only  by  too  slow  cooling  rates. 
This  is  a  potential  problem  for  techniques 
like  autoclaving,  where  a  cooling  rate  not 
lower  than  10°C/min  must  be  obtained  to 
prevent  a  too  high  crystallinity  content. 
When  the  material  is  processed  in  thin 
plies,  as  in  the  case  of  automated  techni¬ 
ques  like  automated  tape  lay-up  or  fila¬ 
ment  winding,  the  problem  of  amorphization 
by  quick  cooling  exists. 

Processing  of  the  PEEK  in  the  amorphous 
state  has  been  investigated  (3).  The  inte¬ 
rest  on  this  issue  arises  mainly  by  the 
possibility  to  process  it  above  Tg,  instead 
than  above  Tm,  with  a  strong  process  sim¬ 
plification;  that  is  infact  potentially 
possible  because,  when  the  crystalline 
phase  is  absent,  the  material  can  flow 
above  Tg,  and  can  be  potentially  molded. 

The  analysis  carried  out  in  the  reference 
paper  by  DMA  coupled  with  Thermal  Analysis 
confirmed  that  this  way  of  processing  is 
potentially  possible,  but  at  the  same  time 
pointed  out  that  crystall ization  from  amor¬ 
phous  phase  is  too  fast  to  allow  a  practi¬ 
cal  application  of  this  technique. 

Another  investigated  issue  was  the  nature 
of  the  crystalline  phase  obtained  by  amor¬ 
phous  state  'cold  crystallization).  It 
was  found  that  crystallinity  generated  from 
amorphous  state  can  reach,  annealing  for 
sufficient  times  at  adequate  temperatures, 
a  satisfactory  quantitative  level,  but 
morphology  is  quite  different  from  the 
spherulitic  one  generated  from  melt,  and 
this  structure  has  been  found  to  be  more 
brittle.  This  consideration  is  then  di¬ 
scouraging  about  this  way  of  processing 
PEEK,  and  suggests  to  control,  as  carefully 
as  possible,  cooling  rate  from  melt. 


3.  GENERAL  ASPECTS  OF  THERMOPLASTIC  WELDING 

The  knowledge  of  crystallization  and  amor¬ 
phization  mechanisms  is  very  important 
for  welding,  which  is  a  joining  technique 
peculiar,  among  the  polymers,  of  thermo¬ 
plastics.  Fusion  welding  consists  of  mel¬ 
ting  (this  term  is  appropriate  for  semi- 
crystalline  thermoplast ics,  less  for  the 
amorphous  ones,  where  Tg  is  not  a  melting, 
but  a  transition  point)  the  facing  zones 
(and  eventual  inserts)  an.1  joining  the 
parts  by  cooling  under  p.essure. 

Different  fusion  weldirg  techniques  exist, 
depending  on  the  heat  generation  source: 
vibration  welding,  where  the  heat  is  gene¬ 
rated  by  friction  of  the  contacting  parts; 
ultrasonic  welding,  where  heat  is  generated 
by  ultrasounds;  hot  plate  welding,  where 
melting  of  the  facing  surfaces  is  obtained 
by  contact  with  a  heated  plate;  induction 
welding,  where  heating  is  obtained  by  the 
Foucauld's  currents  generated  by  a  variable 
electromagnetic  field;  resistance  welding. 


where  heating  is  obtained  by  Joule  effect. 

Among  the  listed  techniques  resistance  wel¬ 
ding  appears  to  be  potentially  suitable  for 
industrial  applications,  namely  when  it  is 
performed  using  an  insert. 

The  set-up  for  resistance  welding  of  APC-2 
performed  with  a  prepreg  insert  is  shown  in 
fig.l.  Heating  is  obtained  by  Joule  effect, 
by  applying  electric  power  to  a  prepreg, 
from  the  ends  of  which  the  resin  has  been 
removed  to  improve  the  contact.  Additional 
layers  of  neat  PEEK  resin  are  provided  to 
prevent  the  current  to  pass  through  the 
APC-2  parts. 

The  current  intensity  must  be  optimized  as 
function  of  time  in  order  to: 

a.  reach  a  temperature  high  enough  to  melt 
the  overall  zone  of  the  insert  and  the 
surface  zone  of  the  parts  to  be  melted,  but 
at  the  same  time  not  so  high  to  induce 
polymer  degradation; 

b.  obtain  a  cooling  history  which  gives  a 
right  crystallinity  content  and  morphology 
in  the  melted  part.  In  fact,  being  the 
conductive  heat  flow  very  high  and  the  hea¬ 
ted  zone  very  small,  amorphization  by  quen¬ 
ching  of  the  welded  areas  can  easily  hap¬ 
pen,  unless  the  power  is  not  adequately 
applied  during  the  time. 

A  theoretical  model  has  been  used  for  the 
optimization  of  these  parameters  (4). 
Amorphization  of  the  welding  zones  is  not  a 
problem  for  the  "short  term”  mechanical 
properties  of  the  joints:  in  fact,  the 
shear  strength  of  the  joints  with  amorphous 
welding  zone  is  not  lower  than  that  of  the 
joints  where  semicrystalline  morphology  has 
been  kept  through  appropriate  cooling; 
major  concerns  arise  from  environmental 
stability  of  amorphous  PEEK.  In  fact,  as 
previously  mentioned,  amorphous  PEEK  is 
less  resistant  to  temperature  and  solvents 
than  the  semicrystalline  one.  Furthermore, 
it  quickly  crystallizes  above  Tg,  giving 
imperfect  crystalline  structures,  which  are 
unwanted  by  a  toughness  point  of  view. 
This  cold  crystallization  could  happen 
also,  tor  longer  times,  at  temperatures 
below  Tg;  the  crystallization  kinetics 
increase  when  plasticization  effects  are 
induced  by  solvents. 


4.  AMORPHOUS  WELDING 

One  of  the  major  technological  difficulties 
for  thermoplastic  welding,  as  well  as  for 
other  processing  techniques,  is  the  need  to 
reach  a  very  high  temperature.  As  pre¬ 
viously  described  the  possibility  to  work 
the  composite  in  the  amorphous  state  in 
order  to  reduce  that  temperature  is,  for 
APC-2,  rather  theoretical  than  practical. 
Another  method  to  reduce  processing  tempe¬ 
rature  for  semycr i stal 1 ine  thermoplastics 
is  based  on  addition  of  a  different  amor¬ 
phous  polymer,  having  a  Tg  lower  than  the 
Tm  of  the  semicrystal  1  ir.e  •>ne.  Further  than 
decreasing  the  welding  temperature,  the  use 
of  an  amorphous  layer  gives  the  additional 
advantage  to  operate  with  a  welding  zone 
"lower  melting"  than  the  rest  of  composite; 
consequently,  it  is  possible  to  weld  the 
parts  minimizing  disturbance  of  the  zones 


not  involved  in  the  welding.  Thus,  the  'se 
of  the  amorphous  layer  allows  to  perform 
more  easily,  and  with  lower  disturbance  of 
the  joining  parts,  all  the  fusion  welding 
techniques  previously  mentioned. 

Furthermore,  it  is  possible  to  use  some 
techniques  like  autoclaving,  operating  with 
r.ot  too  complicate  tools.  Amorphous  wel¬ 
ding  by  autoclave  is  similar,  by  tooling 
point  of  view,  to  thermoset  secondary  bon¬ 
ding,  because  the  parts  keep  their  shape 
during  bonding,  like  the  precured  parts. 

A  meaningful  difference  is  given  by  proces¬ 
sing  time,  which  for  amorphous  bonding  is 
much  lower,  because  the  resin  is  already 
polymerized  and  does  not  need  any  cure. 

To  be  successfully  applied  to  APC-2  amor¬ 
phous  bonding,  which  has  been  patented  by 
ICI-Flberite  with  the  name  of  "Therraabond” , 
an  amorphous  polymer  (presently  Poly- 
Ether-Immide  PEI  Ultem  has  been  found  to  be 
the  most  suitable)  needs  to  be  consolidated 
on  the  surface  of  the  parts  to  be  joined. 
PEI  and  PEEK  have  been  found  to  form  a 
blend,  and  the  adhesion  of  the  parts  de¬ 
pend  on  compenetration  by  molecular  diffu¬ 
sion  of  the  two  phases. 

The  nature  of  the  PEEK-PEI  blends  has  been 
investigated  by  thermal  analysis  (5).  For 
blends  PEEK-PEI  with  different  PEI  content 
a  single  glass  transition  temperature  has 
been  observed,  and  its  value  can  be 
satisfactorily  evaluated  by  a  theoretical 
equation.  The  effect  of  the  amorphous  PEI 
on  the  PEEK  crystallinity  is  of  simple  di¬ 
lution;  the  heat  of  fusion  of  the  blends, 
in  fact,  is  proportional  to  the  PEEK 
content . 

The  evaluation  of  crystallinity  of  PEEK-PEI 
blends  cooled  at  different  cooling  rates 
showed  a  processabil. ty  window  narrower 
than  the  one  observed  for  neat  PEEK.  In 
fact  amorphization  of  the  blend  by  quen¬ 
ching  is  observed  for  cooling  rates  (above 
lOO^C/min)  lower  than  the  ones  needed  to 
amorphize  neat  PEEK. 


5.  EVALUATION  OF  AMORPHOUS  BONDED  JOINTS 

A  program  aimed  to  evaluate  mechanical 
strength  of  amorphous  joints  exposed  to 
aeronautical  fluids  has  been  performed. 

The  joints  have  been  fabricated  by  overlap 
of  two  panels  obtained  laying  up  16  plies 
of  APC-2  with  a  quasi  isotropic  configura¬ 
tion;  on  the  surface  PEI  plies  have  been 
added  during  consolidation  of  the  composite 
panel.  The  overlap  geometry  is  showed  in 
f ig. 2 . 

Different  process  parameters  have  been  eva¬ 
luated  to  found  the  optimum  conditions,  :  oth 
for  panel  consolidation  and  joint  bonding. 
The  evaluated  consolidation  variables  are: 
consolidation  apparatus  (press  or  auto¬ 
clave),  pressure,  thermal  history  (tempera¬ 
ture  vs.  time),  thickness  of  the  additional 
PEI  layer:  the  evaluated  joining  variables 
ha”e  been:  method  to  give  pressure  and 
temperature  (by  press  or  by  autoclave), 
pressure,  thermal  history  (temperature  vs. 
time),  thickness  of  PEI  insert. 

Optimum  parameters  have  teen  established  on 


the  basis  of  shear  strength  tests,  perfor¬ 
med  on  single  lap  joint  shear  specimens 
obtained  from  the  joints  showed  in  fig.  2 
and  tested  per  ASTM  D1002.  This  experimen¬ 
tal  analysis  allowed  the  detection  of  the 
best  processing  conditions  and  indicated 
that  there  is  a  wide  processability  window 
in  which  the  shear  strength  of  the  joint  is 
satisfactory. 

Several  lap  joints  were  then  fabricated 
with  the  processing  conditions  found  to  be 
optimum.  From  each  joint  five  single  lap 
shear  specimens  were  obtained  and  were 
exposed  to  different  environments,  to 
evaluate  the  efr-'ct  of  aging.  At  the  end 
of  the  expocure  period  shear  strength  of 
the  specimens  was  tested,  and  the  values 
were  compared  with  the  strength  of  the 
unexposed  specimens. 

The  exposition  conditions  were  the  follo¬ 
wing: 

30  days  in  Aviation  Fuel  Jet  A  at  R.T. 

30  days  in  Skydrol  at  R.T. 

30  days  in  Methilene  Cloride  at  R.T. 

30  days  in  ambient  at  R.H.  95»,  T=70“C 
(tests  both  at  R.T.  and  93*C) 

30  days  in  Methil-Ethil-iteton  (MEK)  at  R.T. 

The  individual  and  average  shear  strengths 
are  reported  in  table  1.  compared  with  the 
strength  of  specimens  tested  in  "dry"  con¬ 
ditions. 

The  results  agree  with  the  available  data 
on  the  environmental  resistance  of  PEEK  and 
PEI.  In  fact,  PEEK  demonstrates  a  very 
good  strength  to  all  the  evaluated  aggres¬ 
sive  environments,  but  PEI  dissolves  com¬ 
pletely  in  Methilene  Chloride  and  is  wea¬ 
kened  by  skydrol. 

As  listed  before,  all  the  tests  have  been 
performed  after  one  month  of  exposition; 
so,  by  the  service  performance  point  of 
view,  the  sensitivity  to  methilene  cloride, 
which  is  used  only  for  paint  stripping, 
should  be  evaluated  in  less  severe  condi¬ 
tions  . 

Sensitivity  to  skydrol  must  be  more  deeply 
evaluated,  but  also  in  this  case  one  month 
of  immersion  can  be  considered  a  very 
severe  condition. 

The  anomaly  of  the  hot  wet  properties  bet¬ 
ter  than  the  room  temperature  dry  ones  can 
be  explained  in  terms  of  toughening  by 
sligth  plast icizat ion. 


6.  CONCLUSIONS 

The  environmental  strength  of  APC-2  panels 
amorphous  bonded  by  PEI  has  been  evaluated. 
The  behaviour  has  been  found  generally 
good,  except  tor  resistance  tc  methilene- 
chloride  and  skydrol.  Some  additional  in¬ 
vestigations  are  required  on  the  following 
points: 

-  Effect  of  short  term  exposure  m  solvents 
(less  than  one  month  of  immersion). 
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-  Long  term  crystallization  of  PEEK-PEI 
blends. 

-  Reciprocal  molecular  diffusion  o' 

PEI -PEEK. 

-  Possibility  to  use  different  amorphous 
layer  material  (e.g.  PAS.  PES,  etc.)  to 
bond  PEEK  matrix  composite. 
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Table  1 

Lap  Shear  Strength  of  amorphous  bonded  joints 
exposed  to  different  environments 


Exposui 

-e  Condit 

ion 

:  DRY 

WET 

HOT 

WET  (1) 

JET 

FUEL 

SKYDROL 

MEK 

METHILEN 

CHLORIDE 

:  27.2 

24.3 

36.1 

25.0 

9.6 

29.9 

(2) 

:  28.6 

25.3 

38.5 

24.8 

9.0 

31.9 

(2) 

:  28.3 

25.9 

35.8 

24.3 

7.9 

30.7 

(2) 

:  27.6 

26.9 

36.1 

25.9 

8.5 

32.5 

(2) 

:  28.2 

27.2 

33.9 

25.8 

7.6 

31.3 

(2) 

:  28.0 

25.9 

36.1 

25.2 

8.5 

31.3 

(2) 

(1)  Exposed  30  days  95*  R.H.,  T=  70°C,  tested  at  93°C. 

(2)  Joints  dissolved  during  exposition. 
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SUMMARY 

NASA  Langley  and  the  U.S.  Army  have  jointly  sponsored  pro¬ 
grams  to  assess  the  effects  of  realistic  flight  environments  and 
ground-based  exposure  on  advanced  composite  materials  and 
structures.  Composite  secondary  structural  components  were 
initially  installed  on  commercial  transport  aircraft  in  1973; 
secondary  and  primary  structural  components  were  installed 
on  commercial  helicopters  in  1979;  and  primary  structural 
components  were  installed  on  commercial  aircraft  in  the  mid- 
to-late  1980's.  Over  5.3  million  total  component  flight  hours 
have  been  accumulated  on  350  composite  components  since 
1973.  Service  performance,  maintenance  characteristics,  and 
residual  strength  of  numerous  composite  components  ate  re¬ 
ported.  In  addition  to  data  on  flight  components;  10-year 
ground-based  exposure  test  results  on  matenal  coupons  are 
reported.  Comparisons  between  flight  and  ground-based  en¬ 
vironmental  effects  for  several  composite  material  systems  are 
also  presented.  Test  results  indicate  excellent  in-service  per¬ 
formance  with  the  composite  components  during  the  15  year 
evaluation  period.  Good  correlation  between  ground-based 
material  performance  and  operational  structural  performance 
has  been  achieved. 


INTRODUCTION 

The  influence  of  operational  and  ground-based  environments 
on  the  long-term  durability  of  advanced  composite  materials 
and  aircraft  components  fabricated  from  them  is  an  ongoing 
concern  of  aircraft  manufacturers  and  airline  operators.  Some 
of  the  uncertainties  include  the  effects  of  moisture  absorption, 
temperature  cycling,  ultraviolet  radiation,  lightning  strikes, 
and  long-term  sustained  stress.  As  a  result  of  these  concerns, 
NASA  Langley  and  the  U.S.  Army  initiated  flight  and  gtound- 
based  environmental  effecls  programs  to  assess  the  perfor¬ 
mance  of  composite  materials  and  structures  when  subjected 
to  normal  operational  environments.  Secondary  and  primary 
structural  composite  components  have  hern  in  service  cn 
transport  aircraft  ?nd  helicop,ers  since  the  early  I970's  Ser¬ 
vice  performanc  has  been  docu'-c.ited  and  residual  strength 
tests  were  performed  to  assess  the  effects  of  flight  environ¬ 
ments  on  structural  performance.  Since  most  aircraft  spend 
a  considerable  portion  of  their  service  life  on  the  ground,  a 
senes  of  coupon  tests  were  performed  to  assess  the  effects 
of  ground-based  envuonments  on  several  composite  matenal 
systems  Residual  strength,  stiffness,  and  moisture  absorp¬ 
tion  as  a  function  of  exposure  time  were  determined  and  the 
results  are  compared  with  tests  on  composite  structural  com¬ 
ponents  removed  from  service  The  purpose  of  this  paper  is  to 
summarize  the  result-,  of  10  years  of  environmental  exposure 
of  composite  matenals  and  to  discuss  results  for  15  years  of 
flight  service  of  composite  components  on  transport  aircraft 
and  helicopters. 


FLIGHT  SERVICE  EVALUATION  OF  COMPOSITE 
COMPONENTS 

In  1973  the  NASA  Langley  Research  Center  initiated  a  series 
of  programs  to  evaluate  the  effects  of  realistic  flight  envi¬ 
ronments  on  composite  components.  The  objective  was  to 
establish  confidents  in  the  long-term  durability  of  advanced 
composites  through  flight  service  of  numerous  composite 
components  on  transport  aircraft.  Emphasis  was  on  commer¬ 
cial  aircraft  because  of  their  high  utilization  rates,  exposure  to 
worldwide  environmental  conditions,  and  systematic  mainte¬ 
nance.  The  experimental  composite  components  allowed  the 
airlines  to  develop  inspection  and  repair  procedures  prior  to 
making  production  commitments.  In  1979  NASA  Langley 
and  the  U.S.  Army  initiated  joint  programs  to  evaluate  com¬ 
posite  components  on  commercial  and  military  helicopters. 
Although  helicopters  accumulate  fewer  flight  hours  than  trans¬ 
port  aircraft,  in  many  instances  the  environments  and  fatigue 
loading  are  more  severe  for  the  helicopter  components.  Pri¬ 
mary  emphasis  for  the  helicopter  components  is  to  establish 
the  effects  of  realistic  operating  service  environment-,  on  the 
strength  of  primary  and  secondary  composite  components. 
These  environmental  factors  can  then  be  applied  with  more 
confidence  and  lew  conservatism  in  the  future  design  of  com¬ 
posite  components. 


Component  Description 

The  transport  aircraft  that  are  flying  composite  components 
in  the  NASA  Langley  service  evaluabon  program  are  shown 
in  figure  1.  Eighteen  Kevlar-49/epoxy  fairings  have  been  in 
service  on  Lockheed  L- 1011  aircraft  since  1973.  In  1982. 
eight  graphite/epoxy  ailerons  were  installed  on  four  L-10II 
aircraft  for  service  evaluation.  One  hundred  and  eight  B737 
graphite/epoxy  spoilers  have  been  in  service  on  seven  dif¬ 
ferent  commercial  airlines  in  worldwide  service  since  1973 
Ten  B737  graphite/epoxy  horizontal  stabilizers  have  been 
installed  on  five  aircraft  for  commercial  service  Fifteen 
graphite.’-poxy  DC- 10  upper  aft  rodders  have  been  in  ser¬ 
vice  on  twelve  commercial  airlines  and  three  boron/aluminum 
a ft  pylon  skm  panels  were  installed  on  DC- 10  aircraft  m 
1975  One  graphite/epoxy  verncal  stabilizer  was  installed 
cn  a  DC  10  aircraft  in  1987  Ten  graphite/epoxy  elevators 
have  been  in  service  on  B727  aircraft  since  1980  In  ad¬ 
dition  to  the  commercial  aircraft  components  indicated  in 
figure  1,  two  boron/epoxy  reinforced  aluminum  center-wing 
boxes  have  been  in  service  on  U  S  Air  Force  C-130  transport 
aircraft  since  1974  Details  of  the  structural  design  concept 
and  manufacturing  procedures  used  for  each  component  can 
be  found  in  reference  I  The  transport  .urlines/operaiors  par¬ 
ticipating  tn  the  NASA  Langley  flight  service  program  are 
listed  in  figure  2  The  airlines  were  selected  to  represent  dt- 

nimble  r^lim.  wv< 
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The  helicopters  that  are  flying  composite  components  in  the 
NASA  Langley/U.S.  Army  servi  e  evaluation  program  are 
shown  in  figure  3.  Forty  shipsets  af  Kevlar-49'epoxy  doors 
a.'d  fairings  and  graphite/epoxy  vertical  fins  have  been  in¬ 
stalled  on  Bell  206L  commercial  helicopters  for  10  years  of 
service  evaluation.  The  helicopters  are  operating  in  diverse 
environments  in  Alaska.  Canada.  U.S.  Gulf  Coast,  Northeast 
U.S.,  and  Southwest  U.S.  Selected  components  ate  periodi¬ 
cally  removed  from  service  for  residual  strength  testing.  De¬ 
tails  on  the  design,  fabrication,  and  test  of  the  Bell  206L 
composite  components  can  be  found  in  reference  2. 

Ten  graphite/epoxy  tail  rotors  and  four  hybrid  Kevlar-49- 
graphite/epoxy  horizontal  stabilizers  were  removed  periodi¬ 
cally  from  Sikorsky  S-76  production  helicopters  to  determine 
the  effects  of  realistic  operational  service  environments.  Static 
and  fatigue  tests  were  conducted  on  the  components  removed 
from  service,  and  the  results  were  compared  with  baseline 
certification  test  results.  Details  on  the  design,  fabrication, 
and  test  of  the  S-76  composite  components  are  reported  in 
reference  3. 

A  Kevlar-49/epoxy  cargo  ramp  skin  is  installed  on  a  U.S. 
Marine  Corps  CH-S3D  helicopter  for  service  evaluation.  De¬ 
tails  of  the  design,  fabrication,  and  installation  of  the  cargo 
ramp  skin  are  reported  in  reference  4.  The  helicopter  air¬ 
lines/operators  participating  in  the  NASA  Langley/U.S.  Army 
flight  service  program  are  listed  in  figure  4. 

As  indicated  in  figure  S,  the  NASA  Langley  flight  service 
program  that  was  initiated  in  1973  included  a  total  of  350 
composite  components.  As  of  June  1991,  139  components 
were  still  in  service;  more  than  5.3  million  component  flight 
hours  had  been  accumulated,  with  the  high-time  aircraft 
having  more  than  58,000  flight  hours.  Seme  components  were 
removed  from  service  for  residual-strength  testing,  and  others 
were  retired  due  to  damage  or  other  service-related  problems 
that  are  discussed  herein. 

MAINTENANCE,  REPAIR,  AND  STRUCTURAL 
PERFORMANCE 

Transport  Components 

For  the  first  several  years  of  the  flight  service  evaluation  pro¬ 
gram,  the  composite  components  were  tracked  and  inspected 
by  aircraft  manufacturer  engineering  personnel.  Later  in  the 
program,  maintenance  and  repair  data  were  obtained  from 
the  airline  maintenance  personnel.  O’eraU,  the  composite 
components  have  performed  better  than  conventional  metallic 
structures  because  of  reduced  corrosion  and  fatigue  problems. 
However  some  operational  maintenance  concerns  surfaced 
with  die  composite  components  during  the  15  year  service 
evaluation.  Some  of  the  concerns  were  considered  to  be  mi¬ 
nor.  whereas  some  of  the  components  may  require  design 
changes  before  the  aircraft  manufacturers  are  ready  to  com¬ 
mit  to  production  of  composite  components.  One  area  that 
needs  more  attenuon  in  future  designs  is  unproved  lightning 
protection  schemes 

L-I0II  Kevlar -49/ Epoxy  Fairings 

The  photographs  shown  in  figure  6  indicate  various  types  of 
damage  incurred  by  the  L-I01I  Kevlar-49/epoxy  fairings  in 
service  Minor  impact  damage  from  equtpmen;  and  foreign 
objects  has  been  noted  on  several  fainngs,  pnmanly  the  hon¬ 
eycomb  sandwich  wing-to-body  fainngs.  Surface  cracks  and 
indemaoons  have  been  repaired  with  filler  epoxy  and,  in  gen¬ 
eral,  the  cracks  have  not  propagated  with  continued  service 
Paint  adherence  has  been  a  minor  problem,  particularly  for 
pans  that  have  been  in  contact  with  hydraulic  fluid  Frayed 
fastener  holes  have  heen  noted  in  several  fainngs.  primar¬ 
ily  due  to  nonoptimum  dnlling  procedures  and  improper  fit 
Elongated  holes  have  been  noted  pnmanly  due  to  improper 
fit  and  nonuruform  fastener  load  distnbution  There  have  heen 


no  moisture  intrusion  problems  with  the  Kevlar -19/epoxy  fair¬ 
ings,  and  they'  have  performed  similar  to  production  fiber- 
giass/epoxy  fairings.  The  fainngs  are  suit  in  service,  and  the 
three  participating  airlines  are  monitoring  their  performance 
during  normal  maintenance  inspections.  Additional  details  on 
the  design,  fabrication,  and  service  evaluation  of  the  Kevlar- 
49/epoxy  fairings  are  presented  in  references  5  and  6. 

B737  Graphite! Epoxy  Spoilers 

The  B737  spoiler  skins  were  fabricated  with  three  differ¬ 
ent  graphite/epoxy  systems:  T3 00/5 209.  T300/2544,  and 
AS/3501.  Aluminum  honeycomb  substructure  and  aluminum 
fittings  were  similar  to  those  used  in  production  aluminum 
spoilers.  During  the  15  year  service  evaluation  period,  several 
types  of  in-service  damage  were  encountered.  Over  75  percent 
of  the  damage  incidents  were  related  to  design  details.  The 
most  prevalent  damage  was  caused  by  actuator  rod  interfer¬ 
ence  with  the  graphite/epoxy  skin.  This  problem  was  resolved 
by  redesigning  the  actuator  rod  ends.  The  second  most  fre¬ 
quent  damage  was  caused  by  moisture  intrusion  and  corrosion 
at  the  splice  between  the  center  hinge  fitting  and  spar.  This 
damage  could  be  prevented  by  redesigning  the  splice  to  pre¬ 
vent  disbonds  between  the  skin  and  spar  cap.  Miscellaneous 
cuts  and  dents  related  to  airline  usage  were  also  encountered. 
Damage  due  to  hailstone,  bird  strike,  and  ground  handling 
equipment  was  noted  on  several  spoilers.  Minor  repairs  were 
performed  by  the  airlines  after  proper  instruction  by  Boeing 
repair  personnel.  Because  of  the  expense  involved,  spoilers 
with  major  damage  were  removed  from  service. 

A  typical  corrosion  damage  scenario  for  a  splice  between  the 
center  hinge  fitting  and  spar  is  shown  in  figure  7.  The  corro¬ 
sion  damage  can  be  characterized  by  three  phases  of  develop¬ 
ment.  Phase  1  involves  corrosion  initiation  at  an  aluminum 
fitting  or  at  the  aluminum  spar  splice.  The  corrosion  initiates 
due  to  moisture  intrusion  through  cracked  paint  and  sealant 
material.  If  the  corrosion  products  arc  not  removed  and  new 
sealant  applied,  the  damage  progresses  to  pha«-r  2  where  mois¬ 
ture  penetrates  under  the  gnphite/epory  skin  along  the  alu¬ 
minum  C-channel  front  spar.  Normal  service  loads  combined 
with  moisture  contribute  to  crack  growth  and  subsequent  cor¬ 
rosion.  If  the  phase  2  corrosion  is  not  repaired,  the  damage 
progresses  to  phase  3  where  extensive  skin-to-spar  separa¬ 
tion  takes  place.  Phase  3  corrosion  can  result  in  significant 
strength  and  stiffness  loss.  It  takes  about  2  years  for  the  corro¬ 
sion  to  progress  from  phase  1  to  phase  3.  Design  changes  and 
improved  sealing  methods  could  prevent  corrosion  damage  in 
composite-metal  interfaces. 

Residual  strength  tests  were  conducted  on  37  graphite/ 
epoxy  spoilers  to  establish  the  effects  of  service  environments. 
The  spoilers  were  tested  with  compression  lord  pads  on  the 
upper  surface  to  simulate  airloads.  Trailing  edge  up  deflection 
was  measured  as  a  function  of  applied  loaj  for  each  spoiler 
tested.  The  test  results  are  compared  with  the  strength  of  16 
new  spoilers  in  figure  8.  The  strength  for  each  spoiler  through 
6  years  of  service  generally  falls  within  the  strength  scatter 
band  for  the  baseline  spoilers.  However,  spoilers  with  signif¬ 
icant  corrosion  damage  which  were  tested  after  7  and  8  years 
of  service,  respectively,  indicated  a  35  percent  strength  re¬ 
duction.  An  additional  T300/2544  spoiler  with  no  corrosion 
damage  was  tested  after  7-1/2  years  of  service,  which  ven- 
fted  that  the  7  year  strength  reduction  was  related  to  corrosion 
damage.  Three  spoilers  tested  after  9  years  of  service  with 
little  or  no  r  vrosion  damage  exhibited  strengths  equai  to  the 
strength  of  the  baseline  spoilers.  An  AS/3501  spoiler  with 
10  years  of  service  and  known  corrosion  damage  faded  ji 
78  percent  of  the  average  strength  cf  the  baseline  spoiler 
Two  other  spoilers  with  10  years  of  service  with  no  corro¬ 
sion  damage  failed  witbin  the  base1,  ne  strength  scatter  hand 
Spoilers  tested  after  12  vears  of  service  tailed  at  or  ihove 
the  average  strength  of  t,«e  baseline  spoilers  One  spoiler  that 
had  known  corrosion  damage  after  15  vears  of  service  tailed 
..  about  75  percent  ot  the  strength  of  baseline  spoilers 
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Load-deflection  response  of  spoilers  with  10  yean  and 
15  yean  of  service  time  are  compared  with  the  response 
of  baseline  spoilers  in  figure  9.  The  10  year  spoiler  with 
known  corrosion  damage  failed  at  about  78  percent  of  the 
baseline  strength.  However,  the  15  year  spoiler  with  almost 
38,000  flight  hours  failed  at  about  8  percent  above  the  base¬ 
line  strength.  Additional  details  of  service  experience  with 
the  spoilers  can  be  found  in  reference  7. 

DC-10  Boron! Aluminum  Aft  Pylon  Skins 

One  of  the  three  boron/aluminum  skin  panels  on  the  DC- 10 
aircraft  was  removed  from  service  after  7  years  because 
of  corrosion  damage.  The  photograph  shown  in  figure  10 
indicates  that  the  outer  layer  of  boron  filaments  on  the  inside 
of  the  panel  was  almost  completely  exposed.  The  panel 
contained  a  light  residue  of  ester  oil  similar  to  engine  oil; 
however  the  specific  corrodent  was  not  identified.  A  second 
pcnel  also  had  some  corrosion  damage  and  a  small  crack,  but 
the  panel  is  still  in  service  and  is  being  monitored  closely 
to  check  for  crack  growth  and  further  corrosion  damage. 
The  crack  in  the  panel  was  probably  caused  by  exterior 
mechanical  damage  during  removal  and  reinstallation  of  the 
panel  during  inspection.  It  has  been  concluded  that  the  method 
of  corrosion  protection  used  was  inadequate.  In  general,  the 
boron/aluminum  panels  have  not  performed  as  well  as  similar 
production  titanium  panels.  Additional  details  on  the  DC-10 
boron/aluminum  skin  panels  are  presented  in  reference  8. 

DC-10  Graphite! Epoxy  Rudders 

There  have  been  several  incidents  which  required  rudder 
repairs.  The  damage  sustained  by  the  rudders  included 
minor  disbonds,  rib  damage  due  to  ground  handling,  and  skin 
damage  due  to  lightning  strike.  Figure  1 1  shows  minor  in- 
service  lightning  strike  damage  to  the  trailing  edge  of  a  rudder 
and  rib  damage  that  occurred  while  a  rudder  was  off  the 
aircraft  for  other  maintenance.  The  lightning  strike  damage 
was  limited  to  the  outer  four  layers  of  graphite/epoxy  and  a 
room  temperature  repair  was  performed  in  accordance  with 
procedures  established  at  the  time  the  rudders  were  certified 
by  the  FAA.  The  rib  damage  was  mote  extensive  and  a  portion 
of  a  rib  was  removed  and  rebuilt.  A  detailed  discussion  of 
the  repair  procedure  is  given  in  reference  9. 

More  exteuuve  lightning  damage  was  sustained  on  another 
graphite/epoxy  rudder  as  shown  in  figure  12.  Upon  inspection 
of  the  rudder,  it  was  discovered  that  the  lightning  protection 
strap  was  inadvertently  left  off  after  the  previous  maintenance 
check.  The  skin  in  the  damaged  area  is  eight  plies  thick 
over  an  8-ply  spar  cap.  Fiber  damage  and  resin  vaporization 
extended  through  the  skin  forward  of  the  spar,  and  the  skin 
and  spar  cap  aft  of  the  rear  par  were  completely  destroyed. 
Details  of  the  repair  procedures  are  given  in  reference  10. 

A  graphite/epoxy  rudder  was  removed  from  service  for  resid¬ 
ual  strength  testing  after  5.7  years  and  22.265  flight  hours 
on  Air  New  Zeala.vl  The  load-deflection  response  shown  in 
figure  13  indicates  if  at  the  5.7-year  rudder  had  an  initial  stiff¬ 
ness  higher  than  the  baseline  rudder,  but  the  overall  response 
is  similar  for  the  tv  o  rudders.  The  baseline  and  the  5. 7-year 
tests  were  stopped  at  approximately  400  percent  limit  load  be¬ 
cause  of  an  ins.ability  of  the  loading  apparatus.  Although  the 
rudders  are  designed  by  stiffness  considerations  and  only  one 
residual  strength  test  has  f»een  conducted,  the  overall  response 
of  the  rudder  indicates  that  no  degradation  has  occurred  as  a 
result  of  over  22.000  flight  hours 

B727  Graphite  Epo rv  Elevators 

Since  initiation  of  flight  service  of  10  elevators  in  I'txo.  there 
have  been  four  B',2’  graphite, epoxy  elevators  damaged  bv 
minor  lightning  strikes  and  two  elevators  damaged  during 
ground  handling  Damage  from  lichtning  stnkes  ringed  in 
seventy  from  scorched  paint  to  skin  delamination  figure  14 


shows  typical  lightning  damage  to  the  trailing  edge  of  an 
elevator  and  trailing  edge  fracture  of  another  elevator  caused 
by  impact  from  a  deicing  apparatus.  The  most  severe  damage 
to  an  elevator  occurred  when  the  static  discharge  probe  of 
one  B727  penetrated  the  elevator  of  another  B727  during 
ground  handling.  Skin  panels  were  punctured,  four  holes  in 
the  lower  surface  and  one  hole  in  the  upper  surface,  and  the 
lower  horizontal  flange  at  the  front  spar  was  cut  inboard  of 
the  outboard  hinge.  All  the  elevator  repairs  were  performed 
by  airline  maintenance  personnel. 

The  lightning  damage  was  repaired  with  epoxy  filler  and 
milled  glass  ft  ben  The  skin  punctures  were  repaired  with 
T300/5208  prepreg  fabric  and  Nomex  honeycomb  core  plugs. 
The  from  spar  was  repaired  with  a  machined  titanium  doubler, 
which  was  mechanically  fastened  to  the  lower  skin  flange  of 
the  spar  chord.  The  repaired  graphite/epoxy  elevators  are  in 
storage  and  can  be  reinstalled  for  continued  service.  Details 
of  the  design  and  fabrication  of  the  graphite/epoxy  elevators 
are  given  in  reference  1 1 . 

L-1011  Graphite! Epoxy  Ailerons 

During  the  9  year  service  evaluation  period  there  have  been 
no  damage  incidents  or  major  maintenance  actions  required. 
Minor  paint  touch-up  has  been  performed  periodically  and 
loose  fibers  around  one  fastener  hole  on  the  Lockheed  com¬ 
pany  aircraft  were  rebonded  with  epoxy.  Details  of  the  flight 
service  evaluation  program  are  repotted  in  reference  12. 

B737  Graphite! Epoxy  Horizontal  Stabilizers 

There  have  been  three  reported  damage  incidents  on  the  B737 
horizontal  stabilizers.  De-icer  impact  damage  was  induced 
on  the  upper  surface  panel  of  both  stabilizers  on  one  aircraft. 
These  impacts  were  minor  and  damage  was  limited  to  the 
skin,  not  affecting  the  stiffener  elements.  The  third  stabilizer 
was  damaged  when  a  broken  fan  blade  penetrated  the  lower 
surface  of  the  stabilizer.  The  penetration  missed  the  stiffener 
elements  and  damage  was  limited  to  a  small  area  of  the  skin 
panel.  All  three  of  the  stabilizers  were  repaired  on  the  aiicraft 
using  wet  lay-up  cure  techniques  per  specifications  developed 
by  Boeing.  Figure  15  shows  details  of  the  in-servi-e  repair 
process. 

One  of  the  B737  aircraft  with  composite  stabilizers  crashed 
in  Alaska  in  June  1990.  The  graphite/epoxy  stabilizers  were 
returned  to  Boeing  for  inspection,  teardown.  and  testing.  Fig¬ 
ure  16  shows  a  photograph  of  one  of  the  stabilizers.  No 
“non-crash”  induced  delaminarions  were  found  and  there  was 
no  corrosion  of  metal-composite  interfaces  These  results  in¬ 
dicate  the  effectiveness  of  the  fiberglass  isolation  system  that 
was  used  to  prevent  galvanic  corrosion  between  graphite  and 
metal  parts.  Boeing  plans  to  conduct  residual  strength  tests 
on  material  coupons  machined  from  skin  panels  and  com¬ 
pare  results  with  baseline  tests.  Details  on  the  development 
of  ihe  graphite/epoxy  horizontal  stabilizers  are  reported  in 
reference  13 

DC- 10  Graphite  Epoxy  Vertical  Stabilizer 
One  graphite/epoxy  vertical  stabilizer  has  been  in  service 
on  a  DC-10  aircraft  since  January  1987  Three  inspections 
have  been  performed  by  Douglas  engineenng  personnel  and 
no  defects  have  been  found  The  graphite/epoxy  Nomex 
honeycomb  slun  panels  have  been  x-rayed  and  no  moisture 
has  been  found  in  ihe  core  Ultrasonic  inspections  of  solid 
laminates  have  been  conducted  .innually  and  no  disbonds  or 
other  defects  have  been  indicated 

C-IJ0  Boron  Epoxx  Reinfor .  eJ  Wing  Pox 
Two  horotVepoxy  reinforced  wing  boxes  have  been  in  service 
on  l  S  Air  Force  C-130  aircraft  since  1974  The  wing  Nixes 
have  been  inspected  regularly  by  l'  S  Air  Force  personnel 
and  no  damage  or  defects  have  been  found  These  wing  boxes 
provide  significant  improvement  in  fa  ,ue  hte  compared  lo 
conventional  aluminum  boxes 
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Helicopter  Components 

The  helicopter  components  involved  in  the  NAS  A/US. 
Army  flight  service  evaluation  program  have  been  installed 
on  Sikorsky  S-76  and  Bell  206L  commercial  helicopters. 
The  S-76  graphite/epoxy  tail  rotor  spars  and  the  hybrid 
graphite-Kevlar/epoxy  horizontal  stabilizers  are  production 
parts.  These  pans  are  subjected  to  normal  maintenance  in¬ 
spection  for  damage  every  100  flight  hours  and  an  inspec¬ 
tion  for  structural  damage  annually  or  after  1000  flight  hours. 
The  Bell  206L  Kevlar/epoxy  fairings  and  doors  and  the 
graphite/epoxy  vertical  fins  are  inspected  annually  or  after 
1200  hours  of  service  for  evidence  of  damage,  repair,  exces¬ 
sive  wear,  or  weathering.  Except  for  Keviai/epoxy  baggage 
doors  on  the  206L,  the  composite  components  have  demon¬ 
strated  good  service  performance.  Because  of  poor  bonding 
between  facesheets  and  honeycomb  core,  the  206L  baggage 
doors  were  removed  from  the  service  evaluation  program. 

Sikorsky  S-76  Composite  Components 

Four  horizontal  stabilizers  and  1 1  tail  rotor  spars  have  been 
removed  from  aircraft  and  tested  over  a  9  year  evaluation 
period.  The  components  were  inspected  prior  to  residual 
strength  testing  and  no  significant  service-induced  defects 
or  damage  were  found.  Figure  17  shows  predicted  and 
measured  moisture  absorption  data  and  strength  retention  of 
AS1/6350  tail  rotor  spars.  All  the  spars  were  removed  from 
helicopters  operating  in  the  Louisiana  Gulf  Coast  region. 
Weather  data  from  L-alte  Charles.  LA  were  used  in  predicting 
the  moisture  absorption  profile.  Measured  moisture  absorption 
values  shown  in  figure  17  are  below  the  prediction  by  0.05  to 
0.15  percent  for  service  times  up  to  40  months  and  are 
above  the  predicted  values  by  0.1  to  0.30  percent  for  service 
times  beyond  70  months.  During  the  development  of  design 
allowables  and  FAA  certification  testing,  Sikorsky  conducted 
accelerated  conditioning  at  87  percent  relative  humidity  and 
88°C  on  material  coupons.  The  predicted  moisture  saturation 
level  for  AS  1/6350  graphite/epoxy  was  1.1  percent.  After 
9  years  of  service,  the  moisture  level  in  the  ASI/6350  tail 
rotor  spars  was  slighdy  below  1.0  percent.  Cyclic  shear  stress 
as  a  function  of  cycles  to  failure  for  the  flight  service  tail 
rotor  spars  is  shown  in  figure  17.  along  with  data  for  baseline 
dry  spars  tested  at  room  temperature  for  FAA  certification. 
The  shape  of  the  curves  was  based  on  interlaminar  shear 
fatigue  tests.  The  results  in  figure  17  indicate  a  95  percent 
strength  retention  for  the  service  exposed  spars  compared  to 
the  baseline  strength  data  used  for  certification. 

Structural  response  of  the  S-76  composite  horizontal  stabiliz¬ 
ers  is  shown  in  figure  18.  Proof  load  deflection  data  for  the 
four  stabilizers  returned  from  service  indicate  deflections  be¬ 
low  the  maximum  allowable  deflection  of  0.41  cm,  indicating 
no  significant  stiffness  loss  The  maximum  moisture  content 
for  the  stabilizers.  0  49  percent,  occurred  after  91  months  of 
service  and  5846  flight  hours.  Full  moisture  saturation  has 
rot  yet  been  reached.  Vibratory  roll  moment  as  a  function  of 
cycles  to  failure  is  ploned  in  figure  18.  The  three  stabilizers 
with  56,  66.  and  91  months  of  service  were  fatigue  tested  at 
applied  loads  exceeding  loads  used  for  FAA  certification.  The 
average  vibratory  roll  moment  at  failure  for  the  service  ex¬ 
posed  stabilizers  was  approximately  2  percent  higher  than  the 
corresponding  roll  moment  for  the  baseline  stabilizers  used 
for  certification  The  shape  of  the  curves  was  established  by 
evaluating  graphite/epoxy  and  Kevlar/epoxy  coupons  in  the 
laboratory  The  same  shape  wjs  assumed  to  apply  to  full 
scale  components  Additional  details  on  the  S-76  flight  ser¬ 
vice  program  can  be  found  in  reference  14 

Bell  206L  Composite  Components 

A  tot  d  of  78  composite  components  have  been  emoved  from 
service  for  structural  tesmg  The  exposure  times  range  from 
12  to  84  months  and  flight  times  range  from  386  to  6750 
hours  Moisture  absorption  and  strength  retention  data  for 


T300/E-788  vertical  fins  are  shown  in  figure  19.  The  mois¬ 
ture  content  was  determined  by  drying  plugs  removed  from 
the  fins.  The  plugs  included  palmed  graphite/epoxy  skins,  ad¬ 
hesive,  and  honeycomb  core  material.  The  average  moisture 
content  measured  for  the  fins  is  approxim  alley  1.1  percent  by 
weight.  The  fins  operating  in  the  humid  Gulf  of  Mexico  had 
moisture  contents  slightly  higher  than  those  for  fins  operating 
in  other  exposure  locations.  The  residual  strengths  for  1 5  fins 
removed  from  service  exceeded  the  design  ultimate  strength 
requirement.  Failure  loads  for  12  of  the  fins  fall  within  the 
baseline  scatter  band  for  five  fins  selected  at  random.  One 
of  the  fins  operating  in  the  northeast  USA  and  Canada  was 
struck  by  lightning.  This  fin  was  damaged  at  the  top  but  no 
apparent  damage  was  inflicted  on  the  structural  box.  This 
damaged  fin  failed  below  the  baseline  scaner  band,  but  well 
above  the  design  ultimate  requirement. 

Moisture  absorption  and  strength  retention  data  for  Kevlar- 
49/F- 1 85  titter  doors  are  shown  in  figure  20.  Average  moisture 
content  for  the  litter  doors  is  approximately  2.0  percent.  This 
high  moisture  content  was  expected  since  laboratory  tests 
and  other  outdoor  exposure  tests  indicated  that  Kevlar/epoxy 
composites  absorb  about  twice  the  moisture  of  graphite/epoxy 
composites.  There  is  considerable  scatter  in  the  strength  data 
for  the  IS  litter  doors  that  were  removed  from  service  and 
tested.  All  the  litter  doors  exceeded  the  design  ultimate 
strength  requirement.  Seven  liner  doors  failed  above  the 
baseline  scatter  band  and  five  litter  doors  failed  below  the 
baseline  scatter  band.  The  large  scaner  is  expected  since  some 
of  the  failures  were  a  result  of  metal  hinge  failures  and  latch 
pins  slipping  from  the  test  fixture. 

Since  the  baggage  doors  had  manufacturing  defects  and  were 
removed  from  service,  test  results  are  not  discussed  herein. 
The  forward  fairings  were  designed  by  stiffness  requirements 
and  are  considered  to  be  secondary  load-carrying  components 
All  the  fairings  failed  at  toads  at  least  a  factor  of  nine  above 
the  design  ultimate  strength  requirement.  Additional  details 
on  the  Bell  206L  flight  service  evaluation  program  can  be 
found  in  reference  15. 

CH-53D  Kevlarl  Epoxy  Cargo  Ramp  Skin 

A  Kevlar/epoxy  composite  skin  was  installed  on  the  aft  end 
of  a  CH-53D  Cargo  ramp  for  U.S.  Marine  Corps  service 
evaluation  in  1981.  The  panel  has  been  inspected  annually 
since  installation  and  no  damage  or  service  related  problems 
have  been  reported  by  the  U.S.  Marine  Corps. 

FLIGHT  AND  GROUND-BASED  ENVIRONMENTAL. 
EXPOSURE  EFFECTS  ON  COMPOSITE  COUPONS 

In  conjunction  with  the  flight  service  evaluation  program. 
NASA  Langley  and  the  U.S.  Army  initiated  four  flight  and 
ground-based  environmental  exposure  programs  The  objec¬ 
tives  of  these  programs  were  to  supplement  component  data 
with  less  expensive  coupon  data,  correlate  ground  exposure 
data  with  flight  exposure  data,  and  to  assess  the  requirement 
for  future  flight  service  programs.  The  four  programs  are 
outlined  in  Figure  21.  The  first  program.  10  year  world¬ 
wide  ground  exposure,  was  structured  to  supplement  flight 
data  obtained  through  service  evaluanon  of  B737  spoilers, 
DC- 10  rudders  and  L-I0II  famngs.  Since  the  largest  num- 
her  of  components  were  installed  on  B737  aircraft,  ground- 
based  exposure  locations  were  selected  where  B-737  jucraft 
with  graphite/epoxy  spoilers  would  be  operating  The  follow¬ 
ing  exposure  locations  were  selected.  Hampton,  VA.  San 
Diego,  CA.  Honolulu.  HI.  Frankfurt.  FRO.  Wellington. 
New  Zealand,  and  Sao  Paulo.  Brazil  The  materials  selected 
for  exposure  were  the  B737  spoiler  matenais  T3(H),52<W. 
T300/2544.  AS/3501,  the  DC- 10  rodder  material  T300/520K. 
andtheL-1011  fainng  matenais  Kevlar  4U/FI 55  and  Kevlar- 
49,FI6I  Compression  and  short  beam  shear  test  coupons 
were  selected  to  represent  matnx  dominant  failure  modes, 
whereas  flexure  coupons  were  selected  to  represent  a  fiber 
dominant  failure  mode 


The  second  program,  10  veer  ground  and  flight  exposure,  was 
structured  to  compare  ground  and  flight  exposure  data,  com¬ 
pare  the  effects  of  solar  versus  nonsolar  (partially  shielded)  ex¬ 
posure,  compare  the  effects  of  aircraft  interior  and  exterior  ex¬ 
posure,  and  to  assess  the  effects  of  long-term  sustained  stress. 
The  exposure  sites  chosen  were:  Edwards  AFB,  CA;  Dallas, 
TX;  Honolulu,  HI;  and  Wellington,  New  Zealand.  These  sites 
offered  diverse  climates  with  significant  variations  in  tempera¬ 
ture  and  humidity  conditions.  In  addition  to  ground  exposure, 
composite  coupons  were  installed  on  top  and  bottom  surfaces 
of  B737  flap-track  fairing  tail  cones  and  in  the  nonpressur- 
ized  interior  of  the  aircraft  behind  the  aft  pressure  bulkhead. 
The  objectives  of  these  exposure  locations  were  to  compare 
the  effects  of  direct  solar  and  nonsolar  exposure  and  to  com¬ 
pare  the  effects  of  interior  and  exterior  aircraft  exposure.  One 
additional  material,  T3 00/934,  and  an  additional  matrix  dom¬ 
inate  test:  (+4S/-45)],  tension  coupon  were  added  to  the  list 
of  materials  and  test  coupons  discussed  previously. 

The  third  program.  10  year  Bell  20b L  ground  exposure,  was 
structured  to  support  the  Bell  206L  helicopter  flight  service 
program.  The  composite  materials  used  to  fabricate  the 
flight  service  components  were  used  in  the  ground  exposure 
program  and  are  listed  in  figure  21.  The  ground  exposure 
coupons  were  installed  on  racks  in  Hampton,  VA;  Cameron, 
LA;  on  a  U.S.  Gulf  oil  platform;  Toronto,  Canada;  and 
Fort  Greely.  AK.  The  test  coupons  were  configured  for 
compression,  short  beam  shear,  and  tension  resting. 

The  fourth  program,  9  year  Sikorsky  S-76  ground  exposure, 
was  structured  to  compare  ground  and  flight  data  for  two  com¬ 
posite  materials  that  were  in  production  on  S-76  commercial 
helicopters.  The  exposure  locations  selected  were  Stratford, 
CT  and  West  Palm  Beach,  FL.  The  two  exposure  materi¬ 
als  discussed  previously  for  the  flight  components  included 
AS1/6350  and  Kevlar/5143.  Compression,  short  beam  shear, 
flexure,  and  tension  coupons  were  exposed  for  moisture  ab¬ 
sorption  determination  and  residual  strength. 

Geographic  location  of  all  the  ground-based  exposure  racks 
is  shown  in  figure  22.  Coupons  were  removed  from  exposure 
racks  at  specified  intervals  ranging  from  1-10  years  of  expo¬ 
sure.  Selected  coupons  were  dried  and  weighed  to  determine 
moisture  content  and  the  remainder  of  the  coupons  were  sub¬ 
jected  to  residual  strength  testing.  Most  coupons  were  tested 
at  room  temperature,  however  some  tests  were  conducted  at 
8T' C. 

10  Year  Worldwide  Ground  Exposure 

Triplicate  unpainted  coupons  were  mounted  in  exposure  racks 
and  placed  on  rooftops  to  receive  maximum  exposure  to 
the  environment.  The  average  residual  properties  (moisture 
content,  strength,  and  modulus  of  elasticity)  were  compared 
to  average  baseline  properties.  Test  coupons  were  removed 
from  the  racks  for  evaluation  after  1,  3,  5,  7,  and  10  years 
of  exposure.  The  objectives  of  the  test  in  this  exposure 
program  were  to  establish  the  effects  of  various  realtime 
outdoor  environments  on  the  moisture  absorption  and  strength 
of  composite  materials  and  to  compare  the  results  with  results 
obtained  from  flight  service  components. 

The  amount  of  moisture  that  composite  materials  absorb  is 
a  function  of  matrix  and  fiber  type,  temperature,  relative  hu¬ 
midity.  and  exposure  conditions.  Average  moisture  absorp¬ 
tion  (as  a  fraction  of  composite  coupon  weight)  is  plotted 
as  a  function  of  exposure  time  in  figure  23  for  the  fol¬ 
lowing  exposure  locations:  Hampton,  VA;  San  Diego.  CA; 
Honolulu,  HI;  Frankfurt.  FR.G.,  Wellington,  New  Zealand; 
and  Sio  Paulo.  Brazil.  The  T300/5208  and  T300/5209 
graphite  epoxy  materials  absorbed  the  least  amount  of  mois¬ 
ture  after  the  10  year  exposure  period,  jbout  0.7  percent  The 
AS/3501  gnphne/epoxy  absorbed  slightly  over  1.0  percent 
moisture  dunng  the  10  year  exposure  period.  The  T3 00/2544 
graphite/eposy  suffered  significant  surface  degradation  due  to 
ultraviolet  radiation  and  absorbed  about  2.0  percent  moisture 


dunng  the  10  years  of  exposure.  The  two  Kevlar-49/epoxy 
matenals  absorbed  approximately  2.5  percent  moisture  during 
the  10  year  exposure  penod.  These  results  are  expected  since 
me  Kevlar  fibers  also  absorb  moisture.  The  Brazil  and  New 
Zealand  exposures  resulted  in  the  highest  moisture  absorption 
for  all  the  materials.  These  results  are  expected  since  tire  av¬ 
erage  annual  humidity  in  Sio  Paulo.  Brazil  and  Wellington, 
New  Zealand  is  about  75  to  80  percent.  Specific  moisture 
data  for  each  exposure  site  can  be  found  in  reference  1 . 

Moisture  absorption  for  material  coupons  is  compared  with 
moisture  absorption  data  for  plugs  removed  from  B737 
graphite/epoxy  spoilers  in  figure  24.  The  coupon  data  are 
for  three  unpainted  graphite/epoxy  materials  exposed  at  San 
Diego,  CA  and  Sio  Paulo,  Brazil  for  10  years.  The  spoiler 
data  are  for  painted  honeycomb  sandwich  plugs  removed  from 
spoilers  that  had  flown  for  10  years  on  Frontier  and  VASP  air¬ 
lines.  The  results  indicate  that  the  unpainted  ground  exposed 
coupons  absorbed  significantly  more  moisture  than  the  painted 
flight  spoilers.  Although  the  spoilers  spend  a  significant  por¬ 
tion  of  time  on  the  ground,  it  is  expected  that  the  flight  profile 
would  tend  to  dry  out  the  outer  surface  of  the  material. 

The  average  room  temperature  residual  strengths  (flexure, 
short  beam  shear,  and  compression)  of  six  composite  ma¬ 
terials  for  10  years  of  outdoor  exposure  at  the  six  expo¬ 
sure  sites  discussed  previously  are  plotted  in  figure  25.  The 
graphite/epoxy  coupons  were  fabricated  with  0-degree  tape 
and  the  Kevlar/epoxy  coupons  were  fabricated  with  (0/90) 
fabric.  Three-point  flexure  tests  were  conducted  to  assess 
the  effects  of  outdoor  environments  on  surface  fiber  strength. 
The  coupons  were  tested  with  the  exposed  surface  in  com¬ 
pression;  in  general,  however,  failure  occurred  in  tension  at 
mid-span  of  the  coupons.  After  10  years  of  exposure,  the 
Kevlar-49/Fl55  material  indicated  the  largest  flexural  strength 
loss,  about  20  percent.  The  T300/2544  material,  which  had 
significant  surface  degradation  in  the  resin,  failed  at  about 
13  percent  below  the  average  baseline  strength.  The  matrix 
dominant  compression  coupons  indicated  a  similar  strength 
loss,  15  to  20  percent,  dunng  the  10  year  exposure. 

The  maximum  strength  loss  for  the  matrix  dominant  short 
beam  shear  coupons  was  about  23  percent.  Strengths  of  the 
Kevlar-49/FI55  and  T300/2544  materials  were  consistently 
below  the  baseline  scaner  hand  between  3  and  10  years  of 
exposure.  The  two  Kevlar/epoxy  materials  also  indicated  a 
loss  in  modulus  ranging  from  20  to  28  percent  during  the 
10  year  exposure.  These  results,  along  with  detailed  data 
plots  for  each  exposure  site,  are  reported  in  reference  1 . 

Ten  year  compression  strength  data  for  material  coupons  are 
compared  with  B737  graphite/epoxy  spoiler  strength  data  in 
figure  26.  The  strength  data  are  for  coupons  and  spoilers  with 
the  same  exposure  conditions  that  were  discussed  for  the 
moisture  comparison  of  figure  24.  Except  for  one  spoiler 
with  known  corrosion  damage,  the  spoilers  exhibited  residual 
strengths  that  were  slightly  higher  than  the  coupon  residual 
strengths.  As  discussed  previously,  the  spoiler  corrosion 
damage  is  a  design  related  problem  and  could  be  prevented 
through  design  changes.  These  results  indicate  excellent 
strength  correlation  between  ground  exposed  coupons  and 
flight  exposed  spoilers. 

10  Year  Ground  and  Flight  Exposure 

Coupon  exposure  locations  for  the  flight  portion  of  this  pro 
gram  are  shown  in  figure  27  Short  beam  shear,  flexure,  and 
tension  coupons  were  mounted  on  the  upper  (solar)  and  lower 
(nonsolar)  surface  of  B737  flap-track  fairing  tailcones  to  rep¬ 
resent  extenor  aircraft  exposure.  Short  beam  shear,  flexure, 
compression,  stressed  tension,  and  unstressed  tension  coupons 
were  mounted  inside  the  unpressunzed  tailcone  area  of  the  air¬ 
craft.  The  sustained  stress  tension  coupons  were  stressed  at 
20  percent  of  baseline  failure  loads  with  the  aid  of  a  calibrated 
torqued  bolt/Bellvtlle  spring  washer  load  system  The  ground 
exposure  coupons  are  shown  in  figure  28  One  side  of  the 
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exposure  rack  has  coupons  mounted  for  direct  solar  radiation 
and  one  side  is  shielded  to  prevent  direct  solar  radiation.  A 
phenolic  honeycomb  core  was  mounted  above  the  coupons  to 
prevent  direct  ultraviolet  radiation  impingement,  however,  the 
core  allowed  adequate  air  circulation  and  allowed  precipita¬ 
tion  to  drain  down  the  individual  cells  and  onto  the  coupons. 

The  effect  of  ground  exposure  on  compression  strength  of 
T300/S208.  T300/5209,  and  T300/934  graphite/epoxy  materi¬ 
als  is  shown  in  figure  29.  The  results  are  for  coupons  exposed 
on  the  shielded  nonsolar  side  of  tht  exposure  rack  at  Dallas, 
TX.  Tests  were  conducted  at  room  temperature  and  at  82°C. 
However  results  are  shown  for  the  room  temperature  tests  only 
since  extensive  grip  failures  were  evident  at  82“C.  Results  in¬ 
dicate  that  most  coupons  failed  at  or  above  the  baseline  fail¬ 
ure  strengths.  The  maximum  compression  strength  loss  was 
about  13  percent  for  the  TiOO/934  material  after  10  years  of 
exposure. 

The  effects  of  flight  and  ground  exposure  on  short  beam 
shear  strength  of  three  graphite/epoxy  materials  is  shown 
in  figure  30.  The  results  are  for  coupons  exposed  on  the 
upper  (solar)  surface  of  B737  flap-track  fairing  tailcones  on 
Aloha  Airlines  and  for  solar  exposed  material  coupons  at 
Honolulu,  HI.  The  coupons  were  tested  at  82°C  and  are 
compared  to  baseline  coupons  that  were  also  tested  at  82°C. 
An  unexplained  trend  is  evident;  a  significant  strength  loss 
after  2  to  3  years  of  exposure  with  an  increase  in  strength 
thereafter.  A  maximum  short  beam  shear  strength  loss  of 
40  percent  was  evident  for  the  T300/5209  material  after 
2  years  of  exposure  on  Aloha  Airlines.  However,  after 
10  years  of  exposure,  strength  losses  of  only  13  to  23  percent 
occurred.  The  T300/934  material  cures  at  1 77°C,  compared 
to  121°C  for  the  T300/5709  material,  however  the  T3 00/934 
material  performed  only  slightly  better  in  the  82°C  test.  The 
coupons  exposed  at  Honolulu.  HI  performed  the  same  or 
slightly  better  than  the  coupons  exposed  on  the  Aloha  Airlines 
aircraft.  The  results  of  these  tests  indicate  that  the  less 
expensive  ground-based  tests  could  be  used  to  assess  material 
performance  for  future  evaluations. 

A  comparison  between  interior  and  exterior  aircraft  exposure 
effects  on  flexure  strength  of  three  graphite,  epoxy  materials 
is  shown  in  figure  3 1 .  The  results  are  for  coupons  exposed 
on  the  upper  (solar)  surface  and  lower  (nonsotar)  surface 
of  B737  flap-track  fairing  tailcones  and  in  the  interior  of 
Southwest  Airlines  aircraft.  The  coupons  were  tested  at 
82°C  and  compared  to  baseline  coupons  tested  at  82°C.  A 
maximum  strength  reduction  of  20  percent  occurred  for  the 
T300/5209  material  exposed  on  the  upper  surface  of  the  flap- 
track  fairing  tail  cone.  Considering  test  data  scatter,  (here  is 
no  discernible  difference  between  the  effects  of  solar  exterior, 
nonsolar  exterior  or  aircraft  interior  exposure. 

The  effects  of  sustained  stress  on  tensile  strength  of  three 
graphite/epoxy  materials  exposed  outdoors  at  the  NASA  Dry- 
den  Research  Center  in  Edwards  Air  Force  Base,  CA,  are 
shown  in  figure  32.  The  unstressed  coupons  are  compared 
with  coupons  that  were  continuously  stressed  at  20  percent  of 
the  baseline  failure  stress.  The  tensile  coupons  were  tested 
at  ;-v2°C.  The  test  results  indicate  no  discernible  difference  be¬ 
tween  the  stressed  and  unstressed  coupon  data.  Small  varia¬ 
tions  above  and  below  baseline  values  are  indicrted  during  the 
10  vear  evaluation  period  Additional  details  in  the  ground 
and  flight  exposure  program  are  reported  in  reftrence  16. 

10  Year  Bell  20f>L  Ground  Exposure 

Moisture  absorption  data  for  three  Kev'ar/epoxy  fabrics  and 
one  graphite/epoxy  tape  material  are  shown  in  figure  33.  The 
painted  T300/E-788  graphite/epoxy  material  absorbed  about 
0.7  percent  moisture,  whereas  the  painted  Kevlar/epoxy  ma- 
tenals  absorbed  about  2.5  percent  moisture,  as  expected.  The 
average  residual  strengths  for  four  Bell  206L  composite  ma¬ 
terials  after  outdoor  exposure  at  five  exposure  sites  discussed 
previously  are  shown  in  figure  34  In  the  summer  of  1985 


the  exposure  racks  located  at  Cameron.  LA  and  on  the  off¬ 
shore  oil  platform  were  destroyed  by  hurricanes  Therefore, 
the  data  for  5,  7,  and  10  years  of  exposure  are  from  racks 
located  in  Hampton.  VA,  Toronto.  Canada,  and  Fort  Greeiy. 
AK.  Six  replicates  for  each  exposure  site  were  tested  for  each 
exposure  penod  The  residual  compression  strength  vanes  be¬ 
tween  88  and  101  percent  cf  the  baseline  strength.  The  short 
beam  shear  strength  varies  Le»  veen  89  and  104  percent  of  the 
baseline  strength.  The  Kevlar-4  9/LRF-277  material  exhibited 
the  largest  compression  and  sheer  strength  reductions  and  the 
T300/E-788  exhibited  no  strength  reduction.  The  residual  ten¬ 
sion  strengths  for  all  four  materials  were  within  the  baseline 
scatter  band  for  all  exposure  periods  up  to  10  years. 

Figure  35  compares  strength  retention  and  moisture  absorption 
data  for  T300/E-788  composite  coupons  with  corresponding 
data  from  Bell  206L  vertical  fins  after  3  years  of  flight  service. 
The  vertical  fins  absorbed  about  1.1  percent  moisture,  whereas 
the  5  year  ground  exposed  coupons  absorbed  about  0.7  percent 
moisture.  The  fin  moisture  content  includes  moisture  absorbed 
by  paint,  sealer,  primer,  graphite/epoxy  skins,  and  honeycomb 
core.  Strength  retention  for  compression  coupons  and  vertical 
fins  was  near  100  percent.  These  results  indicate  that  ground- 
based  coupon  strength  data  are  representative  of  strength 
retention  results  expected  from  flight  service  components. 
Additional  details  on  the  test  program  and  test  results  are 
repored  in  reference  15. 

Nine  Year  Sikorsky  S-76  Ground  Exposure 

As  discussed  previously,  Sikorsky  conducted  accelerated  lab¬ 
oratory  conditioning  tests  to  develop  environmental  factors 
that  account  for  anticipated  strengdt  reduction  as  a  function 
of  absorbed  moisture.  These  tests  were  conducted  at  87  per¬ 
cent  relative  humidity  and  88”C.  To  establish  a  correlation 
between  realtime  outdoor  exposure  and  accelerated  labora¬ 
tory  exposure,  composite  panels  were  exposed  for  9  years  in 
outdoor  racks  located  at  Stratford,  CT  and  West  Palm  Beach. 
FL.  Results  for  6-ply  AS1/63S0  short  beam  shear  and  flexure 
coupons  machined  from  the  panels  are  shown  in  figure  36. 
Residual  strength  is  plotted  as  a  function  of  absorbed  mois¬ 
ture  and  the  results  indicate  that  the  matrix  dependent  shott 
beam  shear  strength  is  affected  more  than  the  fiber  dependent 
flexure  strength.  The  accelerated  laboratory  conditioning  tests 
indicated  moisture  saturation  for  the  6-ply  laminates  at  about 
1.1  percent.  The  panels  exposed  at  Stratford  CT  absorbed 
a  maximum  of  1.13  percent  moisture,  however,  the  panels 
exposed  at  West  Palm  Beach.  FL  absorbed  a  maximum  of 
1  40  percent  moisture.  The  results  are  inconsistent  in  that  the 
5  year  panels  absorbed  the  most  moisture,  whereas  the  9  year 
panels  absorbed  the  least  amount  of  moisture.  These  results 
are  probably  affected  by  local  weather  conditions  at  the  time 
of  panel  removal. 

Strength  retention  trends  parallel  the  accelerated  laboratory 
test  data.  The  residual  flexure  strengths  for  exposed  lam¬ 
inates  exceed  95  percent  of  the  baseline  room  temperature 
dry  strength  and  also  meet  or  exceed  the  strength  of  the  ac¬ 
celerated  conditioned  specimens.  Residual  short  beam  shear 
strengths  for  exposed  laminates  vary  between  70  and  90  per¬ 
cent  of  the  baseline  strength  and  are  within  1  percent  of  the 
strength  of  the  accelerated  conditioned  specimens.  Additional 
details  of  the  ground  exposure  test  program  can  be  found  in 
reference  14. 

CONCLUDING  REMARKS 

The  influence  of  ground-based  and  aircraft  operational  en¬ 
vironments  on  the  long-term  durability  of  several  advanced 
composite  matenals  and  structural  components  has  been  stud¬ 
ied  Results  of  10  years  of  outdoor  exposure  indicate  that 
Kevlar/epoxy  material  systems  were  more  affected  by  the  var¬ 
ious  environments  than  were  graphite/epoxy  material  systems 
Residual  strength  tews  were  conducted  to  establish  the  effects 
of  vanous  environments  on  composite  matenals  Differences 
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in  the  effects  of  solar  versus  nonsolar  exposure,  aircraft  inte¬ 
rior  exposure  versus  aircraft  exterior  exposure,  and  sustained 
stress  versus  unstressed  exposure  were  not  discernible.  Some 
of  the  differences  that  might  be  expected  were  masked  by  data 
scatter. 

Numerous  aircraft  and  helicopter  composite  components  have 
been  in  service  for  more  than  15  years  and  excellent  op¬ 
erational  performance  has  been  achieved.  Normal  mainte¬ 
nance  and  in-service  related  damage  such  as  ground  handling 
damage,  foreign  object  damage,  and  lightning  strikes  have 
occurred.  Design  related  corrosion  damage  was  experienced 
on  aluminum  fittings  and  splices  on  some  graphite/epoxy  rein¬ 
forced  spoilers.  Excellent  service  and  residual  strengths  have 
been  achieved  with  composite  horizontal  and  vertical  stabiliz¬ 
ers  and  tail  rotor  spars  during  ")  years  of  helicopter  service. 
Good  performance  correlations  between  ground  exposed  ma¬ 
terial  coupons  and  flight  service  components  indicate  that 
ground-based  exposure  data  should  be  sufficient  to  predict 
long-term  behavior  of  composite  aircraft  structures.  It  is  im¬ 
portant  to  note  that  at  the  coupon  level,  nothing  was  learned 
from  exposing  materials  on  the  aircraft  that  could  not  be 
learned  from  ground-based  exposure.  A  significant  cost  sav¬ 
ing  during  aircraft  design  development  would  be  a  major 
benefit. 

Lessons  learned  in  the  NASA  Langley/L'.S.  Army  program 
indicate  that  additional  research  is  needed  to  select  better 
material  test  methods  that  result  in  less  data  scatter.  The 
environmental  exposure  programs  described  in  this  report 
would  have  oenefired  if  mote  baseline  and  post  exposure 
replicates  had  been  planned.  Future  exposure  programs  should 
consider  exposing  larger  panels  that  are  more  representative  of 
aircraft  structure.  The  logisnes  of  tracking  materials  would  be 
lessened  and  more  flexibility  m  selecting  test  coupons  would 
be  available. 

The  results  of  this  program  indicate  that  composite  materials 
can  be  applied  to  the  next  generation  of  aircraft  with  a  high 
degree  of  confidence.  With  proper  design  on  the  pan  of 
the  aircraft  manufacturer,  the  airlines  and  operators  of  future 
aircraft  should  expect  reduced  corrosion  and  fatigue  concerns 
compared  to  conventional  metallic  structures. 
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Figure  2.  Airlines  and  operators  participating  in  composite 
flight  service  program  for  transport  aircraft. 
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Figure  3.  Flight  service  composite  components  on  heli¬ 
copters. 
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Figure  15.  In-service  repair  of  B737  graphite/epoxy  hori¬ 
zontal  stabilizer. 


Figure  17.  Moisture  absorption  and  strength  retention  of 
AS  1/6350  Sikorsky  S-76  tail  rotor  spars. 
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Figure  18.  Structural  response  of  Sikorsky  S-76  composite 
horizontal  stabilizers. 


Figure  19.  Moisture  absorption  and  smagth  retention  of 
T30CVE-78*  Bell  206L  vertical  fins. 


Figure  20.  Moisture  absorption  and  strength  retention  of 
Kevlar-49/F-185  Bell  206L  litter  doors. 


Figure  22.  Geographic  location  of  ground -bs^cd  exposure 
racks 
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Figure  24.  Moisture  absorption  comparison  of  graphite/epoxy 
maienals  after  10  years  of  ground  and  flight  ex¬ 
posure 


Figure  21.  Environmental  exposure  of  composite  coupons. 
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Figure  23.  Residual  strength  of  unpainted  composite  mate¬ 
rials  after  worldwide  outdoor  exposure. 


Figure  28.  Boeing  outdoor  environmental  exposure  rack. 
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Figure  29.  Effect  of  ground-based  exposure  on  compression 
strength  of  painted  graphite/epoxy  materials. 
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Figure  30.  Effect  of  flight  and  ground-based  exposure  on 
short  beam  shear  strength  of  painted  graphile/epoxy 
materials. 


Figure  27.  Boeing  737  flight  environmental  exposure. 
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Figure  31.  Effect  of  interior  and  extenor  aircraft  exposure 
on  flexure  strength  of  p-ted  graphite/epoxy 
materials. 
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Figure  34.  Residual  strength  of  Bell  206L  panted  composite 
materials  after  outdoor  exposure. 
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Figure  32.  Effect  of  sustained  stress  on  tensile  suetigth  of 
painted  graphite/epoxy  materials  after  outdoor 
exposure. 
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Figure  33.  Strength  retention  and  moisture  absorption  of 
T300/E-788  after  5  yean  of  ground  and  flight 
exposure. 
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Figure  36.  Effect  of  moisture  on  the  residual  -trength  of 
Sikorsky  S-76  graphite/epoxy  laminates. 


Figure  33.  Moisture  absorption  of  Bell  7.06L  painted  com 
posite  materials  after  outdoor  exposure. 
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14.  Abstract 

The  purpose  of  this  Workshop  was  to  identify  the  current  state-of-the-art  in  key  issues  related  to 
compression  loading  and  tluid  effects  in  composite  materials. 

Papers  presented  revealed  some  areas  of  common  concern.  In  the  area  of  compression  loading 
there  was  considerable  concern  over  the  quite  different  results  obtained  from  various  test 
methods.  It  was  agreed  that  the  failure  modes  produced  by  the  various  test  methods  along  with  a 
better  fundamental  understanding  of  compression  failure  were  key  issues  in  the  development  of 
compression  test  methods.  In  the  area  of  fluid  effects,  a  lack  of  a  comprehensive  data  base 
hampers  identification  of  key  mechanisms  leading  to  fluid  degradation.  This  is  further 
complicated  by  the  fact  that  interactions  depend  on  th  '•■id  and  the  composite  under 
considctation. 

It  >s  hoped  that  the  Workshop,  bringing  together  the  various  experiences  of  industry,  government, 
and  universities,  has  served  in  achieving  the  goal  of  identifying  key  issues  related  to  compression 
loading  and  fluid  effects  in  composite  materials. 
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